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ABSTRACT

This project is focused on the study of a blended wing body, a concept which theoretically
promises improved aerodynamic performance over existing designs. It is an
unconventional configuration different from the commercial wing and tube design. The
examined wing body is the BW11 Eagle Ray aircraft, designed by the 2011 Group Design
Project of the Aerospace Vehicle Design MSc at Cranfield University. The baseline
model was designed for subsonic cruise and is now studied in transonic field and its
aerodynamic parameters such as lift and drag coefficients, lift-drag ratio and span wise
pressure distribution are investigated using Computational Fluid Dynamics (CFD). The
aim of the study is to analyse the aerodynamic performance of the BW11 concept at
transonic cruise Mach number as a preliminary stage in its redesign for transonic flight.
Evaluations of the results show that BW11 is reasonably good in the analysed transonic
flight conditions, so some optimizations in its design could allow to reach better

performances comparable with conventional tube-wing aircraft.
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NOMENCLATURE

Pressure Coefficient
Chord

Drag coefficient
Lift coefficient

Pitching moment coefficient

Reynolds Number based on chord

Mach Number

Drag Divergence Mach Number
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Viscous stress tensor
Specific total energy
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Specific heat capacity at constant

pressure

X1

Pa
J/Kg
J/Kg

J/kg
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2D
3D

Specific heat capacity at constant J/kg

volume
Dynamic Viscosity Pa-s
Kinematic Viscosity m?/s

Non-dimensional wall distance

Friction velocity

Shear stress of the wall Pa
Tensor product

Blended Wing Body

Computational Fluid Dynamic

Royal Aircraft Establishment

Boundary Layer Ingestion

2-Dimensional

3-Dimensional
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1 INTRODUCTION

In recent years a new concept of airplane design has started to be considered. The
blended wing body configuration consists of a wing that blends smoothly into a wide
flat, tailless fuselage. The body generates the most of the lift and some theories
suggest that the entire aircraft produces less drag than a corresponding cylindrical
fuselage/wing arrangement. The consequence is less fuel consumption and increase
of autonomy. This project is focused on the analysis of the BW11 Eagle Ray aircraft,
designed by the 2011 Group Design Project of the Aerospace Vehicle Design MSc
at Cranfield University for subsonic cruise. The aircraft has been investigated in
transonic field and the study is fundamentally from an aerodynamic point of view.
This thesis is structured as follows. Chapter 2 gives a short overview of the
motivations which has increased the interest in the study of the blended wing body
concept, and some advantages and disadvantages of this configuration are mentioned.
Moreover, some aspects of transonic aerodynamics of wing sections and supercritical
aerofoils are shown because the analysis has been carried out in transonic field, and
the BW11 uses this type of aerofoil. In addition, the aerodynamics of transonic swept
wings is explained. The aerodynamic performance has been analysed through
Computational Fluid Dynamics (CFD), where ANSYS Fluent software has been used
throughout the project to solve for the fluid flow around the body. The governing
equations including the turbulence equations for resolution of the turbulent boundary
layer which Fluent has to solve are explained in chapter 3. Chapter 4 presents the
CFD analysis of a supercritical aerofoil, which is the RAE2822, with both structured
and unstructured meshes to provide a preliminary validation of the CFD method
used. Different meshes have been studied and they are described. These have been
used to simulate the fluid flow around the aerofoil using three different turbulence
models, the aim was understanding which one is the better for blended wing body
analysis and which type of mesh is best to give accurate results at reasonable
computational time cost. The generation of the mesh over the blended wing body is
described and results of the main aerodynamic characteristics obtained using CFD
after the selection of an adequate turbulence model are introduced. Moreover, some

proposals are given to optimize and to achieve aerodynamic improvements in the

XIII



design of the aircraft. Chapter 5 summarises the results of this work and presents the

discussion of the BW11 aerodynamic performance at transonic speed.
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2 BWB CONFIGURATIONS

A Blended Wing Body (BWB) configuration consists of blended wing and
body of a conventional aircraft to generate a tail-less vehicle that includes a
bulge in the centre to enhance volume for passengers and airframe systems.
Motivations for the interest in this configuration type have been

improvements in emissions in the atmosphere and fuel consumption.

2.1. A Short Background

The Boeing B-47 which had the typical characteristics of jet airliners that fly
nowadays, took its first flight in 1947. Most commercial aircraft developed
subsequently to improve performance had the same basic shape with swept
tapered wings, rear empennage and engines hung on pylons under the wing.
Kunawala [1] states that “Their changes can be considered more evolutionary
than revolutionary”. The first studies of BWB configurations were by
Alexander Lippisch is Germany in the 1930s. Perhaps the first successful
blended wing body aeroplane was the AVRO Vulcan which was developed as

a transonic cruise bomber in the early 1950s (figure 2.1).

Figure 2.1 AVRO Vulcan [2].



A more recent study of a Blended Body (BWB) configuration was conducted
in 1988 by McDonnell Douglas because NASA was interested in long-range
transport aircraft concept [3]. Comparison of this preliminary configuration
concept with conventional aircraft pointed out that the blended configuration
was remarkably lighter and has higher lift to drag ratio [4], [5]. Moreover,
Liebeck [6] pointed out that a blended wing body was characterized by lower
fuel burn. In his studies an 800-passenger BWB and a conventional
configuration airplane were sized and compared for a 7000-n mile design range
and the author concluded that a reduction of about 30% fuel burn per seat can
be achieved with a BWB. According to Ikeda and Bil [7], from the conceptual
point of view, the BWB design is more attractive than the conventional aircraft
because the BWB concept aircraft offers the potential to become the standard
commercial aircraft in the next generation, being more fuel effective and
environmentally-friendly at the same time. They have shown the results of the
comparison of the A380 and an optimised BWB design obtained with CFD to
demonstrate that the BWB design has the potential to be more aerodynamically
efficient, because the BWB configuration performs with less energy
dissipation. In order to gain confidence of the state-of-the-art CFD simulations
Dehpanah and Nejat [8] have studied an initial scaled blended-wing-body
airframe using computational analyses in the early conceptual design stage and
developed a modified airframe based on evaluation of the initial airframe with
the aim of improving it in the early stage of the conceptual design. Key design
parameters were identified using CFD, investigating the variation of lift, drag,
and pitching moment coefficients, spanwise lift and cross-sectional area
distribution have been studied for improving the performance of the airframe.
At the end the revised airframe was proposed as a high-capacity long-range
blended-wing-body commercial transport. Wind tunnel tests were also
conducted on a 2% model of Boeing's BWB-450-1L configuration in the
NASA Langley Research Center's National Transonic Facility and the Arnold
Engineering Development Center’s 16-Foot Transonic Tunnel [9].

Characteristics of the configuration and the effectiveness of the elevons, drag

2



rudders and winglet rudders were measured at various angles of attack, yaw
angles, and Mach numbers at subsonic and transonic speeds. The data from
these tests were used to develop a high-fidelity simulation model for flight
dynamics analysis and also serve as a reference for CFD comparisons. Due to
these potential benefits, despite some challenges identified in the design, the

BWRB is seen by some researchers as the future innovation for airliners.

2.1.1. Advantages of BWB

According to Kunawala [1], the BWB configuration presents some
aerodynamic benefits which are very helpful to reduce fuel consumption that
is one of the main parameters that influence the direct operating costs (DOC)

of the aircraft. These aerodynamic advantages are stated to be:

e Lift is also generated by centre-body, so aerodynamic
performance can be improved, and wing load is reduced.

e Wetted area is maybe reduced due to the small outer wing, and
consequently the aerodynamic efficiency (L/D) increases, since
friction drag is proportional to wetted area. The absence of the
horizontal tail also reduces the friction drag.

e Reduction of interference drag due to less junctions between the
wing and body.

e The BWB’s cross-sectional area variation is similar to that of the
Sears-Haack body, which is the body with the lowest
theoretical wave drag due to volume, so BWB is characterized
by a reduction of wave drag at transonic speed.

e The aft-location of engines balances the airframe and offsets the
weight of the payload, furnishings and systems, and it also
guarantees a better efficiency with Boundary Layer Ingestion

(BLI), because the boundary layer is fully developed behind the


https://en.wikipedia.org/wiki/Wave_drag

wing. The consequence of that is the decreasing of pressure drag,
therefore the reduction in the required thrust and fuel burn.

e The reduction of bending moment, due to the fact that wing and
body are joined together. This implies a better weight
distribution along the span and consequently a lighter structure
can withstand the weight.

¢ Noise reduction due to the absence of tail and of lifting surface.
Moreover, exhaust noise is not reflected under wing surface due
to their aft-location.

e Low manufacturing cost thanks the simplicity of BWB
configuration.

e Reduction of boarding and de-boarding time and shorter take-off

field length due to its short fuselage.

These concepts are summarised in the Figure 2.2:

Aerodynamics Systems
* low wetted area to volume ratio » Potential for high integrated airframe/engines

’ f()]'m COndUCtiVC to low imerfefcn{:e ! U Idea' Conﬁgum[ion for application

drag of laminar flow
Structures \ Human Factors
 Efficient deep scction%>;jl » Huge volumetric capacity
“rn
* Promising span loading = » Flexible cabin layout potential

Economics
» Particularly suitable for high capacity application

v Significant DOC reduction should be achievable
Figure 2.2 Advantages of BWB Configuration [10].



2.1.2. Disadvantages of BWB

Notwithstanding these benefits, there are some challenges in designing these
types of configurations. Kunawala [1] and Liebeck [11] mention some of

them:

e High thickness to chord ratio, that is necessary for
accommodating of passengers and cargo, may be a problem to
maintain low drag.

e Centre-body aerofoils must be designed to provide the necessary
lift considering deck angle limitations.

e Supersonic flow that may occur on the lower surface is a
challenge because it does not typically happen with a
conventional configuration.

e Transition from the thicker centre-body aerofoil to thinner outer
wing aerofoil could be abrupt.

e Embedded engines and BLI include some challenges because
these technologies are not yet mature. For instance, the design of
low-loss inlet ducts and the control of the inlet flow distortion are
necessary.

e A BWB pressurized cabin will need to be non-cylindrical due to
the flattened body, so it is more difficult to make the structure
light and able to withstand bending loads and cabin pressure
loads.

e Outer wing aerofoils should operate at high lift coefficients to
maintain a reasonable span loading, due to their smaller chord
than centre-body aerofoil, potentially causing catastrophic buffet
(aerodynamic excitation), buffeting (aeroelastic response) and

earlier stall characteristics.



2.2. Aerodynamic characteristics of transonic wing section

The starting point for aerodynamics analysis of an aircraft is studying the
aerofoil that generates the pressure distribution on top and bottom surface of
the wing to create the required lift. Given that the BW11 is analysed for
transonic flight, which requires special aerofoil designs to suppress adverse
effects or postpone them to higher Mach numbers, an overview of transonic

aerodynamics and supercritical aerofoils is presented [12].

2.2.1. An overview of transonic aerodynamics

Flows close to the speed of sound makes the flow field transonic, where two
distinct regions of low exist at the same time: a subsonic domain and a
supersonic domain. The sonic flow region is condensed in a line in two-
dimensional case or in a surface in three-dimensional case, delineating the
subsonic and the supersonic domains. These size and extent of these domains
change with Mach number. Indeed, as the flow accelerates from low speed it
is initially all subsonic, then when the free-stream Mach number reaches the
Critical Mach number, a point of the flow over the body Mach reaches the
sonic value, and at Mach numbers above this a supersonic domain forms. A
normal shock wave appears because the flow has to decelerate back to the
free-stream conditions. This shock moves downstream with increasing free
stream Mach number extending the supersonic region further rearward. When
the freestream Mach number exceeds sonic value, a detached bow shock wave
forms in front of the body. Only the flow behind the normal part of the shock
becomes subsonic, while the flow behind oblique branches will remain still
supersonic. The more the freestream Mach Number increases, the smaller the
subsonic domain becomes behind the shock. The flow is conventionally
established to be supersonic when the value of Mach Number is greater than

about 1.3.
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Figure 2.3 Definition of transonic flow domain around a two-dimensional
aerofoil [12].

Figure 2.3 and Figure 2.4 show all three subdomains around a two-
dimensional aerofoil and the movement of the transonic shock wave with
increasing Mach number. One of the negative aerodynamic aspects of
transonic flow is this shock wave that appears in flow field and becomes
stronger when speed increases. Shock waves cause an increase of drag
because they dissipate kinetic energy of the flow as thermal energy,
preventing the full recovery of the pressure. Moreover, due to the sudden
increase of pressure through the shock the local boundary layer becomes

thicker causing viscous drag rise and may even separate.
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Another drawback of transonic flow is the drag divergence. First of all, the
onset of wave drag, originated from the shock wave, causes a slow increase
in drag (known as drag creep). Then the local shock on the top of the wing
generates an adverse pressure gradient over the boundary layer and when the
shock becomes very strong separation occurs and drag rises exponentially.
Drag Divergence Mach Number (Mpp) is the Mach number at which this
rapid increase of drag begins, as is shown in Figure 2.5, due to the formation

of strong shock waves on the wing surface in combination with separation at
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the shock foot. Several definitions are available to define it. Boeing asserts
that Drag Divergence Mach Number is the Mach Number at which drag
coefficient value is 20 times higher than the value in the mid-subsonic region,
while Airbus and Douglas define it as the Mach number at which dCp/dM =
0.10.

Cg

Shock Expansion

waves
%ﬂk
el

P
Cq T_Ma_:

Critical Mach Number Drag Divergence Mach Number

Figure 2.5 Drag behaviour and definition of the drag-divergence Mach
number [14].

One of the worst enemies of aerodynamic efficiency is buffet. It is generated
by the interaction between the unsteady shock oscillation and the resulting
periodic separation at the shock foot. Indeed, separation and the associated
wake cause pressure fluctuations that are transmitted to the aerofoil and they
translate in structural vibrations, called buffeting. In transonic conditions
separated boundary layers can also generate a periodic motion of the shock
wave on the surface of the aerofoil, generating large pressure fluctuations.

Typical shock-induced vibrations have a frequency that is several orders of

9



magnitude greater than the wing natural frequency, so these large fluctuations

are felt by the structure. This phenomenon is known as transonic buffet.

Therefore, buffet is firstly caused by separation of the boundary layer that

occurs at foot of shock wave when the velocities become large and so shock

wave that terminates the supersonic domain and increases in strength.

Moreover, buffet limits lift capability of the wing, indeed according to

aeronautical regulation it is necessary to have a margin of 30% between

design-lift coefficient and lift coefficient at which buffet occurs. Figure 2.6

shows the buffet onset boundary, obtained by plotting buffet-onset lift

coefficient and Mach number.
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Figure 2.6 Buffet boundary at various Mach number and lift
coeffcient [12].
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2.2.2. Supercritical Aerofoil

Conventional low speed aerofoils produce a large wake drag when free-
stream Mach number is beyond the critical Mach number due to the formation
of the transonic shock wave and strong separations at the shock foot. This
limits the maximum Mach number. A supercritical aerofoil is designed to
postpone the onset of shock waves and to produce low drag at high Mach
number. A supercritical aerofoil has a flatter suction surface and a higher nose
radius to reduce suction peak at the nose and to delay the stall, and to avoid
excessive supervelocities, compared with a conventional aerofoil with the
same thickness. Moreover, a supercritical aerofoil has a concave curvature
near the trailing edge to give a larger contribution to lift, called aft loading,
which causes an increase in pressure on the lower surface. This is a way to
make super velocities unnecessary on the upper surface for a given lift
coefficient. In addition, the abrupt transition through the strong shock wave
of a conventional aerofoil is replaced by a weak shock wave that appears
further aft on the aerofoil and its aim is to avoid shock induced separation;
the result is to minimize wave drag increment. Essentially, the key to
transonic aerofoil design is to control the expansion of the flow to supersonic
speed and its subsequent recompression. These aspects are shown in Figure

2.7 that compares a conventional aerofoil and a supercritical aerofoil.
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Figure 2.7 Pressure distribution on a conventional (NACA 6-series)
airfoil and a supercritical aerofoil. (a) Supersonic domain over NACA 6-
series aerofoil. (b) Pressure distribution over NACA 6-series aerofoil. (c)

Supersonic domain over supercritical airfoil. (d) Pressure distribution

over supercritical airfoil [12].
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Figure 2.8 shows geometric characteristics of a supercritical aerofoil, and

the flow development around it.
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Figure 2.8 Typical geometry and characteristics of a supercritical airfoil

[12].

A Sonic line, that separates the two flow domains — the purely supersonic and
the purely subsonic merges into the shock wave at the point Q. The shock is
slightly curved, and it is generated by the coalescence of compressive waves
at its foot. Above the point Q the shock is oblique, therefore behind this part
there is still a small supersonic region, while below the point Q the shock is

normal, so the flow decelerates to subsonic conditions.

2.3 Aerodynamic of transonic swept wings of transonic wing

In the previous paragraph the transonic flowfield around a supercritical
aerofoil is described, now another way of weakening transonic effects in
terms of configuration aecrodynamics is investigated. Today, transonic wings
are usually swept back to delay the drag rise. The swept wing simply allows

an aircraft to fly at higher Mach number without the exponential increase in

13



wave drag. The origin of the swept wing is the theory of the infinite shearing
wing. By sweeping the leading edge of a wing with infinite span the free
stream velocity vector is no longer perpendicular to the lifting surface. The
pressure distribution will decrease with the cosine of the sweep angle A
(figure 2.9). Hence the pressure and the lift coefficient and the complete lift
of the wing decrease with the sweep angle. This is the cosine rule. The
relationship between a swept wing and a straight wing section which is

parallel to the free stream, is described by the following equation:

aC

Lswept _ CL swept _ Cp,swept__ (aa )swept —cos /A
L Cr, Cp 211 2.1

Applying the cosine rule, the velocity vector can be decomposed into two
components whereby one is perpendicular, and one is parallel to the leading
edge as shown in figure 2.9. The magnitudes of the two components are given

by the following relations:

Uy = Ve * COS A 22)

Vr = Vg *Sin A 23)

The normal component is responsible for the aerodynamic characteristics;
therefore, it is possible to write equation 2.4 and it is possible to extend it for

the cases of the critical condition and drag divergence.

My = My, - cos A (2.4)

Mcr,N _ MDD,N
Mcroo MDD,oo

= cos/ (2.5)
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Figure 2.9 Swept back wing [15].

The effect of wing sweep is to reduce the effective Mach Number normal to
leading edge. Although wing sweep gives the benefits of delaying the
formation of shock waves and accompanying aerodynamic drag rise caused
by fluid compressibility near the speed of sound thereby improving
performance, wing sweep will tend to shift the load outboard, leading to high
section Cp, and the possibility of outboard stall. The wing is twisted to unload
the tip. The lift curve slope also decreases. Thus, the total system design must

be considered when selecting the wing sweep [16].
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3 COMPUTATIONAL FLUID DYNAMICS
(CFD) ANALYSIS

The classical way to characterize the aerodynamic performance of a new
aircraft concept is making use of wind-tunnel tests. Nowadays, extension of
the flight envelope has reached flow regimes that are difficult to reproduce in
ground test facilities. Moreover, thanks to the development of the
technologies, CFD is a powerful numerical tool to support the aerodynamic
analysis. CFD will not replace experimental tests, but it provides results in a
complementary way to the wind tunnel test. Table 3.1 shows the comparison

between experimental and numerical flow simulation [17].

Table 3.1 Comparison of Experimental and Computational simulation.

Computational fluid simulation Experimental Fluid Simulation

real geometry scaled geometry
no limits for variation of model flexibility limited
parameters
known boundary conditions not always defined boundary
conditions
real Reynolds number Reynolds number may be too low
short response time long response time
Low cost of first data point, but High cost of first data point, but
cost increasing with the data cost decreasing with the data
volume and time volume and time
accuracy decided by mesh quality accuracy decided by measuring
technique
good reproducibility questionable flexibility
flow representation by model real flow
approximation
computer speed and memory Model manufacture and testing
limited procedure limited

The software used to perform the calculation and to solve the flux is ANSYS
Fluent, a commercial code used by industry and researchers. The aerofoil
investigated in the 2D analysis is the supercritical aerofoil RAE2822, while
the blended wing body analysed is the BW11 Eagle Ray aircraft, designed by

16



the 2011 Group Design Project of the Aerospace Vehicle Design MSc at
Cranfield University. Moreover, acrodynamic characteristics of the aerofoil
are compared with VGK results. VGK is a CFD method coded in FORTRAN
for predicting the aerodynamic characteristics of a two-dimensional single-
element aerofoil in a subsonic freestream, including the effects of viscosity
(boundary layers and wake) and shock waves. This code is based on an
iterative approach to solve the inviscid flow region (assumed to be 2D full-
potential) with coupled finite-difference equations for the viscous flow region
that is represented by the integral boundary layer equations. The code needs
two input files, one that contains the coordinate of the profile and one that
contains parameters to generate the computational grid and flow conditions.
The principle advantages of the code are the low computational time; indeed,
it takes only few seconds to obtain results, and the corresponding physical

accuracy.
3.1. Mesh generation

Creating the mesh is the first step in the CFD process. The mesh is a set of
cells (control volumes) of a calculation field in which a set of approximated
conservation equations are solved. The grid strongly influences the results
and its generation represents the task most demanding and time consuming.
The geometry around which the mesh has to be generated is imported and
boundaries of the domain are built. After that, nodes are distributed on the
edges of the domain. Meshes can be classified as either structured or

unstructured. The difference consists of the shape of the elements.
3.1.1. Structured Mesh

In structured meshes nodes are generated by the intersection of two families
of lines that belong to systems of Cartesian or curvilinear coordinates, as

shown in Figure 3.1. These lines define the interfaces of the cells.
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Figure 3.1 Structured mesh around an airfoil [18].

The advantages are:
e Simplicity and easy data access

e [ess computer memory

e Better control over the size and shape of elements

¢ FElements that are generated can be better aligned with the flow, so the

quality of mesh can be very high, and convergence thereby faster.

On the other hand, for a complex geometry a structured mesh is complicated
and especially near a boundary surface it could give inaccurate results. This
type of mesh has been used for the 2D case, so for meshing the aerofoil, which

is a simpler geometry than the entire 3D BWB.

3.1.2. Unstructured Mesh

Unstructured meshes could be composed of triangular elements or
quadrangular, in two-dimensional, while three-dimensional elements could

be of tetrahedra or hexahedrons. An example of unstructured mesh is shown

in Figure 3.2.
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Figure 3.2 Unstructured mesh around an airfoil [18].

The advantage of an unstructured mesh is its high level of flexibility when it
is built around a complex geometry. However, unstructured meshes require
more memory to store information of explicit connectivity because
neighbouring nodes in physical space are stored in non-neighbouring location
in the memory. Moreover, elements are not aligned with the flow, so the

solution could be less accurate than with a structured mesh.

3.1.3. Hybrid Mesh

It is possible to combine the two types of mesh obtaining hybrid mesh, using
structured cells near wall regions to have an accurate solution there and
unstructured cells in the rest of the domain. The advantage is to use structured
mesh in the regions that need them and unstructured mesh where nothing
relevant happens in the flow. The disadvantages are that this type of mesh
requires user experience and it is less robust. A Hybrid mesh was used for the

entire 3D BWB body mesh, which is a complex geometry.
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3.2. Governing Equations

The governing equations of a continuous, viscous, compressible, Newtonian
fluid flow are the Navier-Stokes equations. They are a set of partial
differential equations that describe the relationship between the
velocity, pressure, temperature and density of a moving fluid. They represent
the conservation laws of physics, indeed they are derived by applying the
mass conservation principle to obtain continuity equation (3.1), by applying
Newton’s second law to obtain conservation of momentum (3.2), by applying
the first law of thermodynamics to obtain conservation of energy (3.3). These

are the equations that Fluent solves to provide the numerical simulations [19].

ap _ (3.1)
5% +V-(pu)=0
d
(ap;l)+l7-(pu®u+pl—‘t)=0 (32)
d(peo)
m +V-puhy=V-(—q+ T-u) (3.3)

These are the unsteady, three dimensional Navier-Stokes equations written in
Cartesian tensor form and in conservation form. The variables t, e, hg and q
are respectively the viscous stress tensor, the specific total energy, the specific

stagnation enthalpy, and the conduction heat flux vector.

u-u
ep=€e+——— (3.4)
2
h + P (3.5)
=e - .
0 0 P
q=—-kUT (3.6)
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T=w(Vu+ul)+ MV -u) (3.7)

Where ¢, cyand k are respectively the gas constant pressure specific heat,
the constant volume specific heat, and constant of thermal conductivity.
Moreover, y; is mulecolar viscosity that could be estimated by Sutherland’s

law and A is called the bulk viscosity.

In aerodynamic applications, the following relation holds:

A= — = (3.9)

It is necessary to close the system of equations because there are five
equations, and the unknowns that are present in the equations are seven: p, u,
v, W, p, €, T. It is assumed that the gas behaves like a perfect gas, so that the

sixth equation is the perfect gas law:

p = pRT (3.9)

The seventh equation links the thermodynamics variables, for a perfect gas

the specific heats are constant, so that the seventh equation is:

e =c,T (3.10)

These equations are non-linear, so no closed form solution exists.
Computational Fluid Dynamics is the method to replace them with a system
of approximate algebraic equations that are able to model the flow with
complex physics and around complex geometries, predicting their

development and evolution over time.
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3.3. Turbulence

This phenomenon of turbulence arises at high Reynolds numbers. It is a
random process, so it is very difficult to predict and it contains different
scales. This phenomenon is characterized by a cascade process, in which
small scale eddies are produced (via eddy stretching) from larger ones.
Energy is extracted from the mean flow by the large-scale motions and is
transmitted down through smaller and smaller scales until it is dissipated by
viscous action at the smallest scales (Kolmogorov scale) into thermal energy.
The size of the large scales is generally determined by the flow conditions
and body characteristic length. The smallest dissipative scales become
smaller at larger Reynolds numbers. It is necessary to capture all physical
processes of turbulence to have better fidelity in numerical results. This
means that computational domain should have dimensions larger than full
scale length, which is a measure of the major eddy sizes in the flow and the
grid cell should have the dimensions of Kolmogorov scale. The estimation of

the relationship between length scale of the smallest eddies and full scale is

3
1/Re+ . In addition, the time-step of the simulation should reproduce in an

accurate way the dynamic behaviour of the minor scales and the relationship

1
between Kolmogorov time scale and temporal full scale is 1/Rez. According

to these considerations the computational cost is prohibitive. The difficulty to
compute the instantaneous flowfield because of the limited memory of
computers makes necessary the use of a statistical approach, so Reynolds-
averaged Navier-Stokes (RANS) equations are considered in the solution.
They are obtained applying Reynolds decomposition, in which the variables
of the Navier-Stokes equations are divided into a time-averaged term and a

fluctuating component in the following way:
u=u+u (3.11)
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where mean value u is the average of instantaneous quantitities and
fluctuating term u’ is the fluctuation from its respective average. These RANS

equations are written in following way:

ap (3.12)
Fr (pu)
d(pu) e
9t +V (pu® u+pl—‘r—pu®u) (3.13)
=0
dp(eg +k o
M+\7-ﬁu(ho+k)
o0 ___ L (3.14)
=V-(-g+T-u—puh'—pu Q@ u- u)
Where k is averaged kinetic energy:
(3.15)

&

I
N =
8l
Sl

The term —ﬁ? X U’ that appears is the Reynolds stress tensor T, that is
the flux of momentum due to turbulent fluctuations. According to Boussinesq

theory the Reynolds stress tensor is modelled by the following equations:

2 2 _
frzut(7ﬁ+ W -7 ﬁ)—gﬁkl (3.16)

Where y, is eddy viscosity and so the total viscosity is:

3.1
H=pet i G-17

23



Additional relations are needed due to new variables derived by the

averaging, thereby further increasing computational cost, and some of these

turbulence models to permit that system of equations to be closed include:

3.4.

The Spalart-Allmaras (S-A) is a one equation turbulence model and the
equation is a transport equation for the kinematic eddy (turbulent)
viscosity.

The k-o model is a two-equation turbulence model and these two
equations are partial differential equations for the variables k, that is
turbulence kinetic energy production and for ® which is the specific rate
of dissipation of the turbulence kinetic energy into internal thermal
energy.

The k-¢ model is atwo-equation turbulence model that describes
turbulence with a relationship about k, which is the turbulence kinetic
energy and about ¢ that is the rate of dissipation of turbulence energy.

It is used to model the boundary layer far from the wall.

The Shear stress transport (SST) formulation combines the best
qualities of k-» and k-g. The k-& model is not able to capture the correct
behaviour of turbulent boundary layers with adverse pressure gradients
and so does not predict accurately the behaviour for separated flow,
while k- is too affected by inlet turbulence and free-stream boundary

conditions.

The Boundary Layer

The boundary layer of a turbulent flow is divided into three sublayers:

e The viscous sublayer that is the closest region near the wall and where

friction viscous effect prevails

e The buffer layer where the influence of turbulence and viscosity is the

same.
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e The Log-law layer where the viscosity is neglected, and the flux is
considered completely turbulent.

In these regions the variables are defined as non-dimensional velocity U/u,

and non dimentional distance from the wall y*. Where:

w = Ty (3.18)
AN
Y Us (3.19)
+ —
Y v

Here p,is friction velocity and T, is shear stress of the wall. The distribution

of these parameters in these regions and the trend of the non-dimensional
velocity is represented in Figure 3.3.
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Figure 3.3 Subdivision of near Wall Region [18].
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According to these definitions, there are two methods to model turbulence
near the wall — the Near-Wall Model and the Wall Function Approach. In the
first approach the sub-viscous layer is solved, so the length of first cell should
be placed in the first sublayer, y© < 5 . In the second method the viscous
effect of the viscous sub-layer region is not solved to predict turbulent
behaviour of the flux, but modelled. For this reason, the first cell should have
a height greater than that of sub-viscous layer and buffer layer, 30 < y* <
200. In this thesis the first method is employed to investigate the supercritical
profile RAE2822 and the second method is used to analyse the full blended

wing body configuration, due to the computational cost to reach y* < 5.
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4 RESULTS AND DISCUSSIONS

In this sections results obtained for both the 2D case of a supercritical aerofoil

and the 3D blended wing body case are presented.

4.1 Aerodynamic characteristics of a transonic aerofoil

The RAE (Royal Aircraft Establishment) 2822 is a supercritical aerofoil and
its aim is to permit high speed flight with the same drag of a conventional
aerofoil. The first step of aerodynamic analysis of the supercritical aerofoil,
(which is represented in Figure 4.1) under the following condition of Mach
number M,,=0.729, angle of attack a=2.31°, and Re = 1.69 - 107, was the
division of the domain in discrete control volumes (cells) by creating a

computational grid.
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Figure 4.1 RAE2822 aerofoil.
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4.1.1 Analysis with structured mesh over the aerofoil RAE2822

Firstly, before starting the mesh generation, a rough estimation of the height
of the first cell yp, to obtain y*<1 over the curve of the aerofoil, was
calculated at about 107®m. For this reason, two different Meshes
characterized by this value of y, have been analysed with different
turbulence models. Both meshes have been adapted in the position near the
shock. The main difference between them was the number of cells. The two

meshes tested were named Mesh A and Mesh B.

4.1.1.1. Generation of structured mesh

After the geometry of the aerofoil was imported in ICEM, fixing the origin of
axes to the leading edge of the analysed aerofoil, the domain of the far-field
was built. In both meshes its dimensions were from 15¢ to 20c along the x-
axis and from -15c to 15¢ along the y-axis, where c is the length of the aerofoil
chord. The domain has been divided into blocks (Figure 4.2) and the mesh
has been generated, selecting the number of nodes on all edges of the domain

and over the curves of the aerofoil.

R18.4
Acadenic

Figure 4.2 Domain divided into blocks.
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The number of nodes has been chosen clustering the mesh on the curves of

the aerofoil, near the leading edge and trailing edge and in the wake region to

capture relevant physical phenomena of the flow. Therefore, cells dimensions

grow along the radial direction with the ratio of 1.2. Mesh A, which is shown

in Figure 4.3, has a maximum aspect ratio cell of 3.38 - 10*, which is a

measure of the stretching of a cell. This is a high value, because it is usual to

have an aspect ratio up to around 100, but the mesh has been designed in this

way to have a low y* over the curves of the profile.
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Figure 4.3 Mesh A.

The maximum aspect ratio of Mesh B is 6.59 - 10*, which is higher than the

value of Mesh A and this is the reason for why y* of Mesh B (shown in Figure

4.4) is lower.

e

Figure 4.4 Mesh B.
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4.1.2. Setup and post processing

Each cell represents a control volume where the numerical code Fluent has to
solve the integrated governing equations with a discretisation process, using
a finite-volume approach. The finite-volume approach discretisation process
means integrating governing equations on each control volume and
constructing and algebraic system of linearized equations to get unknown
variables such as temperature, velocities, pressure and other conserved
scalars. The discretisation process used here was density-based and the solver
was a steady-state solver. Steady-state solvers assume that time marching
proceeds until a steady-state solution is reached. Density-based methods are
mainly used for high-speed compressible flow, while pressure-based is for
low-speed incompressible flows. The velocity field is obtained from the
momentum equations in both numerical methods, the density field is obtained
from the continuity equations and the pressure field is determined from the
equation of state in the first method, while in the second one the pressure field
is obtained from a pressure correction equation which is the result of
momentum and continuity equation manipulations. Due to the non-linearity
of the resulting system of equations, many iterations are required to obtain
convergence in results. Steps of each simulation are 1) the initialization of the
flow, 11) the solving simultaneously of the continuity momentum and energy
equations and then iii) solving the equations for scalars. The iteration process
continues until the absolute convergence criteria or the fixed number of
iterations are reached. The manner in which the governing equations are
linearized could be explicit or implicit. Explicit means the unknown variables
are computed in each cell using only existing values of these variables from
the neighbouring cells calculated at the previous step, so each unknown
quantity appears in only one relation that could be solved alone in each cell,
while implicit unknown variables in each cell are computed using both
existing values calculated at previous steps and unknown values of these

variables from the neighbouring cells, so equations must be solved
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simultaneously. In the analysis of the RAE aerofoil an implicit method has
been used due to its faster convergence in the solution and reasonable memory
required. The spatial discretisation scheme was accurate to the second order
so quantities at cell faces have been computed with a multidimensional linear
reconstruction through Taylor series expansion and it has been accomplished
with an upwind spatial scheme. The Courant number selected as solution
control was 5. The ideal gas law together with a Sutherland viscosity law was
used. Boundary conditions set were pressure-far field for the domain free-
stream, this condition models a free-stream conditions at infinity (Mach
number and static pressure conditions) and wall for the curves, which means
a solid surface in the flow field where a viscous no-slip condition is enforced

on the wall setting the velocity components to zero.

Plotting the distribution of pressure coefficient (figure 4.5) obtained at the
end of the iteration process for both meshes analysed with different
turbulence models, it is noticeable that the SA turbulence model gives a
distribution of pressure closer to the experimental data and to VGK results.
All the meshes can predict the interaction between shock wave and boundary-
layer. In front of the shock the velocity is supersonic, descending into the
boundary layer the velocity progressively decreases up the point where u=a
and M=1. Below the sonic line the information can travel upstream,
consequently this interaction causes a pressure rise before the shock.

Moreover, aft loading associated the aft chamber is correctly predicted.
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Figure 4.5 C, distribution on the aerofoil RAE2822.

The shock, which is located in x/c=~0.5, is also visible in the Mach contour

which clearly shows the supersonic flow becoming subsonic (figure 4.6).
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Figure 4.6 Mach number distribution computed with the Spalart Allmaras
model and for mesh B.

Comparing all simulations, it is possible to conclude, from Figure 4.5,
that the mesh B analysed with the Spalart-Allmaras turbulence model.
represents the turbulent flux most accurately. Results of different
simulations for Mesh A and for Mesh B are shown in table 4.1 and table

4.2.

Table 4.1 Aerodynamic Results for Mesh A.

Turbulence
Model
SA 1.5 0.717 0.0138
SST 1.5 0.698 0.0128
k- 1.5 0.680 0.0158
Experiment - 0.743 0.0127
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Table 4.2 Aerodynamic Results for Mesh B.

Mesh B
Turbulence y* C, Cq
Cell Number | Model
350,084 SA 0.25 0.718 0.0139
SST 0.25 0.694 0.0128
k-¢ 0.30 0.681 0.0156
Experiment - 0.743 0.0127

The value of y™ is an average value of the values over the entire aerofoil. The

entire profile of y*over the curves is shown in figure 4.7.
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Figure 4. 7 y" profile on the aerofoil surface calculated with the Spalart
Allmaras model and for mesh B.
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For both meshes, the results have been obtained fixing absolute
convergence criteria of 107® for all the residuals (continuity equation,
momentum equation, energy equation and of the additional equations that
close the system). Furthermore, the value of maximum number of
iterations was fixed at 1000, given that they were enough to reach a smooth
convergence. All simulations stopped before reaching the absolute
convergence criteria but reached an acceptable order of magnitude of
1073/107* (figure 4.8). In addition, convergence history of drag

coefficient and lift coefficient are reported in figure 4.9 and figure 4.10.
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Figure 4.8 Residuals of the iteration process for mesh B and Spalart
Allmaras turbulence model.
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Figure 4.9 Lift coefficient convergence history.
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Figure 4.10 Drag coefficient convergence history.

4.2. Analysis with unstructured mesh over the aerofoil RAE2822

An unstructured mesh over the aerofoil RAE2822 was generated to compare
results with the structured mesh in order to choose which approach was best

used for the 3D blended wing body case.

36



4.2.1. Generation of unstructured mesh

After the geometry of the aerofoil was imported in ICEM, fixing the origin of
axes to the leading edge of the analysed aerofoil, the same domain of the far-
field described in the previous case was built. A surface over the far field
curves was created and was cut to generate two different surfaces. The surface
inside the aerofoil was deleted to avoid having cells inside, as shown in figure

4.11.

Figure 4.11 Far field surface cut.

The next step was setting the boundary conditions and maximum cell sizes
for the far field curves and part fluid, which contained the surface. The
maximum cell size on the domain edge was established as 0.08, while for the
curves of the aerofoil the maximum cell size was set to 0.0068 and the
number of nodes was 150 for each curve. Moreover, a BiGeometric clustering
with ratio of 1.2 was used to provide more nodes at the trailing edge and

leading edge because these have more pronounced curvatures. The internal

37



mesh was computed using All Tri as the mesh type, and it is illustrated in

figure 4.12.

Figure 4.12 Unstructured mesh over the aerofoil RAE2822.

4.2.2. Setup and postprocessing

The behaviour of the flow has been simulated using the same setup of the
structured mesh case using different turbulence models and the results have
been compared. Looking at the results (figure 4.13 and table 4.3), it is possible
to conclude that an unstructured mesh gives values close to values obtained
with a structured mesh. The unstructured mesh presents oscillations because
it is sensitive at the curvature, especially in supersonic flow where the

information does not travel upstream.

Table 4.3 Comparison of results obtained by VGK, unstructured mesh and
structured mesh.

Turbulence model G Ca
Experiment - 0.743 0.0127
Mesh B SA 0.718 0.0139
Unstructured Mesh SST 0.756 0.0135
Unstructured Mesh k-g 0.744 0.0144
Unstructured Mesh SA 0.660 0.0123
VGK Integral BL Eqns. | 0.702 0.0123
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The analysis of different flow conditions requires a lot of computing time,
despite the use of 16 processors of a High Performance Computing (HPC)
cluster, which aggregates computing power in a way that delivers much
higher performance, so an unstructured / hybrid mesh was chosen for the
3D analysis of the blended wing body for its simplicity and to avoid
spending too much time in generating the mesh. Obviously, the accuracy
is lower with an unstructured mesh approach, but it represents the right
compromise between getting physical fidelity in the results and the
computational time cost. Therefore, an unstructured mesh gives less
accuracy, but is easier to be built and it makes simulations faster.
Nevertheless, using an unstructured mesh strategy makes it more difficult
to reach low values of y*. Indeed, in the unstructured mesh generated
around the RAE2822 aerofoil, the aspect ratio is 5.14 and so this is why a
hybrid mesh, which consists of prism layers around the body and

unstructured mesh far from the body, has been used for the 3D analysis.
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Figure 4.13 Comparison of Cy, distribution obtained by VGK, Structured
Mesh and Unstructured mesh.
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4.2 BWI11 CFD analysis

The analysed Blended Wing Body is represented in figure 4.14. In this section
the transonic aerodynamic performance of the baseline model are predicted,
and it has been analysed for different Mach numbers and angles of attack,

maintaining fixed Reynold number.

26000

o
o
(=2
~

48000

Figure 4.14 Main views of the BW11 Eagle Ray baseline model used for the
aerodynamic analysis [20].

4.2.1 Mesh generation

To get started, the CAD model was imported in ICEM (figure 4.15) to allow
generation of the mesh. The aircraft model was cut according to the symmetry
of the plane, and a symmetry boundary condition to reduce the computational
cost, as only the longitudinal aerodynamic characteristics were of interest in

this study.
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Figure 4.15 BW11 baseline model.

The engines and winglets have not been included to simplify the geometry
and to reach a better mesh quality. The model has been cleaned of double
curves to avoid problems in mesh generation. Surfaces were assembled in
different parts as shown in figure 4.16. This division allowed different mesh
sizes in each part and so the grid in the trailing edge was finer. This approach

reduced the computational cost.

ANSYS
R18.2

Academic

% ‘4
BODY

Figure 4.16 Parts of geometry division in ICEM.
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After that, the domain, the virtual space which represented the environment
around the aircraft, was built. The origin of the axis system was set at the nose

of the aircraft, with x-axis along the body, y-axis along the span of the model

and z-axis being vertically upwards as shown in figure 4.17.

z
=
\t_‘x

|
S |
BOTTOM

Figure 4.17 Domain.

SYMMETRY

The domain had the following dimensions related to the half span length
of the aircraft:

e X direction: the edge was 150 times the half span length, 60 times
the half span length far from the INLET and 90 times the half span
length far from the OUTLET

e Y direction: the edge was 30 times the half span length with the
SYMMETRY face in y=0

e Z direction: the edge was 60 times the half span length, and the

nose of the aircraft was placed at 30 times the half span length.

The next step was defining the global parameters of the mesh to limit the
size of elements and deciding the type of mesh. The maximum element
size was chosen as 100. The mesh type used was Tetra/Mixed unstructured
mesh, it was generated using the Robust Octree method [21]. At the

beginning the mesh sizes was 0.5m for all the parts of the aircraft and 100
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m for all the parts of the domain, but then in some parts of the blended
wing body, especially on the tip of the outer wing and the trailing edge, the
size has been decreased to cover correctly all the model with small enough

cells to resolve the flow features, as shown in figure 4.18.

Figure 4.18 Refinement of the mesh at the trailing edge.

The reason of this refinement of the mesh was that trailing edge mesh
definition is a critical factor, especially when a boundary layer has to be
resolved [22]. Once the mesh parameters were set, the volumetric mesh

was computed, giving 1,466,554 cells (figure 4.19).

Figure 4.19 Unstructured Volumetric Mesh.
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In figure 4.20 the tetra elements can be distinguished and the detail of the

mesh growth ratio moving far from the aircraft is shown.

ANSYS
_Rig2

Figure 4.20 Detail of unstructured volumetric mesh (side view).

Furthermore, the preliminary fine mesh needed to be finer near the boundary
layer of the body for a reasonable prediction of drag and of viscous effects.
For this reason, a prism mesh over the surface of the blended wing body was
computed (figure 4.21). The choice of boundary layer parameters depends on
the method desired to model turbulence near the wall. Due to a low required
y* , the choice of the height of the first prism layer was 5 - 107 | this value
was about 5 - 107®  times the half span of the blended wing body. The
number of the prism layers was 30 and the growth ratio was 1.2. After adding

this prism layers the number of cells became 3,866,903.
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Figure 4.21 Detail of prism layer mesh.

Once the mesh had been imported in fluent, the boundary layer mesh was
adapted - this means that the prismatic cells for the boundary layer were split
to increase their number. Therefore, simulations have been computed on a
mesh with 18,797,156 cells. Regarding the mesh quality, maximum aspect
ratio was 5.63+10* and this high value has been accepted because the
required y* was very low. Minimum orthogonal quality was below 0.01,
where its range is from 0 to 1, but values close to 0 correspond to low quality.
Maximum ortho-skewness was 9.99 - 10~, where its range is from 0 to 1,
but values close to 0 correspond to low quality. Therefore, mesh quality
needed to be repaired, this improvement was executed in fluent using the

following command: /mesh/repair-improve/improve-quality.

4.2.2 Setup

All simulations have been run under the following conditions. The solver was
the 3D double precision, density-based and steady state solver. The
linearization started with an explicit method with Courant number of 0.7

which was kept for 1000 iterations and then the calculations proceeded using
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implicit linearization with Courant number equal to 2 to have faster
convergence. When simulations were stopped, the residuals were about
10~*. The second order upwind scheme was chosen for the spatial
discretisation. The kw-SST turbulence model was selected because the mesh
had been built with a very low height of the first cell according the
requirement of low y*, but it was not less than 5, so Spalart Allmaras model
was not the better one to use. The ideal gas law was implemented and
viscosity was computed using the three coefficient Sutherland law.
Furthermore, boundary conditions were applied to the model and, the domain
being consistent with the high-speed compressible flow, these were:

e The symmetry boundary condition was used on the body symmetry
plane to reduce the computational. On this plane the normal gradients
of all variables and normal velocity are zero.

e The wall boundary condition was used to define a solid region where,
due to the viscous flow no-slip condition, all components of the velocity
are zero.

e The Pressure-far field boundary condition was applied at all faces of the
domain except for the symmetry plane. This condition models the free-
stream condition at infinity, so Mach number, static pressure and angle
of attack have been defined. In the simulations the Reynolds number
has been maintained constant and equal to Re=7.75 - 108 and the value
of Mach has been changed. The CFD analysis has been performed for
M, =0.7, M, = 0.75 and M,, = 0.8. Temperatures, needed for the
different Mach Numbers and reported in the table 5.1, have been

computed by manipulating the following equations:

i (4.1)
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a=YRT 4.2)

_ v
M= (4.3)
P'=pRT (4.4)
(TN T+s
U= U Tref Tref TS 4.5)

where P=101325 Pa, c=50 m which is the half span of the blended wing

body, and S is a constant whose value for air is 110.4K.

Table 4.4 Physical quantities corresponding at different Mach numbers.

M. TXK) a(m/s) u(m/s) p(Kgms) p (Kg/m?)
0.7 300 347 243 1.85-107° 118
0.75 316.7 357 268 1.92-107° 1.12
0.8 333.5 366 293 2-107° 1.06

4.2.3 Aerodynamic characteristics

In this section the aerodynamic results obtained with Ansys Fluent for the

BWI11 are shown for the different Mach Numbers and for several angles of
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attack. Results for M=0.75 are compared with a coarse mesh, which has about
14,000,000 of cells to demonstrate how aerodynamic performance analysed
with CFD are sensitive to the mesh characteristics. At the end of all the
simulations, the values of lift, drag, pitching moment and C;, /Cp, coefficients
have been computed, and these are shown in the table 4.5, table 4.6, table 4.7
and table 4.8.

Table 4.5 C;, Cp, Cmand C1/Cp, corresponding at different angles of attack at
M»=0.7, fine mesh.

CL Cp Cm C./Cp
0.044 0.0060 -0.069 7.4
0.084 0.0064 -0.132 13.1
0.111 0.0069 -0.104 l16.1
0.150 0.0078 -0.182 19.3
0.180 0.0088 -0.215 20.4
0.238 0.0118 -0.283 20.1

Table 4.6 C;, Cp, Cmand Ci/Cp, corresponding at different angles of attack at
M,=0.75, fine mesh.

Cp Cy C./Cp
0.0062 -0.083 10.1
0.0070 -0.147 17.2
0.0090 -0.221 20.5

0.0134 -0.302 19.0
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Table 4.7 C;, Cp, and C/Cp, corresponding at different angles of attack at
M»=0.75, coarse mesh .

- C, Cp CL/Cp
_ 0.054 0.0061 8.9

_ 0.194 0.0093 20.8
_ 0.328 0.0191 17.2
_ 0.411 0.0369 11.2

Table 4.8 C;, Cp, Cmand C/Cp, corresponding at different angles of attack at
M=0.8, fine mesh.

e G Cp Cu C/Co
_ 0.0644 0.0063 -0.085 10.2
_ 0.0981 0.0068 -0.124 14.4
_ 0.1151 0.0072 -0.143 16.0
_ 0.132 0.0076 -0.163 17.4
_ 0.1664 0.0086 -0.203 19.3
_ 0.1993 0.0101 -0.240 19.7
_ 0.2674 0.0147 -0.317 18.2

From the values given in table 4.5, table 4.6 and table 4.7, the curves which
describe the aerodynamic behaviour of BW11 have been obtained. Figure

4.22 shows the lift coefficient curve versus angle of attack
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Figure 4.22 C; versus o at different Mach numbers.

Interpolating the values of the linear part of the lift curves, their equations

have been computed (table 4.9).

CL == CLO + CL(X a (46)

Table 4.9 Equations of linear part of lift curves corresponding at the

different Mach numbers.
M»=0.7, fine mesh C;=0.048+0.064 -«
M=0.75, fine mesh C, = 0.060 + 0.064 -«
M=0.75, coarse mesh C, = 0.055+ 0.069 -«
M0.8, fine mesh C, = 0.064 + 0.068 - o
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From these equations, values of lift coefficients at 0° angle of attack (C;) and
lift curve slope (C;,) have been obtained. And finally, the zero-lift angle of

attack (aoLif) have been computed.

QoLift = Cru 4.7)

All the values are reported in table 4.10.

Table 4.10 Cro, Cro, and ogin at different Mach numbers.

0.048 0.064 -0.75
0.060 0.064 -0.93
0.055 0.069 -0.80
0.064 0.068 -1.05

From these values it is clear that the aerodynamic results are sensitive to the
mesh characteristics. In figure 4.23 the effect of the angle of attack on the
drag coefficient can be observed. For low angles of attack the curves are very
close, but when a=1.5° the curve corresponding at M,=0.8 rises sharply.
Given that the CFD analysis of BW11 has been carried out for three Mach
numbers, these were not enough to allow interpolation to compute the Mp,.
However, Cp grows gently until 0=1.5° for M,=0.8 and until o=2° for
M,=0.75, hence the sharp rise of drag was thought to appear at M,,=0.77 at
a=2°. Therefore, CFD analysis in these flow conditions have also been carried
out, Cp values corresponding to the different Mach numbers are represented

in figure 4.24, for 0=2°.
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Figure 4.23 Cpversus o at different Mach numbers.
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Figure 4.24 Cpversus M., at a=2°.
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From the plot of the lift coefficient versus drag coefficient the *parabolic drag

polar’ can be obtained for each Mach number (figure 4.25 and figure 4.26).

CL vs Cp, M===0.7 fine mesh
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Figure 4.25 C; versus Cp curve at M,=0.7, fine mesh and M»=0.75, fine mesh.
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CLvs Cp, Me==0.75 coarse mesh
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Figure 4.26 C; versus Cp curve at M»=0.75, coarse mesh and M»=0.8, fine
mesh.

In order to see the evolution of the aerodynamic efficiency with the increase
of the angle of attack and to find the maximum ratio of C;/Cp, which is a
measure of maximum aerodynamic efficiency, the Lift-to-drag ratio versus
angle of attack curve has been plotted for each Mach number. These are shown

for the fine mesh in figure 4.27.
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Figure 4.27 C/Cp versus a _for each Mach number and fine mesh.

The aerodynamic efficiency goes up and reaches the maximum at the angle
of attack included between 2° and 3° for all the Mach numbers, and for
M=0.7 and M,=0.75 it is up 20. An approximate method for estimating
the transonic performance of aerofoils is based on “the Korn equation,”
which was an empirical relation developed by Dave Korn at the NYU
Courant Institute of Mathematical Sciences in the early 1970s [16], and is

given as:

(4.8)

where:
e Mpp drag divergence Mach number

e (; is the lift coefficient

e t/c is the thickness to chord ratio
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Thicker aerofoils create higher supervelocities over the upper and lower
surfaces than a thin aerofoil. A thicker aerofoil will encounter critical
conditions at lower free stream Mach number than a thin aerofoil. In
general, this also results in an earlier onset of shock-induced boundary
layer separation and therefore drag divergence. The increase in lift
coefficient is a result of higher supervelocities on the suction side of
aerofoils, which causes also an earlier formation of the shock wave and
associated shock -induced separation. Therefore, with increasing lift
coefficient the drag divergence Mach number decreases. Therefore, the
Korn equation provides a simple means of estimating the possible
combination of Mach, lift and thickness that can be obtained finding a
compromise between high lift coefficient, large thickness to chord ratio
and low and drag divergence Mach number. This relation can also be used
to compare the transonic performance of aircraft — Airbus are known to
use it as one of the measures of configuration performance. Considering
Mpp=0.77, C;, = 0.18 corresponding at cruise condition of o=2° and
M,=0.75, and t/c, which is an average on the BW11, the Korn technology
factor (x,) could be estimated and its value was found to be 0.91. This
value has been compared with the Korn factor computed for the RBC12
wing/body geometry designed by the Aircraft Research Association
(ARA) which was representative of a 1990s aircraft, and was tested in the
ARA Transonic Wind Tunnel [23]. Considering Mp,=0.81 and C;=0.4
that 1s lift coefficient at cruise condition of M,=0.78 and 0=2° is assumed,
its value is 0.96. Therefore, the Korn factor is relatively good at lift
coefficient C;, = 0.18 and Mpp=0.77 for the BW11. However, this value
has an uncertainty, because the data indicates that for 0=2° the drag
divergence Mach number is between 0.75 and 0.8, so the Korn factor is
between 0.89 and 0.94. The stability characteristics of the BW11 design
are also investigated, stability is particularly important because it is not
immediately obvious how to achieve positive static margin for a BWB

aircraft due to the absence of conventional empennage [24]. Moreover,
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compressibility affects longitudinal static stability. The main goal is to
maintain positive static margin at all flight conditions. Static margin (K},)

at each Mach number has been computed using Equation (4.9).

C
K, =— _—La
Cra (4.9)

Cuq 1s the pitching moment due to change in angle of attack, and it has been
computed from the interpolations of the curves Cy, versus a, showed in figure

4.28 for each Mach number, and the values are represented in table 4.11.

Table 4.11 Values of Cuma and Ky for each Mach number.

0.7 -0.073 1.14
0.75 -0.073 1.14
0.8 -0.077 1.14

The decreasing of K,,, represented in figure 4.29, with the increase of Mach
number is mostly because the flow changes from a flow with a weak shock to
a flow with strong shock. The explanation for the reduction in stability is the
movement of the aerodynamic centre forward caused by the separation which

occurs behind the shock wave [25].
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Figure 4.28 Cyversus o for each Mach number.




1.142
1.140
1.138
< 1.136
1.134
1.132 »

1.130
0.68 0.7 0.72 074 0.76 0.78 0.8 0.82
Meo

Figure 4.29 Static margin versus Mach number.

4.2.3.1 Pressure and Mach distribution

After that general aerodynamic behaviour of the aircraft has been analysed
for different Mach numbers and different angles of attack, through the curves
presented in the previous section, a deeper analysis of the aerodynamic effect
in transonic conditions was carried out through analysis of the pressure and
Mach distribution. Due to time limitation it was not possible to analyse
pressure distributions for all flight conditions, so pressure distribution and
Mach distribution have been studied in depth for only 0=2° and a=3°, for
different Mach numbers, which are representative of cruise alphas. For My, =
0.75 and a=2°, a weak shock wave is presented at the leading edge on the
upper surface, indeed a sudden change in pressure coefficient at the leading
edge of the outer wing is shown in the figure 4.30. This is the characteristic
behaviour of a shock wave, which starts at the wingtip and extends up to the
beginning of the body. In figure 4.31 the pressure coefficient distribution
shows a stronger wave for M,,=0.77 and a=2° and, as expected, its strength
rises for M,,=0.8 (figure 4.32). However, in all cases the shock appears only
on the top surface of the body and disappears at the crank between the body

and the outer wing. Moreover, the shock is not curved, so the crank of the
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wing works well. The pressure distributions on the top and bottom of the aft

body are very similar, this means that this part does not contribute to lift

generation.
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Figure 4.30 C, distribution at M.,=0.75 and a=2° on top and bottom surface of

BWII.
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Figure 4.32 C,, distribution at M, =0.8 and a=2° on top and bottom
surface of BW11I.
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Several sections, located at different spanwise positions, have been identified
in the pressure distribution contour of the upper surface to analyse the flow
over the body and wing respectively, in conditions of M, =0.8 and a=2°. The
spanwise stations analysed are =0 (y=0 m), n=0.17 (y=6.5 m), n=0.34
(y=13) m, n=0.45 (y=17.5 m), n=0.80 (y=31 m) and n=1 (y=38.5 m). First of
all, it can be observed how the local lift in the section n=0, which is on the
symmetry plane, is very low. Indeed, it derives from the area between the
pressure coefficient of upper and lower surface, and the plot of pressure

distribution, in figure 4.33, shows that values of C,, of upper surface and lower

are very close.
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Figure 4.33 Section n=0, Mach and C, distributions at M.=0.8 and a=2°.
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Furthermore, the stagnation point is clearly defined because this section
coincides with the centreline of the body and there is no lateral flow.
Moreover, from Mach contour it is possible to see that the shock wave, which
starts at the wing tip, does not reach this section. In the section 1=0.17 (shown
in figure 4.34), there is no stagnation point because there is a spanwise flow
component due to the sweep and the large change in thickness in the body, so

C, at the leading edge is reduced (C, = 0.13). This means that 3D effects

start to affect the lift and drag generated by this part of the body.
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Figure 4.34 Section n=0.17, Mach and C, distributions at M.=0.8 and a=2°.
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Section n=0.34 is the crank between body and wing. From the Mach number
contours, in figure 4.35, it possible to notice that the flow is supersonic over

the most forward part of the section, but the shock is still weak.
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Figure 4.35 Section n=0.34, Mach and C, distributions at M..=0.8 and a=2°.

Moreover, in the C, distributions there is a significant difference between top
and bottom surface pressures near the leading edge that gives a large
contribution to the lift. For the first wing section considered, at n=0.45, the
pressure distribution shows that there is still the large difference in C,, values
between top and bottom surfaces at the leading edge and the 3D effects have

a smaller contribution on the wing because the value of C, at leading edge is
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higher. Local Mach number as shown, in figure 4.36, reaches a value close to
1.35 next to the leading edge, but thanks to the supercritical aerofoil design

with reflex camber at the trailing edge, the lift generation is relatively high.
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Figure 4.36 Section n=0.45, Mach and C, distributions at M..=0.8 and a=2°.

Moving to the section at n=0.80, local Mach number reaches a value close to

1.5 and the shockwave causes a great increase in C, level on the profile (figure

4.37). The flow seems attached despite the strength of the shock wave.
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Figure 4.37 Section n=0.80, Mach and C, distributions at M.=0.8 and a=2°.

In the last section n=1.00, which is the tip of outer wing, the shock wave is
very close to the leading edge (figure 4.38). This means that the flow is
decelerated very early, making the values in pressure distribution between
upper and lower surface very close. Therefore, the contribution to global lift

of this section is very low.
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Figure 4.38 Section n=1, Mach and C, distributions at M.= 0.8 and a=2°.

Comparison of these results with Mach and pressure distributions for
My = 0.7 and 0=2° (figure 4.39) and for M,, = 0.75 and a=2° (figure
4.40) in section n=1, where the shock wave is stronger than in the other
positions, is shown. It possible to notice that the strength at M, = 0.7 and
M, = 0.75 1is lower, indeed local Mach reaches value not up 1.4 for

My, = 0.7 and not up 1.26 for M, = 0.75 .
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The presence of the shockwave has strong implications in the lift and drag
created by the wing, it can induce separation of the flow behind it,
generating a substantial increase in wave drag which implies reduction in
the aerodynamic efficiency. Figure 4.41 shows a strong shockwave at

a=3° and for M,=0.8, indeed after a=2° the drag coefficient shows a sharp
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rise for n=0.80 where a separation exists. This is visible in figure 4.38
where local Mach number reaches the value of 1.6 and a strong shock wave
appears near the leading edge, flow after the shock does not remain
attached but a bubble of separated flow forms. In the bubble separation the
flow is deflected away from the surface due to the reverse flow as shown

in figure 4.42.

Figure 4.41 Section n=0.80, Mach distribution at M»=0.8 and a=3°.
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Figure 4.42 Section n=0.80, bubble separation at M»=0.8 and a=3°.

The evidence for bubble separation is see in the C, distribution, because after
the shock position there is a constant pressure region in the upper surface. The
length of the separation bubble is quite small and after that the flow is

reattached and the pressure continues to increase.
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Figure 4.43 Section n=0.80, C, distribution at M»=0.8 and a=3°.
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4.2.4 BWI11 Aerodynamic Optimization on conceptual design

This chapter is focused on some proposals for aerodynamic optimization of the
baseline configuration to offer performance advantages over conventional
transonic transport configurations. To find the best configuration, while
maintaining enough volume for passengers, some modifications in the geometry
should be done slightly improving the aerodynamic efficiency at each step. The
target of BW11 optimization is to achieve better aerodynamic efficiency at

transonic speed and bring Mach drag divergence number closer to 1.

e Sweep: An optimization could be done by increasing the sweep angle to
reduce the strength of the shock wave on the wing while decreasing
the sweep angle of the body, so it could generate more lift.

e Transition of the body and outer wing: Making the transition of the

body and outer wing smoother, while not compromising the inner
space for passengers, could limit the 3D effects. An idea to achieve
that, maintaining enough inner space, could be to enlarge the centre-
body area to have smother change in sections. In this way lift increases
but friction drag increase will as well. Since fiction drag is the major
contributor to total drag, this would need to be carefully managed.

e Aecrofoils: A good way to ensure a delay in Mach drag divergence and
to have weak shock wave is modifying the aerofoils. First, shape
variation of the wing section should be small, otherwise a large shape
variation may lead to a bad change in aerodynamic characteristics at
transonic speed. Moreover, making the thickness to chord ratio
smaller, while also satisfying the structural requirements, Mach drag
divergence number increases and it could be possible to estimate the
relation between t/c and Mpp, with some empirical or statistical
equations [26]. Thickness chord ratio becomes smaller by increasing
chord length, and consequently decreasing the pressure drag could

offset the increase of friction drag.
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e Twist: An improvement of aerodynamic characteristics could be
reached by twisting the wing along the Y axis. Aerofoil sections in the
tip region have an angle of attack lower than that at the root, and chord
lines of aerofoils at different spanwise stations are not parallel to each
other. The twist can decrease loading and weaken shock strength at
the outer wing. Typical twist angles are 1° and 2° and they rarely
exceed 3°. Another benefit of the twist is the delay in stall because it
adjusts lift distribution along the wing. This means that the linear part
of the lift curve, which for M=0.7 and coarse mesh shown in figure

4.22, could be extended for a > 4°.

4.2.5 Critical comments about advantages and disadvantages

mentioned

This section presents some considerations, consequently the study of BW11,
about the advantages and disadvantages mentioned in chapter 2. First of all,
lift is also generated by centre-body, but for the BW11 its contribute is not so
high as expected, the most contribution at the lift is generated by the section
of the kink and the leading edge of the outer wing. The comparison of the
blended wing body with Sears Hack’s body, mentioned by Kunawala, is not
appropriate because of the large shape of the centre-body that is necessary to
provide enough inner space for passengers. Reduction of the large shape of
the centre body is a challenge because it would make the transition between
thicker centre-body aerofoil to thinner outer wing aerofoil abrupt, causing bad
aerodynamic characteristics at transonic speed. The analysis of BW11 is
carried out without engines, but the aft location of them maybe could bring
some benefits in wake drag. A drawback is that the gravity centre is moved
aft, so the configuration needs to load the forepart to reduce the pitching
moment. Moreover, supersonic flow does not occur on the lower surface and

so 1n all sections there are not shock waves on the bottom curve.
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5 CONCLUSIONS

The project was mainly focused on analysing the aerodynamic performance
in transonic flow of the BW11 blended wing configuration, which was
originally designed for subsonic flight. CFD analysis through ANSYS ICEM
and Fluent has resulted in aerodynamic data for the study the preliminary
validation of the aerodynamic design. Its transonic aecrodynamic performance
has been investigated based on RANS simulation with Kw-SST turbulence
model. The aerodynamic performance investigation included variation of lift
and drag coefficients. In addition, coefficient of pressure and Mach
distributions are studied to provide deeper physical insight. The first stage of
the study was the validation of the results obtained by Fluent on the aerofoil
RAE?2822 in transonic conditions. It is known that CFD results, obtained with
CFD software, are affected by mesh characteristics and mesh size. It is
obvious that higher the number of cells is, the better the calculations converge
to the physically accurate solution. However, the 2D aerofoil case has been
analysed with two meshes characterized by different number of cells and it
has been shown that values of lift and drag coefficient and the surface pressure
distributions oscillated within acceptable limits. Moreover, unstructured and
structured meshes provided comparable results. The studies on RAE2822 also
helped in selecting which turbulence model had to be used. Finally, the mesh
size for the Blended wing body mesh generation was a trade-off of low
computational time cost and acceptable accuracy in results. The turbulence
model was chosen according to the value of y* which could be reached with
the mesh size of prism layers imposed. From the decision of the mesh and
solver characteristics, the baseline results were obtained for different Mach
numbers and angles of attack. The Korn factor has been computed to estimate
aerodynamic efficiency of the BW11 in transonic flight. Given that it was not
possible to calculate exactly Mach drag divergence due to the limited analysis
at three Mach numbers, its value had an uncertainty, which, taking this into

account, was estimated at between 0.89 and 0.94. Comparison with the Korn
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factor of a conventional aircraft design, which is about 0.96, highlights that
BW11 may be a reasonably good design, considering M,=0.77 and cruise
condition of M,=0.75 and 0=2°. One of the main aspects to notice is the
maximum L/D reached values close to 20 for a between 2° and 3°, which are
higher than conventional aircraft despite the presence of shock waves over
the wing. However, the shock wave and separation limit high efficiency at
higher angles of attack. Indeed, the rise of drag starts already for a=1.5° and
separation for M,=0.8 happens at a=3°. Therefore, surface pressure and
Mach number distributions are investigated for a=2°. Shock waves starts at
the wing tip and reach the crank of the wing. In terms of lift, the body gives
a lower contribution than the outer wing because the C, levels on the upper
and lower surfaces are very close. Most of the lift is generated at the leading
part of the upper surface of the wing, and interactions between boundary layer
and shock wave is evident in the compression in the C, distribution indicating
the position of the shock wave. Another interesting parameter investigated has
been the static margin and its variation with Mach number. This remains a
positive value with increasing Mach number, but decreases due to the increase in
strength of shock wave. In conclusion, BW11 performance are reasonably
good but an optimization procedure, proposed in previous chapter by the
author, should be done to reach aerodynamic performance in transonic field

comparable with conventional aircratft.
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Abstract

This paper presents some results comparing the
use of the Full Potential equations, coupled with
the turbulent integral boundary layer equations
for aircraft transonic cruise analysis. Use of such
a method in the conceptual design stage is shown
to be capable of yielding accurate enough data
in a few minutes on a single processor, where
Navier-Stokes simulations on 100+ processors
take several days.

1 Introduction

Modern conceptual aircraft design requires the
rapid generation of approriate aerodynamics data
for performance calculation and structural
analysis within the context of trade-off studies.
Such data must be of sufficient accuracy, in terms
of overall and local lift and drag forces, that the
performance trends are correctly captured and
such attributes as range and fuel burn
characteristics are predicted accurately.

The need for this data to be available rapidly
to allow for many concepts and configurations to
be assessed in these trade-off studies allows the
costs of the conceptual design stage to be
minimized. The accuracy of the analysis methods
allows uncertainties associated with the decision
making and the resulting conceptual
configurations to be minimized, thereby reducing
the downstream costs associated with design
mistakes.

The focus of this paper is the demonstration
of a rapid but lower fidelity method for the
conceptual design and analysis of transonic
cruise transport aircraft. Since the application of
interest is the design analysis of transonic cruise

wing flows, the Viscous Full Potential method,
which couples the solution of the Full Potential
equations for compressible rotational inviscid
flow with the integral boundary layer equations,
is wholly adequate for a design method. No
aircraft wing would be designed to operate in
cruise flight under significant separated flow
condition, which would result in buffet
phenomena, and so a rapid and relatively
accurate “attached flow” method for such
applications is valid.

2 The Viscous Full Potential Method

2.1 The Governing Equations

Potential flow methods involve the solution of
the governing equations which are reduced by
assuming the flow is inviscid, irrotational and
isentropic. These simplifications allow the
continuity equation to be derived in terms of the
velocity potential function @. The last two
assumptions, however, limit the validity of the
method to cases where no shock waves exist in
the flow field, or where the shock waves are so
weak that the isentropic assumption leads to only
minor errors in the calculation of pressure and
velocity. Supersonic flows can be computed only
in the regions inside a shock layer. An example
would be the supersonic flow around a slender
body, where a potential flow solution could be
computed between the attached bow shock wave
and the body surface, assuming the conditions on
the downstream side of the shock surface can be
determined as a boundary condition for the
calculation. The full velocity potential equation,
for an irrotational, inviscid, isentropic flow, in
terms of Cartesian coordinates (x,),z) is written:



D, _ @, P, D,
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where the velocity potential @ is defined by:

V= L12+v2+w2 =V® (2)
such that:

— @ = 0D — 00
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and the time, ¢, is in the unsteady terms. If the
flow is steady, the last four terms of the equation
are neglected.

2.2 The VFP solver implementation

For this application, a steady flow VFP solver has
been used, which is a development of the VFP
code available commercially from IHS ESDU
[1]. This code allows the wing geometry to be
input as a series of section profiles to be defined
from the root to the tip, along with the
corresponding location, relative to the fuselage
reference point, of the local leading edge, chord
length and the local twist angle setting. The
process of changing such geometric features as
leading edge sweep, taper, local dihedral, crank
location and twist setting therefore involves the
change of a few parameters, which can be done
manually or as part of a computational
optimization algorithm.

The VFP program also incorporates the
modelling of the zero alpha flow around the
isolated fuselage whereby the potential flow field
is obtained by the classical solution of the
Stokes-streamline problem for the input body
geometry defined in a separate input file [2]. This
provides both the zero incidence surface pressure
distribution on the isolated fuselage, and the
increment in Mach number at the wing quarter
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chord location across the wing span which is
used to vary the local Mach number along the
wing span in the VFP calculation. Validations of
this method are reported in reference [3]. In order
to calculate the aerodynamic characteristics of a
complete  wing-body  configuration, the
contribution to the forces and moments from the
fuselage is calculated by computing the surface
pressure distribution at the required angle of
attack by the method of De Jarnette [4]. The
surface integration of this distribution provides
the local distribution of the lift and drag pressure
force along its longitudinal axis (x in this case)
which is further integrated to provide the total
lift, drag and pitching moment contribution from
the fuselage. The interference from the wing flow
onto the body is not yet accounted for in the
method, but this is deemed to be relatively minor
for the long fuselage configurations typical of
modern transport aircraft.

The VFP code automatically generates the
separate computational grids around both the
fuselage and the wing, details for which are
provided in ref [1]. For this study, the wing-
bodies investigated, are modelled with meshes
of 135,432 cells, wrapping an O-topology grid
around the wing (in this case 162 cells wrapped
around the wing, 38 cells along the span of the
wing and 22 cells outward from the wing
surface). The fuselage was modelled with 33
points along its axis, and 32 points around its
circular half perimeter, where the flow is
assumed be to symmetric about the y = 0 (wing
centreline) plane.

The code then solves the full (non-linear)
potential flow equations, coupled with the
integral boundary layer equations. In particular
the code uses a relaxation algorithm to solve the
finite difference form of the full velocity-
potential equation which is coupled with the
semi-inverse, swept / tapered integral boundary
layer method of Ashill and Smith [5, 6]. The
convergence criteria was set as a maximum
absolute change in value of velocity perturbation
potential reduced to an order of 107

2.3 The Navier-Stokes solver

For comparison with the VFP results, a modern
commercial, compressible flow, Navier-Stokes
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solver was employed to obtain high resolution
simulations of the flows analyzed with the VFP
method. The solver employed the Roe
approximate Riemann solver for shock capturing
with a second order scheme in both space and
time to obtain converged steady flow solutions.
A number of turbulence models were used for the
Reynolds Averaged Navier-Stokes (RANS)
calculations for comparative purposes, as
detailed in the paper, and for test case 2 the
Delayed Detached Eddy Simulation (DDES)
method was used to obtain unsteady time
accurate  data. Grid insensitivity = was
demonstrated in all cases, the convergence
criteria being overall force coefficient
convergence together with residual convergence
to at least 10,

3 The Test Cases

3.1 Test Case 1: The W4 Wing-Body
Configuration

The first validation test case was the RAE Wing
4, transonic wing-body configuration as shown in
fig 1, which was tested in the RAE Bedford 8ft
Supersonic wind tunnel in the late 1970’s.

M -5.078

Fig 1: Dimensions of the V4 wing-body configuration
[7].

The data was made available via the NATO
AGARD AR-303 report in 1994 [7]. In this
paper, comparisons are presented for the Mach
0.78, Re. = 5.12x10° condition

3.2 Test Case 2: The RBC12 Wing-Body
Configuration

The configuration chosen for the second
validation test case was the RBC12 wing/body
geometry designed by the Aircraft Research
Association (ARA). Fig 2 presents a photograph
of the half model being tested in the ARA
Transonic Wind Tunnel along with some basic
dimensions [8]. The RBC12 model has a quarter
chord sweep of 25° with a swept / tapered and
cranked planform which has a semi-span of
1.085m, a mean aerodynamic chord of 0.279m,
and an aspect ratio of 7.78.

Fig 2: The RBC12 wing-body configuration half
model in the ARA Transonic Wind Tunnel, and its
principle dimensions [§].

The half span model was mounted on the
floor of the tunnel, from a 5-component strain
guage balance which measured the forces and
moments on the combined wing and fuselage.
Surface pressures were obtained using the
Dynamic Pressure Sensitive Paint (DPSP)
method. Tests were conducted in the Mach
number range 0.7 — 0.84, corresponding to
Reynolds numbers, based on mean aerodynamic
chord, of 2.8 to 3.9 million. In this paper on the
comparisons for the Mach 0.8, Re. = 3.75x10°
condition are presented.



3.3 Test Case 3: The BW-11 Blended Wing-
Body Configuration

The VFP method having been validated against
experimental data with test cases 1 and 2, the
third demonstration was to assess the ability of
the VFP approach to accurately and rapidly
predict the aerodynamic characteristics of a
transonic blended wing body configuration. For
this the Cranfield University BW-11
configuration was adopted, the basic dimensions
for which are presented in Fig 3.

Because experimental data for such
configurations at transonic flight conditions, at
the time of writing, were not available to the
authors, it was decided to make a direct
comparison between VFP and high resolution
Reynolds Averaged Navier-Stokes results, given
that this approach has been shown to be accurate
enough for conceptual design analysis for this
application, as will be demonstrated for the first
two test cases.

@

Fig 3: Dimensions of the basic Cranfield BW-11
Blended Wing Body configuration with no winglets
(units in mm,).

4 Results and Discussion

4.1 Test Case 1: The W4 Wing-Body
Configuration

For this test case the VFP results are compared
only with the experimental data for the Mach
0.78 case of interest. No RANS calculations were
performed for this case. Fig 4 compares the VFP
predicted lift (Cz) and drag (Cp) coefficient
characteristics with those obtained from the
experiment. Here the dashed line in the lift curve

PRINCE, DI PASQUALE, GARRY & NUZZO

indicates the linear trend in VFP predicted lift
and shows that this lower order method has
successfully captured the non-linearity at the
higher o associated with onset trailing edge
separations which the coupled boundary layer
method can capture. While the VFP method is
seen to resolve the drag levels at low «
remarkably well, it over-predicts Cp by up to 10
drag counts at the higher incidences. For a lower
fidelity method, however, this is still acceptable
as it is often the trends which need to be resolved
and not necessarily accurate magnitudes.

08

02 © Experiment

—e—VFP
0.1

-0.5 0 05 1 15 2 25 3
a(deg)

-0.5 0 05 1 15 2 25 3
a(deg)

Fig 4: Comparison of measured and computed lift
and drag characteristics with «, for W4. Mx=0.78,
Re.=5.12x10".

The VFP method outputs automatically, a
breakdown of the local lift and drag contributions
along the wing span for the assessment of wing
loading. Fig 5 presents the comparison between
the VFP predicted wing loadings and those
obtained from integration of the experimentally
measure surface pressures. Here, again, the VFP
method is seen to capture these remarkably well
for all four « cases investigated, certainly to an
accuracy useful at the conceptual design stage.
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Fig 5: Comparison of the variation with angle of
attack of measured (via integrated surface pressure)
and VFP predicted spanwise loading (local lift
coefficient). M,=0.78, Re.=5.12x1(".

A selection of the comparisons of the
predicted and  experimentally = measured
chordwise surface pressure distributions are
presented at different spanwise stations in figure
6 and 7, for ¢ = 0 and 2.0° respectively. Here, 7
is the span location as a percentage of the total
wing span, and C, is the local surface pressure
coefficient. For the zero incidence case, shown in
fig 6, the surface pressure distributions are
captured with an accuracy typically expected
with a Navier-Stokes calculation, including the
resolution of the weak upper surface shock wave,
towards the wing tip around 30% chord. The
discrepancy with the two experimental points for
the most inboard spanwise location is due to a
known experimental measurement error.

For the more challenging case of a = 2.0°,
where a relatively strong upper surface shock
wave appears, the comparisons are plotted in fig
7. Here, again, the VFP method provides
predicted surface pressure distributions, with
indicative shock wave locations and strengths
that are typical of the accuracy expected of
modern Navier-Stokes solvers using much finer
computational meshes and at much higher
computational and run-time cost. The plot for the
most outboard spanwise station is of interest, as
this shows that the VFP method has successfully
captured the trend towards boundary layer
separation at the tip, indicated when local C, at
the trailing edge goes negative.

The VFP method has been developed to
output both the local boundary layer properties
on the wing surface, including the displacement
thickness, 0%, the momentum thickness, €, the

shape factor, H (= 6*/6) , together with local
skin friction coefficient, Cr, and the skew angle,
£, between the limiting flow vector above the
surface, and that at the boundary layer edge,
which is useful for the design of flow control
devices.

Cp

n=20.53

-15
@ Experiment

—FP

-0.5

Cp

05

7=10.90

Fig 6: Comparison of measured and computed
surface pressure distributions for W4. M,=0.78,
a=0.0°, Re.=5.12x10".



These parameters are output directly from
the boundary layer solver, whereas separate post-
processing is required from a CFD solver. Fig 8
presents the VFP derived upper surface C,
contours showing the resolution for two « cases.

® Experiment

VEP

n=0.16

® Experiment

® Experiment

E—id

, 7=0.53

® Experiment

VFP

n=0.90

Fig 7: Comparison of measured and computed
surface pressure distributions for W4. M=0.78,
a=2.0°, Re.=5.12x10".
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The lower a case correctly resolves a shock free
upper surface flow, while a strong swept shock wave
is well resolved for the 2.5° incidence case. The shock
wave is correctly seen to be the weakest inboard,
strengthening outboard with a noticeable unsweep
towards the tip where incipient boundary layer
separation is known to occur.

Fig 8: Selected VFP computed upper surface C,
contours for W4. Mx=0.78, Re.=5.12x1 0°.

4.2 Test Case 2: The RBC12 Wing-Body
Configuration

For test case 2 the VFP predictions were
compared against both experimental data as well
as high fidelity CFD, which in this case involved
Delayed Detached Eddy Simulation (DDES) as
part of another study of this test case. Fig 9
presents the surface mesh for the coarsest
structured grid superimposed with the resulting
surface C, contours for the Mach 0.8, zero
incidence, case of interest. Grid convergence was
found (force coefficients to 3 significant figures)
for cell counts of the order of ~20 million.
Individual calculations involving the acquisition
of 0.5 seconds of simulated flow took typically
15 days of run-time on 128 core processors of a

6
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modern parallel cluster machine. The steady
RANS (k@ SST turbulence model) calculation
from which the DDES simulation was started
from took about 1 day for convergence to be
achieved on the same computing resource.
Compare this with a ~120 second run time for a
corresponding VFP calculation on a single
processor of a modest desktop PC.

Fig 9: The coarse RBCI2 structured surface
grid, with surface C, contours for the Mach 0.8,
a=(’ case.

Fig 10 compares the lift and drag
characteristics for both the VFP prediction and
the initial RANS calculation (3 points only), with
the corresponding experimental measurements
[8]. Data for both the wing-alone and for the
combined wing and fuselage are plotted for the
predicted results.

Both the VFP and the RANS calculation
resolve the lift and drag coefficients remarkably
well at @ =2.5°. The VFP result correctly resolves
the non-linearity in the lift trend due the onset of
shock induced viscous effects, together with the
associated rise in drag. If anything the VFP
slightly over-predicted the lift force which
thereby resulted in excessive induced drag and a
corresponding over-prediction in drag force
compared with experiment. The RANS predicted
lift is seen to follow the continued linear trend
(dashed line), while the drag coefficient at the
highest o was woefully under-predicted. Fig 11,
which compares the experimentally measured
(dynamic pressure sensitive paint) upper surface
static pressure contours with the corresponding
predicted results for the higher « case, provides
a possible answer to this failure of the
RANS/DDES method.

BT .
8
it

O Experiment (Full Config)
—&— VFP (Wing alone)
—@— VFP (Full Config)

A RANS (Wing alone)

A RANS (Full config)

a(deg)

Fig 10: Comparison of measured and computed lift
and drag characteristics with a, for RBCI2.

b) Experiment [8]

¢) VFP

Fig 11: Comparison of measured and computed
surface pressure contours for RBCI2. M,=0.8,
a=3.76°, Re.=3.75x10".



Close scrutiny of the pressure contours at the
tip indicates that the time averaged DDES result
(almost identical to the RANS result) predicts a
much weaker upper surface shock wave, which
sits closer to the leading edge, whilst the VFP
result predicts a stronger shock sitting further
rearward, with a considerable unsweep at the tip,
as seen in the experiment. The VFP method
solves the coupled turbulent boundary layer
equations directly, while the CFD method solves
approximate equations for the flow and the
turbulence production and dissipation which
almost certainly has resulted, in this case, in poor
boundary layer resolution and corresponding
shock evolution towards the tip leading edge.

A selection of the output from the VFP
solver for the characterization of the local
chordwise pressure and boundary layer state for
the inboard spanwise station, 77=0.1, is presented
in fig 12. This is typical of the data that is
produced and which can be quickly used to aid in
deciding how a given wing may be redesigned
for improved performance or for safer off-design
characteristics. Such a method, for which an
entire pitch sweep can be obtained in less than an
hour on a modest desktop machine, clearly lends
itself well to the conceptual design activity,
where it would be unwise to deploy high
resolution Navier-Stokes methods.

4.3 Test Case 3: The BW-11 Blended Wing-
Body Configuration

For test case 3 the comparisons are only between
VFP and Navier-Stokes predictions at an
arbitrary Reynolds number, based on centre-span
chord, of 9 million.

Fig. 13 presents the surface mesh density for
the RANS calculations, where the hybrid grid
encompassed ~14 million cells, and that used in
the VFP calculation which comprised 135,432
cells. The RANS grid used a layer of 30 prismatic
cells to model the boundary layer, where y*™ was
found to be in the range 1 — 10.

A comparison of the VFP and RANS
predicted (with three different turbulence
models) lift and drag characteristics is provided
in figure 14 for M=0.75.
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Fig 12: VFP computed chordwise distribution of
viscous flow characteristics for RBCI2 at spanwise
location n=0.1. Mx=0.8, a = 3.76°, Re.=3. 75x10°.

The VFP predicted lift has been found to be
lower at the higher a, where leading edge vortex
suction, resolved in the RANS solution, cannot
be predicted by VFP which assumes attached
boundary layer flow. The agreement between the
VFP and RANS resolved drag coefficient is,
however, remarkably good. For rapid prediction
of leading edge vortex related loading, semi-
empirical predictions of the contribution can be
added to the predicted lift figure.
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RANS

Fig 13: Comparison of the surface mesh densities
used for the computational methods for the BW-11
predictions.

=O=VFP
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o (deg)

Fig 14: Comparison of the predicted lift and drag
curves for BW-11. M»=0.75, Re.=9x1 0°.

Representative comparisons of the predicted
upper surface pressure distributions at two Mach
numbers are provided in fig. 15, which seems to
demonstrate that the VFP method is successfully
resolving the main flow characteristics including
the large region of suction behind the wing
leading edge crank, but fails to resolve the
leading edge vortex suction on the forward
fuselage. This is a focus for future improvement.

An important consideration in the design of
blended wing-body aircraft is that of propulsion
integration, for which an accurate set of data for
the boundary layer characteristics on the upper
rear fuselage is necessary if boundary layer
ingesting intakes are employed. Here, the intake
system must be carefully designed to minimize
the degraded intake airflows arising from the
ingestion of boundary layer air. Accurate

boundary layer data is therefore essential for the
conceptual design analysis of such an aircraft.

Fig. 16 presents the kind of boundary layer
data that can be rapidly produced using the VFP
method to aid in the understanding of the local
flow condition in the region where a boundary
layer ingesting propulsion system is to be
installed. In this instance, turbulent boundary
layer data is plotted on the upper surface at
spanwise locations 7 = 0 (the body centerline)
and 7 = 0.33 (just outboard of the leading edge
crank) for the M =0.8, o =0° condition.

RANS: k-epsilon Realizable VFP
’ b

- I_Y

a) M,=0.7

RANS: k-apsilon Realizable

b) M.=0.8

Fig 15: Comparison of the computed upper surface
pressure contours for BW-11, o = 0°, Re.=9x10°.

5 Conclusions

This paper, presenting some results of the feasibility
assessment of using the Full Potential equations,
coupled with the turbulent integral boundary layer
equations, has demonstrated both the accuracy and
the efficiency of the method for attach flow cases,
prior to buffet onset, which are relevant to the
transonic cruise condition. Use of such a method in
the conceptual design stage is shown to be capable of
yielding accurate enough data in a few minutes on a
single processor, where Navier-Stokes simulations on
100+ processors can take several days.
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