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Abstract

This thesis analyses possible Active Debris Removal (ADR) mission architectures by
comparing them on multiple levels. The objective is to determine if the studied mission
concepts, selected from the literature for their simplicity, are suitable for the removal of
non-operational spacecraft and rocket second stages, considering environmental impact,
cost, and mitigation strategies. A preliminary functional analysis is developed to de-
termine the requirements and main functions that the ADR spacecraft shall accomplish.
Due to the lack of publicly available information, the proposed architectures are sized, the
obtained results are validated through both a benchmark and a sensitivity analysis, and
the mass breakdown is analysed, being the starting point for the Life Cycle Assessment
(LCA). Data for the Life Cycle Inventories are gathered from both previously developed
LCAs and guidelines, while in some other cases, processes and materials are modelled
by the author. Costs are then estimated, based on existing guidelines and the Advanced
Mission Cost Model (AMCM) software. The environmental impact and the costs of the
launch vehicle are included in the study, finding the most suitable option for each analysed
spacecraft. Lastly, the compliance with the identified requirements is verified, proceeding
with the final architecture comparison. Results show how single-target satellites are pre-
ferred to multiple-target spacecraft for the removal of critical debris because of their lower
mass and consequently lower costs and environmental impact. In this study it was as-
sessed also the possibility to integrate a deorbiting kit, spacecraft deorbiting devices that
exploit the space environment to lower the target’s altitude, on the analysed satellites.
However, the results show that the uncontrolled re-entry performed by the deorbit kits
exceeds the on-ground casualty risk imposed by the mitigation guidelines, being hence
not suitable for the removal of the selected targets. The thesis contributes to the ADR
research field by applying the functional analysis to ADR satellites and suggesting some
requirements and functions for future operations. Moreover, the environmental perfor-
mance of the architectures is evaluated through the LCA, whose results can be used for
the selection of further ADR missions, combined with considerations regarding their cost
effectiveness.
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Nomenclature

Greek symbols

α Angular Acceleration

δ Angular Deceleration

ϵ Computational Variable

η Efficiency

γ Ratio of Specific Heats

Λ Latitude

λ Wavelength

µ Earth’s Gravitational Constant

Ω Right Ascension of the Ascending Node

ω Angular Velocity

ωp Anomaly of the Perigee

Φb Debris Flux

ρ Density

ρb Bond Albedo

ρs Semi-Amplitude of the Earth’s Shadow Cone

σ Tension Before Rupture

σS Stephan-Boltzmann Constant

σzz Normal Stress in z Direction

τ Shear Stress

θ Angle
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NOMENCLATURE

ε Specific Mechanical Energy

εr Radiator Emissivity

φ Phase Angle

ζ Impacts Number

Ω̇ Time Variation of Ω

Roman symbols

A Surface

a Semimajor Axis

ah Horn Radius

B Magnetic Field Vector

B Bandwidth

b Force’s Arm

C Specific Heat

CD Drag Coefficient
C
N Carrier to Noise Ratio

cv Specific Heat at Constant Volume

D Drag

d Directivity [lu]

Dp Antenna’s Diameter

E Energy

e Eccentricity

êB Magnetic Field Unit Vector

Eb Energy per bit

EIRP Effective Isotropic Radiated Power

E Electric Field Vector

êr Radial Unit Vector

Er, Et Electric Field Radial and Transversal Components
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NOMENCLATURE

F Force

f Focal Distance

G Gain [dBi]

g Gain [lu]

g0 Gravity at Surface

h Altitude

hh Horn Height

I Inertia Moment

i Inclination

Iav Average Current

Ich Characteristic Current

Ip Polar Moment

Isp Specific Impulse

J2 Earth’s J2 Perturbation

K Integer Number

L Losses

l Length

M Moment

m Mass

ṁ Mass Flow Rate

me Electron’s Mass

MOR Module of Rupture

Mt Torque

N Normal Force

n Raised Cosine Coefficient

N0 Background Noise

Ne Electron Density
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NOMENCLATURE

P Power

p Pressure

qe Electron’s Charge

R Data Rate

Re External Radius

rE Earth’s Radius

RHe Helium Gas Constant

Ri Internal Radius

Rr, Rt Magnetic Field Radial and Transversal Components

Rt Tank’s Radius

s Thickness

T Temperature

t Time Duration

tb Burn Time

TMAX Maximum Satellite Temperature

TMIN Minimum Satellite Temperature

Torb Orbital Period

U Internal Energy

V Volume

v, v Velocity (Vector)

Vmag Apparent Magnitude

w Width

x, y, z Cartesian Components

Subscripts

α Atmospheric

ap Apogee

ex Exhaust
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NOMENCLATURE

f Final Condition

i Initial Condition

ion Ionosphere

j Counter

k k-th Debris

max Maximum

min Minimum

ntb Non-Tumbling

opt Optimal

p Propellant

pe Perigee

φ Azimuthal Component

PL Payload

pm Polarization Mismatch

pr Pointing

S Free-Space

t Transmission Line

tb Tumbling

Superscripts

n Raised Cosine Coefficient

x, y, z Cartesian Components
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List of Acronyms

ADCS Attitude Determination and Control System

ADR Active Debris Removal

AKD Autonomous Kit De-orbit

AMCM Advanced Mission Cost Model

ARES Assessment of Risk Event Statistics

CFRP Carbon Fiber Reinforced Polymer

CMG Control Moment Gyroscope

COE Classical Orbital Elements

ComSys Telecommunication System

ConOps Concept of Operations

CROC Cross Section of Complex Bodies

CSSA Cislunar Space Situational Awareness

D4D Design For Demise

D4R Design For Removal

DHS Data Handling System

DockSys Docking System

DPS Debris Protection System

DRAMA Debris Risk Assessment and Mitigation Analysis

EPDM Ethylene-Propylene-Diene Monomer

EPS Electrical Power System

ESA European Space Agency
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List of Acronyms

FFBD Functional Flow Block Diagrams

GEO Geostationary Orbit

GNC Guidance, Navigation & Control

GPS Global Positioning System

GSO Geosynchronous Orbit

GWP Global Warming Potential

HEO High Earth Orbit

IRI International Reference Ionosphere

ISS International Space Station

KRM Kit Returns to Mothership

LCA Life Cycle Assessment

LCC Life Cycle Cost

LCI Life Cycle Inventory

LEO Low Earth Orbit

MASTER Meteoroid and Space Debris Terrestrial Environment Reference

MEO Medium Earth Orbit

MIDAS MASTER (-based) Impact Flux and Damage Assessment Software

MITRI MIT Risk Index

MLI Multi-Layer Insulators

NASA National Aeronautics and Space Administration

OBC On-Board Computer

ODCS Orbit Determination and Control System

ODE Ordinary Differential Equation

OSCAR Orbital SpaceCraft Active Removal

OSR Optical Solar Reflector

PCB Printed Circuit Board

PMSynRM Permanent Magnet Synchronous Reluctance Motor
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List of Acronyms

RAAN Right Ascension of the Ascending Node

RD Research and Development

SARA Re-entry Survival and Risk Analysis

SCMK Single Chaser Multiple Kits

SCMT Single Chaser Multiple Targets

SCST Single Chaser Single Target

SERAM Spacecraft Entry Risk Analysis Module

SESAM Spacecraft Entry Survival Analysis Module

SLS Space Launch System

TCS Thermal Control System
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Chapter 1

Introduction

During the last century, the exponential growth of the space sector led to an increase in
the number of launchers and satellites orbiting the Earth. The number of active satellites
is only a small fraction of the total amount of objects sent by humanity in space, and
non operative spacecraft represents a great concern for the safety of ongoing and future
missions [1]. If no countermeasures are taken, in the next century the number of objects
in Low Earth Orbit (LEO) is likely to triplicate [2], requiring immediate action to avoid
their uncontrolled growth.
To alleviate the problem, many mitigation practices of varying degrees of strictness have
been implemented to avoid the creation of new debris, but not at a level that ensures the
sustainability of the space environment in the long run [3]. Besides mitigation strategies,
another possible approach is Active Debris Removal (ADR) missions [4], which aim to
remove objects directly from their location and dispose of them in the atmosphere or
graveyard orbits, where they do not interfere with the operations of functioning satel-
lites.
The fact that, during the last decades, space sustainability became a great concern is
proven by the European Space Agency (ESA), which is currently implementing a policy
to achieve "net zero pollution" within 2030 [5], which consists in the reliable removal of
satellites from valuable orbits immediately after the end of their operative life; to prepare
ADR, the satellites’ architecture must also adapt to the new Design For Removal (D4R)
mission concept [5]. By doing so, it is possible not only to prevent the generation of new
debris in orbit, but also to remediate the root cause of the problem [6]. The impact of
these different approaches has been compared, showing their high importance to prevent
the growth of future debris population [7].
However, ADR missions may require some technological challenges to be solved [8], and
the need for some reference scenarios to be developed becomes relevant [9]. Moreover, the
environmental impact of the entire life-cycle of a space program emerged as a priority in
the new space economy, as documented by the ESA guidelines regarding the Life Cycle
Assessment (LCA) [10], which has become a useful instrument to estimate the emissions
of a project.
The long-term sustainability of the space environment, intended as "the ability to main-
tain space activity indefinitely in time" [11], the safety of the ongoing space missions
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Introduction

and the environmental impact of space programs are concepts of crucial importance if
mankind aims at achieving a safe and stable access to space. In this perspective, this work
wants to propose some ADR mission concepts, comparing them under several aspects,
ranging from the sizing to the costs, also considering the environmental impact these mis-
sions can generate during their entire lifecycle; a functional analysis is performed as well.
The objective is to find the most suitable architecture for the removal of LEO debris.

Mission concepts and the functional analysis are part of a larger, comprehensive Sys-
tem Engineering approach, aiming at guiding engineers throughout the whole design of a
project; the National Aeronautics and Space Administration (NASA) produced a Hand-
book to guide the development of a whole space mission [12]: the approach is valid not
only for space-related projects, but also for those requiring different design phases before
becoming operational. Since this thesis explores the feasibility of ADR missions, a pre-
liminary pre-phase A analysis is performed, defining Concept of Operations (ConOps),
requirements and functional analysis of ADR spacecraft.
To study the environmental impact of the analysed missions, LCA is used. The LCA
is a structured and standardized method, useful to quantify the emissions and the en-
vironmental performance of a product or, in general, of a project [10]. Despite some
limitations for space-related LCAs still exist, it has become a fundamental component
in the early mission design phases, helping to define the most sustainable alternatives
for potential products. The importance of this tool is highlighted by the development of
a Handbook [10] and a specific space-related database [13] by ESA, which is more and
more relying on LCA for environmental impact analyses. To have a comprehensive view
on the sustainability of space missions, Life Cycle Cost (LCC) will be also considered in
this work.

1.1 Objectives

Since previous works regarding ADR only give some insights about possible mission con-
cepts and generic requirements, this thesis wants to first explore more in depth the mission
objectives, defining more detailed and comprehensive requirements and concepts of oper-
ations. Moreover, a functional analysis is developed to help determine which subsystems
are required by ADR satellites to successfully exploit their functions.
This work also wants to verify the feasibility of the selected missions through a complete
sizing of the satellites. The obtained mass breakdown will then be used as the starting
point for both LCA and LCC. The results of the previous analyses will be combined with
the verification of the selected requirements in order to determine which mission archi-
tecture better suits the imposed constraints, being the most appropriate for the removal
of the chosen debris.
Differently from previous studies on this topic, a multi-level analysis of different ADR
mission concepts is performed, including requirements verification, environmental and
economical sustainability, and launcher selection: the study will not only identify the
most suitable architecture for the removal of the selected debris, but will also find the
most convenient one in terms of environmental impact and costs.
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1.2 – Thesis Outline

1.2 Thesis Outline
Chapter 2 shows a State of the Art review about the topic. First, the current situation of
space debris in the Near-Earth environment is analysed, giving some future perspectives
about the possible evolution of the issue. Second, mitigation solutions are presented,
followed by a literature analysis of some ADR mission concepts. Lastly, a review of
the guidelines regarding mitigation requirements is conducted, focusing on the different
aspects that can undermine the safety of space operations.

Chapter 3 presents the results of the functional analysis following the NASA System
Engineering approach [12]. The mission statement and mission objectives for ADR pro-
grams are defined, followed by the identification of some suitable architectures through
the ConOps. Design reference missions are then developed and requirements are selected.
Lastly, a functional analysis is developed using Functional Flow Block Diagrams (FFBD),
identifying the critical functions for ADR spacecraft, and N2 diagrams to define the in-
terfaces of the system are drawn.

Chapter 4 shows the methodology adopted during the sizing process of the selected
mission architectures, as well as the instructions about the development of both LCA
and LCC. The logic of the sizing process is here explained, followed by some considera-
tions regarding the selection of the most suitable launch vehicles for the chosen mission
concepts.

In Chapter 5, the results of the sizing process, the LCA and the LCC are given, making
a comparative analysis on the different satellites considered. The launch solutions are also
determined, being part of the multi-level analysis conducted. Lastly, the compliance with
the selected requirements is verified, and the results are then discussed.

Chapter 6 shows the conclusions of the work, determining which analysed mission
concept better suits the defined requirements, considering emissions and costs as well.
The achievements of the thesis are presented, followed by some considerations regarding
possible future works, which may be developed in order to conduct more complete analyses
on the topic.
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Chapter 2

State Of the Art

This Chapter focuses on the current condition of space debris, giving some insights about
future perspectives. Moreover, already developed models for Active Debris Removal
programs are shown, followed by considerations regarding international guidelines and
space missions’ requirements.

2.1 Current and Future Perspectives of Space Debris

Before starting the ADR mission analysis it is important to characterize the current space
debris environment, giving some insights about its expected evolution to fully understand
the need of such a mission.

2.1.1 Current Space Debris Situation

Although the precise number of objects orbiting the Earth is still unknown, some esti-
mations regarding the largest ones have been made; on November the 1st 2016, 34,000
bodies larger than 10 cm were identified, while 900,000 objects larger than 1 cm and more
than 128 million larger than 1 mm were detected [3]. Currently, many different networks
for tracking space debris and satellites are used, like the U.S. Space Surveillance Network
(able to detect debris as small as 5 cm in LEO and 1 m in Geosynchronous Orbit (GSO)),
as well as radar and optical measurements, capable of detecting even smaller objects [14].
However, some particles are too small to be detected even by the most advanced tech-
nologies, making the current number of microscopic objects orbiting the Earth a mere
approximation [8].

Figure 2.1 shows the presumed distribution of objects orbiting the Earth, highlighting
the great amount of small bodies.
LEO:Low Earth Orbit goes from the Earth’s surface to 2000 kilometres of altitude and
is the most overcrowded region [3], since passing through it is the only way to reach
space, and most of the dead spacecrafts end up there due to disposal maneuvers and
orbital perturbations [15]. The debris distribution varies depending on the altitude and
the inclination of the orbit, as shown in Figure 2.2. The most crowded areas are the ones
hosting the heaviest satellites as well [3].
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Figure 2.1: Estimated Number of Space Debris as a Function of their Size in Earth Orbit
[3]

Figure 2.2: Estimated Number of Objects as a Function of Inclination and Perigee Alti-
tude, Residing in LEO (left) and Crossing LEO (right) [3]

The high number of objects residing in LEO also causes a great amount of them to re-
enter the atmosphere every year: in 2022, more than 309 metric tons of material fell
on Earth’s surface, and most of them were aluminium debris, that can be a source of
atmospheric pollution [2, 15, 16].
Although the majority of LEO objects resides in high inclination orbits (about 90 to 100
degrees, as depicted in Figure 2.2), the active LEO satellites are concentrated in orbits
between 40 and 60 degrees of inclination and 500 to 600 kilometres altitude [3], meaning
that the high inclination objects are mainly debris and dead spacecraft.
The high density of debris detected in LEO is also due to past impacts between satellites
and intended break-ups in orbit: it is the case of the Chinese anti-missile test on the
satellite Fengyun-1C in 2007, which resulted in an increase of 25% of the debris popula-
tion, and the Iridium-33 and Cosmos-2251 (a defunct Russian satellite) impact in 2009,
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which generated 2296 new catalogued debris and potentially thousands of smaller and
undetected ones, creating an hazard for near by constellations [1].
LEO region is also the most critical regarding conjunctions, defined as geometric close
approaches between two space objects (dead or operating), which trigger an analysis by
the Ground Segment, but not necessarily a collision or an avoidance maneuver. The
orbits where the most conjunctions happen are at about 500 km altitude and between 95
and 100 degrees of inclination, obviously resulting in the most crowded ones [3].
MEO:Medium Earth Orbit (MEO) ranges from 2000 to 35,786 kilometres altitude, and
is generally not considered critical regarding space debris population, due to the small
number of objects and the big volume it occupies. However, this region has a crucial role
for global navigation and telecommunication constellations, and is regularly crossed by
satellites heading to the upper Geostationary Orbit (GEO) and GSO regions [3]. Figure
2.3 shows the amount of active and inactive payloads in MEO.

Figure 2.3: Distribution of Payloads in MEO in Mean Altitude and Inclination (Different
Colours Mean Different Constellations) [3]

GEO:The Geostationary Orbit is located at 35,786 kilometres altitude and zero degrees
inclination, and even if the number of satellites is smaller than in LEO region, it is
considered a crowded orbit anyway. GEO region lacks of natural sink for the debris and
dead spacecraft disposal (like aerodynamic drag in LEO), and the solar pressure makes
it challenging to reliably predict the orbital path of spacecraft. Most of the satellites and
rocket bodies reaching GEO region are large and heavy [3], resulting in an increase of
the exposed area (which increments the risk of collision with other debris), as shown in
Figure 2.4.
Lastly, since GEO and GSO orbits are very restricted and, due to their interesting physical
properties, are ideal for telecommunication and many other uses [17], their accessibility
must be preserved, limiting the interference of dead satellites and rocket bodies in those
areas.

2.1.2 Future Space Debris Perspectives

Considering the current trend in sending satellites and objects into space, simulations
about the future situation of space debris show a massive increase in the number of
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objects orbiting the Earth [8], as represented in Figure 2.5.

Figure 2.4: Mass (left) and Area (right) Distribution of Payloads in GEO [3]

Figure 2.5: Simulated Future Debris Distribution in Different Orbits if No Countermea-
sures are Taken [8]

However, if some countermeasures are taken (for instance, rules about the maximum
lifetime of satellites and the success rate of post-mission disposal maneuvers), it should
be possible to avoid the uncontrolled debris growth [6, 8].
LEO:Since LEO is the region where most of the active satellites operate today, it will
be the most crowded by dead spacecraft in the future [3]. Moreover, some commercial
companies (SpaceX, Amazon, etc.) have shown great interest in launching large con-
stellations there, raising the number of active payloads of several tens of thousands in
the next decades [1]. The increase in the number of objects in LEO can also cause more
conjunction events and collisions, representing a threat for active payloads and enhancing
the number of debris created [18].
Using the ESA-Meteoroid and Space Debris Terrestrial Environment Reference (MASTER)
software, it is possible to understand which LEO regions will be the most affected by the
problem of space debris in the future. In Figure 2.6 can be noticed how in the immediate
future the most affected orbits will be more or less the same, with a low but constant
increase in the number of objects.
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Figure 2.6: Simulated Future Debris Spatial Density in LEO Using the ESA-MASTER
Software, by Altitude (left) and Declination (right); only Objects between 1 cm and 100
m Diameter are Considered

Figure 2.7: Simulated Future Debris Spatial Density in MEO Using the ESA-MASTER
Software, by Altitude (left) and Declination (right); only Objects between 1 cm and 100
m Diameter are Considered

MEO:Since MEO is not a critical region, no environmental remediation is planned [8].
Simulations on ESA-MASTER in Figure 2.7 show how the spatial density of objects is
higher in lower MEO, meaning that the largest amount of spacecraft and debris reside in
the near LEO region. These graphs indicate a slow but constant growth in the number
of objects for the next years.

GEO:Even if some authors agree that GEO regions do not need an urgent environmen-
tal remediation [8], the considerable number of active satellites and payloads makes it
necessary to apply some disposal maneuvers at the end of life of the spacecraft, to fight
for a certain time at least the effects of the perturbations acting in that area [3].
Simulations on ESA-MASTER in Figure 2.8 show the spatial density of the most massive
objects is GEO. Clearly, the distribution of spacecrafts and debris for the next years will
occupy the same altitude (about 35,800 km) and declination (±20 degrees), since it is
the most profitable area for GEO and GSO applications.
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Figure 2.8: Simulated Future Debris Spatial Density in GEO Using the ESA-MASTER
Software, by Altitude (left) and Declination (right); only Objects between 0.1 and 10,000
Kilograms are Considered

2.1.3 The Lunar Orbits Case

A wide region of Near Earth space is occupied by Lunar orbits; many different categories
of Lunar orbits exist, depending on their shape and orbital elements. The simplest ones
are conics around the Moon, but due to the proximity of the Earth, more complicated or-
bits have been studied, like three-body problem Earth-Moon-spacecraft orbits, Lagrange
points [18], resonant orbits [19], halo orbits, Lyapunov orbits, distant retrograde and
periodic orbits [20] and many more.

Figure 2.9: Examples of Lunar Orbits [20]

Nowadays, more and more satellites and payloads are heading into the cislunar space
(between GEO and the Moon), and commercial companies seem interested in expanding
their domain there, as well as the defence departments [21]. The main concern about this
trend is the creation of a large number of space debris in that region, that can potentially
lead to catastrophic consequences for the whole Near Earth area. Currently, some debris
are already orbiting there, like the remains of the Apollo 13 oxygen tank (only explosion
recorded in cislunar space) [22], but many more could be generated by further collisions.
Many simulations were made in the last years about how space debris would develop in
the cislunar region, showing how unpredictably the objects can spread in the whole Earth
orbit. Simulations of explosions around the Lagrange points L1 and L2 [23, 24] and in
lunar periodic orbits [22] indicate that the generated debris would likely be captured by
the Earth, and some of them could even impact the Earth’s surface, resulting in a great
hazard for both the space and the terrestrial environment.
The apparently strange behaviour of these debris can be explained by the great amount
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of different forces acting in that region; since the distance from the Earth is considerable,
also the Sun and Jupiter’s gravitational influences need to be considered, leading to
an extremely dynamic environment [21, 23]. Moreover, some equilibrium points in the
cislunar space are unstable (like the Lagrange points L1, L2 and L3), leading to further
challenges in predicting orbits around them, while around stable points (like L4 and
L5) large numbers of natural debris (the Kordylewski clouds) are thought to have been
photographed at least once [25].
Since many future missions are heading to the cislunar space, and the interest of bringing
humanity back on the Moon is rising [26], lunar orbits are being studied into detail to
understand their distinctive dynamical behaviour. However, there is an increasing need
to coordinate lunar and cislunar traffic, to prevent future impacts and collisions that can
create a considerable population of new space debris [27]; the need for Cislunar Space
Situational Awareness (CSSA) becomes then evident. A critical element for the future of
the Near Earth space will be the full control of the lunar orbits, highlighting the need for
space observations and orbital propagation for these highly unpredictable objects [21].

2.2 Mitigation Strategies and Sustainability in Near-Earth
Space

The idea of applying mitigation strategies on new space missions first appeared in the
second half of the 20th century, when some research papers were published regarding
possible collision chain effects between debris in orbit, leading to the exponential growth
of its population [28, 29, 30] (the so-called Kessler Syndrome). Due to the extremely
high average impact speed (about 10 km/s [28]), the considerable masses of the objects
involved and their dimensions, almost every collision between spacecraft can be considered
catastrophic, leading to the fragmentation of both of them. The new debris generated
during the impact can then be harmful for other orbiting objects [28]. This cascade effect
occurs when a certain debris density is reached, and the sink effect that naturally removes
the objects (aerodynamic drag for LEO) acts slower than the debris source [29, 31]: it has
been estimated that the region between 900 and 1000 km altitude is permanently above
the threshold density [29]. If the debris density increases even further, it can exceed the
runaway threshold [30], meaning that the orbit tends to accumulate an infinite number
of debris, and some of them (residing between 800 to 970 km) were measured to even
exceed this limit during a survey in 1999 [30]. For higher orbits, where no aerodynamic
drag is present, many debris can survive for potentially centuries if no further removal
method is found [32].
Space debris can be considered both a long-term problem (potentially preventing future
access to space) and a short-term problem (due to the mission-ending risk that it can
generate), and the fact that even undetected sub-millimetres particles can be harmful for
LEO missions [6] stresses the importance of mitigation strategies [28, 33] and retrieval
techniques for dead satellites [28], as well as the development of new monitoring techniques
for space objects [11]. The design of a new spacecraft shall consider these directives, and
can be heavily influenced by these strategies [11, 28, 30].
The increase in number of satellites, as discussed before, can lead to safety issues, but can
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also decrease the carrying capability of the orbits [1]. For this reason, protected regions
have been created [5, 18, 34]: the "LEO Protected Region" is spherical and extends up
to 2000 km altitude, while the "GEO Protected Region" is a segment of spherical shell at
±200 km from GEO and with a declination of ±15◦, as represented in Figure 2.10.

Figure 2.10: LEO and GEO Protected Regions [34]

For these regions, some important guidelines for the disposal operations are given, re-
garding the minimum time that a dead satellite must spend outside of these orbits and
the success rate of the disposal maneuvers [5, 33, 34]. Guidelines for the lunar orbit case
have been defined as well, determining both the success rate of end-of-life maneuvers and
some of the preferred trajectories for disposal [18].
Lastly, atmospheric pollution is also a crucial factor to consider regarding the environmen-
tal sustainability of space: many disposal maneuvers aim at the ablation of the spacecraft
structure in the atmosphere and, even though the environmental damage that this process
can cause is still under investigation, some studies reveal a significant ozone depletion due
to the products of the reactions happening during the re-entry [2, 15, 16]. Performing life
cycle and atmospheric re-entry assessment becomes important to investigate the overall
impact of a space mission [1, 35], assuring the environmental sustainability of the opera-
tions.
While the primary focus of the work remains the general sizing and LCA of ADR missions,
this thesis also addresses the compliance of the operations with the mitigation strategies
and requirements, following the international guidelines provided in Section 2.5.2. This
aspect has received limited attention in already developed ADR studies, representing an
interesting research gap which is explored in this document.

2.3 Selecting Orbits and Debris to Remove

To plan an ADR mission, the first step consists in defining the debris that are going to
be removed. The results of the simulations contained in Section 2.1 show how LEO and
GEO regions will be the most populated in the near future, and since more advanced
simulations show that GEO will likely suffer only from a moderate debris population
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growth, LEO should be the main target for ADR missions [4, 8].
Following the definition of the region, the focus must be the selection of the debris to
remove; some previous studies suggest how preferred targets shall be debris with high
Mass × Probability of Collision [4, 8]: the removal of these objects would not only mit-
igate the threat for operational spacecraft, but would also address the root cause of the
problem, avoiding further collisions that can potentially end in the creation of many new
debris [8]. So, ADR shall mainly be performed to control the debris population growth,
rather than mitigating its effects [4]. Other methods to determine the most convenient
objects to remove involve statistical approaches, targeting debris whose future dynam-
ical behaviour can be critical [36]: using a Monte-Carlo model, researchers have been
able to define an index, the MIT Risk Index (MITRI), that considers different types of
data to give priority to some particular debris, considering aspects such as mass, back-
ground debris density, residual lifetime, probability of collision and others [36]. Further
approaches can include the analysis of the catastrophic debris flux orbiting in specific
regions, weighting it with its mass [37]; the fragility of the target, its attitude dynamics,
and even political constraints must be considered while choosing the most suitable debris
for ADR missions [37].
Lastly, the mission profile can significantly influence the choice of the objects; if a single
target mission is selected, then the debris shall occupy one of the highest positions in the
aforementioned priority lists, while if a multiple target mission is chosen (many orbital
transfers performed during operations), the optimal debris list shall be created in such a
way that the overall mission duration and the total required propellant mass are mini-
mized, potentially leading to the selection of lower-ranked debris [9].
Since mass and probability of collision are key factors in the choice of the debris, almost
every method described agrees on considering the bigger objects as the most critical ones.
Large targets, though, are limited in number, and are mainly rocket bodies or large dead
spacecraft [3, 38], with dimensions varying between 6 and 12 meters, and masses between
1.5 and 9 tons [8, 37].
The next aspect to take into account is the number of bodies to remove. Past researches
and simulations show how the removal of five objects per year, chosen among the higher-
rated ones, would be sufficient to stop the growth of the debris population in LEO and
increase safety during space operations [4, 8].
In this document, the following approach is used [37]: the debris suitable for removal
has been chosen among the most impactful ones, considering both the catastrophic flux
in its orbit and its mass. Even though different mission architectures will be analysed,
and in some cases multiple targets will be considered, the selected debris will remain the
same. It would be possible to choose other debris to optimize the mission path, however
it would no longer be among the higher-rated objects [9]. Five different bodies will be
removed by each architecture in analysis, supposing that, replicating such missions in the
future, it would allow to reach the stability of the debris population in LEO.
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2.4 Operations Definition
To well-characterize an ADR mission, it is imperative to first define the operations that
it shall perform. Literature shows different architectures for ADR and some reference
models are here proposed [9, 38]:

• One Chaser for One Debris: each satellite deorbits one single object;

• One Chaser for Multiple Debris: each satellite deorbits many different objects. It
requires additional maneuvering for orbit transfers [37];

• One Chaser for Multiple Deorbit Kits: each satellite deorbits many different objects,
using some deorbit kits;

• Multiple Chasers for Multiple Deorbit Kits: multiple satellites deorbit many differ-
ent objects, using some deorbit kits.

Basic mission profiles for the first three categories are represented in Figure 2.11.

Figure 2.11: Basic Mission Profiles for One Chaser for One Debris (left), One Chaser
for Multiple Debris (center) and One Chaser for Multiple Deorbit Kits (right) concepts
[37]; RDV Refers to the Rendezvous Phase, while Right Ascension of the Ascending
Node (RAAN) Phasing Refers to the Waiting Process for the RAAN Alignment in order
to Save Propellant During the Transfer Maneuvers

Different concepts of deorbit kits can be defined as well:

• Non-Docking Deorbit Kits: released by the chaser satellite on the debris, they are
not equipped with a own docking system (some examples in [39, 40]);

• Docking Deorbit Kits: after being released by the chaser satellite, they autonomously
reach and dock with the debris (an example is shown in [41]).

It is worth noting that various mechanisms can be used to deorbit (or transfer) objects
in space, some of which take advantage of the near-Earth space environment [42]:

• Electrodynamic Tethers: long, metallic tethers that exploit the gradient of the elec-
tron density in the ionosphere to generate an electric current when deployed toward
Nadir [7, 43, 44, 45, 46, 47]; the current then interacts with the magnetic field of
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the Earth, generating a Lorentz force that slows down the debris, allowing for a
faster orbit decay [48]. The lightweight materials they can be made of (aluminium
[48]) consent the deorbit of large debris using about 100 kg of instrumentation [7].
Electrodynamic tethers can be active (requiring power supply to help generating
more current; more complex but more effective) or passive (only exploiting the rel-
ative motion with respect to the Earth’s magnetic field; less complex, but also less
effective) [38].

• Momentum Exchange Tethers: a vehicle in a higher orbit is connected to another
vehicle in a lower orbit using a tether: since the orbital speed is proportional to the
inverse square root of the distance to the center of the celestial body considered,
the higher object is slower than the lower object, allowing for a decrease in the
perigee of the lower object and an increase in the apogee of the higher one [38, 39].
Rotating tethered systems have been proposed as well [49]. However, it has been
demonstrated that a 10 km long tether may be required to lower the perigee of the
lower object of just 100 km, making this option unsuitable for ADR missions, due
to the low effectiveness and the high-risk level [48].

• Inflatable Drag Augmentation Devices: they consist of inflatable structures that can
rapidly increase their volume by combining two-component foams; their expanding
ratio can range up to 1:1000 at standard atmospheric pressure; the gain in the area
exposed to the residual atmosphere, as a consequence of the inflation, means an
increase in the aerodynamic drag and a lower time required for the natural orbit
decay of the object [39].

• Propulsion System: after docking, the propulsion system of the chaser satellite (or
the kit) itself can be used to transfer the debris to a desired target orbit as shown
in [38, 41], or even to de-tumble it [50]. Both chemical and electrical propulsion
can be considered: while chemical propulsion is more suitable for precise prox-
imity maneuvers and high thrust orbit changes [37, 38], electrical propulsion has
higher specific impulse and lower thrust range [37], allowing for long-lasting, low
thrust maneuvers [37, 38]. Many different solutions do exist, for instance bi-liquid
propulsion systems, mono-propellant and hybrid propulsion [9], depending on the
objectives to be accomplished.

Considering the basic mission profiles described in Figure 2.11, and the previously dis-
cussed solutions, it is possible to define the main operations that may occur during a
typical ADR mission [39]: this breakdown will be further developed in the functional
analysis presented in Chapter 3.

1. Launch and Separation from the Launcher : this event sets the beginning of the
mission and it involves the launch and the deployment of either one or several
chaser vehicles [38]. Some corrective maneuvers may be applied here [39];

2. Chasing the Debris: the first debris to be removed is targeted and approached [39].
It is worth noting that the debris order shall be optimized to require the least
amount of propellant for the transfers, if a multiple target mission is chosen [36].
This phase may include the deorbit kit release if Docking Deorbit Kits are used [38];
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3. Docking Phase: it includes capturing, coupling [39] and de-tumbling of the debris (if
uncooperative) [9, 50]. This phase may involve the deorbit kit release if Non-Docking
Deorbit Kits are used [38, 40]. Different mechanisms for docking can be applied,
such as robotic arms [9, 48], capable of controlling all the degrees of freedom of the
target and whose current technological level may be sufficient for ADR missions [7],
or soft docking mechanisms, like harpoons, hooks or nets [9, 48].

4. Debris Deorbiting: by using one of the aforementioned deorbit mechanisms, the
debris is removed from its initial orbit [38];

5. Targeting of the Next Debris: in case of a multiple target mission, the chaser vehicle
may change its orbit multiple times; the transfers can be realised using in-plane or
out-of-plane maneuvers [38], or exploiting the natural J2 perturbation of the Earth
to shift the orbit’s Right Ascension of the Ascending Node (RAAN), requiring less
∆v for the maneuver, but more time to complete it [37, 38];

6. Self-Disposal: at the end of the mission, the satellite either re-enters the atmosphere
or is moved to a graveyard orbit, in compliance with the mitigation requirements
[38, 39] (see Section 2.5.2).

2.5 High-Level Requirements
Every space mission needs some requirements to be respected, in order to define its
feasibility range. In general, requirements for most of the mission phases shall be de-
termined, such as launch, propulsion, tracking, Guidance, Navigation & Control (GNC),
stabilization, docking, deorbit and ground support; they are mainly given by the goal
of the mission itself (Mission-Driven Requirements) and the safety of the space environ-
ment (Mitigation Requirements). While mission-driven requirements are very specific,
mitigation requirements have been defined universally, and are collected in international
guidelines [18, 51]. This Section focuses on the literature behind the requirements’ selec-
tion, while the list of High-Level Requirements chosen for the analysed ADR missions is
presented in Table 3.2.

2.5.1 Mission-Driven Requirements

Regarding ADR, High-Level Mission-Driven Requirements are mostly dictated by the
objects that the satellite shall remove from their current orbits.
First, the number of debris to remove must be determined, as assessed by many studies
[8, 9] and already discussed in Section 2.3.
Second, the size of the debris to remove shall be identified: while the removal of bodies
sized between 1 and 5 cm could produce an instantaneous mitigation of the consequences
of the debris issue, the deorbit of bigger objects, sized between 6 and 12 meters, offers
a long-term solution to the problem [8, 9]. It is worth noting that ADR missions could
also be extended to smaller debris, rather than considering only the larger ones; however,
these missions may require different solutions to the ones proposed up to now, and due
to the limited data available on this topic, this possibility will not be explored in the
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document.
Third, the stabilization of the space environment shall be reached, reducing the risk of
collisions to a level considered acceptable by operators and customers in the long run
[9]; this requirement, however, can be seen as an effect of the previous ones, since it
strongly depends on the success of the mission, or can also represent a way of selecting
the debris to remove, by imposing the desired final risk level and choosing the objects as
a consequence.
Lastly, the mission duration shall be determined, satisfying the imposed time constraints
[38] and defining the most appropriate launch windows.
The aforementioned High-Level Mission-Driven Requirements can then be enriched with
considerations regarding the high orbital range that ADR satellites shall endure, needing
higher adaptability to different altitudes and solar local hours than typical LEO missions
[38]; also, considerations regarding the possibility of docking, rendezvous and proximity
operations can be included, imposing more stringent Lower-Level Requirements on the
satellite’s subsystems [38].

2.5.2 Mitigation Requirements

Since ADR missions aim at removing space debris and cleaning the space environment,
mitigation requirements to avoid the release of further debris during operations, due to
collisions or catastrophic failures of the spacecraft, are of crucial importance and shall be
defined in an accurate way. Many High-Level Mitigation Requirements, concerning differ-
ent aspects of the safety of the space environment, can be defined from guidelines [18, 51].

Space Debris Release Restriction: Satellites orbiting the Earth can release debris
in many different ways, resulting in an increase in the probability of collision for other
missions. Most satellites have deployable elements, such as antennae and solar panels,
whose deployment can be triggered by pyrotechnic charges [52] that can potentially re-
lease a great amount of small objects in orbit. Another important source of debris during
operations are solid or hybrid propellants [18]: these motors include up to 20% of alu-
minium powder to stabilize the combustion process and release aluminium oxides (Al2O3)
that usually form high speed particles measuring less than 10 microns, but occasionally,
due to instabilities in the combustion process, they can aggregate into larger particles
called slags (up to 2 cm in size), whose low ejection speed allows for a longer orbital life-
time, generating dangerous impact fluxes [52]. Lastly, surfaces and Multi-Layer Insula-
tors (MLI) can deteriorate in space due to the extreme environment, including ultraviolet
radiation, atomic oxygen, thermal cycling, micro-particulates and micro-meteoroids: this
phenomenon can shed big portions of material into space, aggravating the debris problem
[52]. For these reasons, pyrotechnic devices, solid or hybrid motors and MLI or surfaces
that deteriorate easily must be avoided, or alternatively can be used guaranteeing the
non-release of debris larger than 1 mm [18], since they could damage in a critical way
other spacecraft due to their speed.
Debris released in LEO protected region shall have an orbital lifetime shorter than 25
years, while debris released in GEO protected region shall not be perturbed for at least
100 years, leading to a change in their orbit and potential further collisions [51].
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Avoid Break-Ups in Earth Orbit: One of the main contributors to the release of
new debris are explosions of spacecraft and launchers’ upper stages left on orbit: despite
some explosions were intentional (as previously described in Section 2.1), the majority
of them occurs accidentally, caused by onboard sources of energy not correctly managed.
To avoid this problem, passivation shall be performed, depleting the dangerous fluids and
deactivating electronics and moving parts at the end of the mission, when it no longer
creates high risk to the payload [51]. This operation occurs before the end-of-life if no
re-entry is expected, it is permanent and irreversible and 90% success rate shall be guar-
anteed (95% if performed in LEO or GEO protected regions) [18].
One of the major concerns regarding on-orbit break-ups are propellant tanks: the adverse
environment, heating conditions and potential collisions can in fact trigger unexpected
break-ups and explosions [52]. However, some design changes may be applied to avoid
issues during the operations and the end-of-life phase; for instance, in bi-propellant sys-
tems, no common shaft valves between fuel and oxidizer shall be implemented, and a
common tank separated by a bulk head shall be avoided, as well as single point fail-
ures common feed lines where fuel and oxidizer could mix and react unexpectedly; also,
freezing-resistant vent lines could be implemented to clear the feed lines of the apogee
engine after its shut-off, or alternatively a pressure relief mechanism can be applied [52].
The passivation of the propulsion system may be different for tanks with or without a
membrane to separate the propellant from the pressurant: for tanks without membranes,
the engine can be used to deplete both the propellant and the pressurant gas, achieving
the safety pressure level required (far below the 5.5 bar limit, reaching less than 1 bar,
through small thrusts of combined helium and hydrazine), while for tanks with mem-
branes, the pressurant can moderately penetrate through the membrane itself due to its
porosity, allowing for a partial emptying of the tank [53]. This last method, however,
does not allow for a complete depletion, requiring higher safety margins [52]; alterna-
tively, other passivation devices can be implemented, such as shape memory alloy valves
and pyrovalves [53].
Another subsystem that shall be passivated at the end of a mission is the Electrical
Power System (EPS), due to the high pressure contained in charged batteries, especially
for NiH2 devices [52], that can reach values up to 1000 psi [54]. The passivation of these
items can include pressure relief valves or diaphragms, minding the potential decrease in
reliability that could occur consequently [52]. Usually, the passivation sequence for bat-
teries includes the shut-off of the charging lines (by cutting the wires between batteries
and solar arrays [53]) and then the discharge (positive or natural) of the battery, decreas-
ing considerably the risk of break-up; this method, however, should be combined with a
correct design of the battery case to withstand the possible increase of the inner pressure
during standard operations [52]. Special attention is required for Li-ions batteries, since
they contain dangerous material inside, and a rupture due to overcharge can result in
a leakage of reactive lithium metal; however, many Li-ions devices have safety relays to
prevent this scenario, and if a complete disconnection of the feed line is performed at the
end-of-life, risks related to a possible overcharge are eliminated [54].
A dangerous source of internal kinetic energy are momentum devices such as gyroscopes
and reaction wheels, making them a potential threat for break-ups [51, 52]; however,
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after the EPS has been shut-off, these instruments lose energy rapidly, being no longer a
menace for the mission’s safety [52].
Lastly, the telecommunication subsystem shall be deactivated in the end-of-life phase,
preventing possible electromagnetic interferences with future missions using similar fre-
quencies to communicate [54].
In conclusion, to avoid in-orbit break-ups, it is fundamental to de-energize the satellite’s
subsystems when the spacecraft will no longer be operative. Two different philosophies
for passivation do exist: the Hard Passivation aims to completely deplete the satellite’s
stored energy (more conservative approach), while the Soft Passivation intends to par-
tially deplete the subsystems’ stored energy under a certain safety level, which is low
enough to avoid accidental ruptures (less restrictive approach); studies regarding soft
passivation have been made on pressurized gas vessels, showing, for instance, that an
internal pressure equal to ∼ 15/25% of the burst pressure can be enough to prevent
catastrophic failures and explosions of the vessel [55], meaning no need for a complete
depletion of the fluid. Both hard and soft passivation share the same objective of eliminat-
ing possible threats for in-orbit break-ups during the end-of-life phase of a space mission
[51, 55]. Moreover, if any intentional explosion or break-up occurs, it shall not generate
debris bigger than 1 mm with an orbital lifetime longer than 1 year [51].
Accidental Break-Ups by Collisions: The Near Earth space environment is populated
by a large number of debris (as depicted in Section 2.1) that can potentially collide with
other spacecraft, generating further dangerous bodies. Due to the high collision velocities,
typically between 10 to 20 km/s, even an object much smaller than a satellite (millimetres
to centimetres sized, weighting up to some grams) can produce a fragmentation event and
a catastrophic collision; usually, debris with a diameter of 10 cm or larger are assumed to
cause catastrophic collisions, resulting in a partial fragmentation of the impacted object
[51, 52]. Impacts with smaller bodies can also produce further particulate, called ejecta,
leaving the surface of the spacecraft, and even larger paint fragments called "spalls" (up
to five times the diameter of the crater generated by the impact) can be released in space
[52]. In addition to the external structural harm, debris or meteoroid impacts can cause
punctures in propellant tanks and fuel leakages, as well as critical damage to attitude
control sensors and electronics, resulting in higher risk of explosions and the eventual loss
of control of the spacecraft [51].
It is possible to estimate the number of total impacts occurring during a certain amount
of time by using:

ζ = ΦbAt (2.1)
where ζ is the impacts number, Φb the flux of fragments per square meter of surface
per year (which is a function of the ratio between the masses of the satellite and the
fragment), A the exposed area of the spacecraft and t the time span (in years) [14, 56].
During the design phase of the mission, impacts with debris and meteoroids larger than
1 mm diameter shall be assessed until the re-entry of the satellite, or at least for 100
years, including the possibility of shielding the sensible exposed area of the spacecraft
[18]. Guidelines define thresholds regarding the acceptable probability of collision for
each conjunction:

• < 10−6 for the cumulative probability of collision between the spacecraft and other
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manned satellites, or between the spacecraft and its own deliverable payload, during
the whole lifecycle [18];

• < 10−4 for the probability of collision per conjunction between the spacecraft and
debris bigger than 1 cm diameter, during the operational lifetime [18];

• < 10−3 for the cumulative probability of collision between the spacecraft and debris
bigger than 1 cm diameter, during the whole lifecycle and while performing prox-
imity maneuvers, which may be crucial for ADR missions [18] (other guidelines [51]
set this probability for debris bigger than 10 cm; a conservative approach considers
the most restrictive value between the two given by the different documents);

• < 10−2 for the cumulative probability of collision between spacecraft and debris
capable of preventing compliance with the post-mission disposal operations, during
the operational lifetime [51].

The term "whole lifecycle" refers to the time until re-entry, or alternatively 100 years are
considered [18, 51]; for this time duration, the expected number of conjunctions, whose
probability of collision fits between 10−6 and 10−4, shall be evaluated [18]. When the
probability of collision becomes higher than the accepted risk, it is necessary to perform
an avoidance maneuver to change trajectory and guarantee a safety distance between the
spacecraft and the debris [52]; these maneuvers are crucial and their number, required
time and required ∆v shall be considered in the design phase of the mission [18, 57].
Moreover, whenever an avoidance maneuver occurs, the probability of impact shall re-
main < 10−4 for at least 4 days [18]. The guidelines show how crucial is the capability
of performing maneuvers for LEO and GEO satellites, especially if they navigate across
the protected regions [18]. It is worth noting, however, that only a small fraction of the
debris has been tracked properly and is considered in the evaluation of the overall risk
of collision [52] meaning that the real probability of impact could be higher than the
predicted one.
Guidelines also assess the contact risk during proximity operations: the probability of
unintentional contact shall be < 10−4, considering possible perturbations, failures and
multiple space objects involved during the maneuver. If the probability becomes higher
than 10−4, the threshold level shall be re-established at least for 7 days before proceed-
ing with the next proximity operation attempt [18]. Also, recovery operations shall be
considered in the design phase of the mission [18].
To guarantee its surveillance and tracking, the spacecraft must be wide enough to be
passively detected by ground antennae: if the perigee of the orbit is contained in the
LEO protected region, then the satellite shall have at least one dimension larger than
10 cm, otherwise it shall measure no less than 50 cm. The position accuracy achievable
using ground antennae is 100 m for a satellite orbiting inside the LEO protected region,
and 1000 m for a satellite in the GEO protected region [18]. Different antennae networks
are used to track both satellites and debris, as already shown in Section 2.1.
In case of non-compliance with the prescribed cumulative probability of collision thresh-
olds, mitigation options such as shielding shall be applied [18].
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Disposal: At the end of the operational lifetime of a satellite, in order to avoid leaving the
dead spacecraft in a protected orbit increasing the debris number and consequently the
risk of further collisions, a disposal maneuver shall be performed. Different possibilities
can be considered:

• Deorbit maneuver : it consists of a deceleration aiming at decreasing the perigee of
the orbit, resulting in a direct atmospheric re-entry or a transfer into an orbit with
a shorter residual lifetime [51, 52];

• Re-orbit maneuver : it consists of rising or lowering the spacecraft’s orbit to an
altitude where it no longer interferes with other operational spacecraft [51, 52];

• Retrieval: the satellite is retrieved and returns to the Earth [51];

• Earth Escape: only for missions allowing for this possibility [51].

Usually, the deorbit maneuver is performed by satellites orbiting inside the LEO pro-
tected region, or travelling across it (altitude < 2000 km), otherwise the required ∆v
would be too high [52], since it strictly depends on the altitude of the operative orbit
[53]. Maneuvers during the end-of-life phase can be active, if the propulsion system of the
spacecraft is involved (liquid mono- or bi-propellant systems, electrical propulsion, solid
rocket motors), or passive, if the space environment is exploited to change the satellite’s
orbit (dynamic or electrodynamic tethers, drag augmentation systems, etc.) [52]. More-
over, for satellites orbiting inside the LEO protected region, natural re-entry shall take
less than 25 years after the end of the mission, and retrieval (if applicable) shall take less
than 5 years [51]; since MEO orbits are not critical regarding the debris issue (as already
discussed in Section 2.1), disposal maneuvers are not required, although efforts could be
necessary to avoid worsening the current debris condition in those orbits too [51].
Since the success of the disposal maneuver is of crucial importance to avoid catastrophic
break-ups, explosions and collisions with other objects in orbit [51], it shall be measur-
able and the overall probability of success shall be > 0.9, considering possible failures
[18, 51]. Also, new space debris shall not be generated during the disposal [57], stressing
the necessity of assessing the collision probability in this phase of the mission. In case of
a free-drift disposal in LEO, the deorbit shall last less than 5 years and the cumulative
collision probability shall remain < 10−3 during that time [18]. GEO targets shall be
prepared for ADR missions both in cooperative and uncooperative ways [18]; for GEO
missions capable of disposal maneuvers, the required propellant to exit the protected re-
gion is almost equivalent to the one used for 3 months of station-keeping operations [54],
and the resulting economic impact of the reduction of the satellite’s life can be consider-
able [52]. So, this operation is expensive in terms of propellant consumption, and it shall
be performed safely at the end of the mission [52].
Spacecraft can either be removed cooperatively or not during ADR: if the target is co-
operative, it shall support the removal operation and deliver its attitude data, while if it
is uncooperative (inside the LEO protected region), it shall dump its angular rates and
passively enable its attitude reconstruction [18]. In both cases, however, it shall passively
support the navigation of the chaser satellite and give access to removal methods [18].
Requirements regarding the ground casualties during the re-entry phase are given by
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guidelines as well: the spacecraft on-ground re-entry casualty risk shall be < 10−4 for
uncontrolled re-entries [18, 51], determined probabilistically with a 95% confidence level;
if the threshold is not respected, the re-entry shall be controlled [18]. The probability is
determined by evaluating the casualty area as follows:

Casualty Area =
∑︂

j

(︂
0.6 +

√︂
Aj

)︂2
(2.2)

where 0.6 is the diameter of the circular area occupied by a human body and Aj the
physical area of each debris, whose kinetic energy is > 15 J (assuming this value as
the minimum capable of causing potential human casualties [51]). To assess the 10−4

probability level, the casualty area shall measure 7.3 m2 [51, 53]: a representation is
shown in Figure 2.12.

Figure 2.12: Estimation of the Casualty Area for an Atmospheric Re-entry [53]

It is evident how small satellites can assess this requirement more easily than larger
ones. To avoid the survival of big portions of material, spacecraft shall be designed
to almost completely burn during the re-entry phase, following the so-called Design For
Demise (D4D) approach [51, 53]. This method consists in choosing materials for the satel-
lite’s components that are more likely to melt due to the extreme heat during the transit
in the atmosphere: for instance, aluminium shall be used for low-pressure tanks instead
of titanium, and also reaction wheels and gyroscopes shall be made of aluminium instead
of steel, since it has a much lower melting point; furthermore, additive manufacturing
can play a crucial role in the construction of complex shapes, allowing for a reduction of
critical materials [53]. At a satellite level, subsystems can also be rearranged to expose
the items that do not completely demise to the highest heat fluxes, or willingly breaking
the spacecraft into different parts during re-entry, facilitating the demise of some critical
elements [53].
If the on-ground re-entry casualty risk exceeds the 10−4 threshold, a controlled re-entry is
then performed: it shall occur as soon as the mission ends, and a re-entry location shall be
selected, possibly over a large uninhabited area of the ocean to minimize the risks for the
ground population [51, 54]. This maneuver usually requires different low-altitude burns,
needing powerful enough thrusters to guarantee a high control authority even when the
aerodynamic drag becomes relevant [54]. For this re-entry option, the product between
the probability of failure and the on-ground re-entry casualty risk shall remain < 10−4
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[51].

Dark and Quite Skies: To avoid interfering with astronomical observations, satellites
shall appear faint enough not to be observed:

Vmag > 7.0 + 2.5 log
(︃

hsat

550

)︃
(2.3)

where Vmag is the visual magnitude of the spacecraft and hsat the altitude of the space-
craft in km [18]. If hsat < 550 km, the minimum allowed visual magnitude is set to be
7.0, and this threshold shall apply for all flight phases [18].

Lunar Orbits: Regarding the lunar orbits case, mitigation requirements are still un-
der development. The main concerns are the avoidance of the creation of space debris
in those areas and the overall probability of success of disposal maneuvers to be > 0.9 [18].

Special Operations: For some mission architectures requiring non-conventional opera-
tions, special mitigation requirements have been defined, being of crucial importance for
ADR. For tethered systems, the generation of new debris due to the collision between
the tether and other operational spacecraft shall be prevented, and the tether shall not
remain deployed after the completion of its mission objective [51, 58]. Regarding ren-
dezvous, proximity operations and satellite servicing, the mission design shall be oriented
to avoid producing new debris, limiting the possibility of accidental collisions and ex-
plosions as a consequence of the operations [58]. Lastly, regarding ADR missions, the
probability of accidental fragmentation of the debris structure, as well as the risk of un-
intentional collisions and explosions, shall be minimized [58].

As discussed in this Section, mitigation requirements are of crucial importance during
the design phase of a mission, and statistical analyses are fundamental to assess the
threats that a spacecraft can pose to both satellite population and people on ground.
The informations here contained will be used in Section 3.3 to define the requirements of
the analysed ADR mission architectures.
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Chapter 3

Functional Analysis

This Chapter deals with the definition of the functions ADR satellites shall exploit.
The NASA System Engineering approach [12] has been used, identifying the mission
concepts, the requirements and the 1st and 2nd level functions which are necessary for the
selected architectures. The analysis starts with the definition of a mission statement and
mission objectives; some Concept of Operations adapted from the ones already discussed
in Chapter 2 follow; requirements and functions are identified, and, lastly, N2 diagrams
are developed. This procedure follows the steps’ order presented by [12].

3.1 Mission Statement and Objectives
Before defining possible concepts of operations and requirements, it is necessary to choose
an effective and straightforward mission statement to present the aim of the program to
potential stakeholders; regarding ADR, a simple mission statement could be:

”The mission aims at removing non-operative satellites and rockets’ second stages
from Low Earth Orbit, to help reaching a sustainable and long-lasting access to space.„

Also, it is important to narrow down the mission’s objectives in order to give more
precise perspectives on the program to external parts and potential investors, explaining
and motivating the main target. For the purpose of this document, the objectives shown
in Table 3.1 have been chosen, following the considerations presented in Chapters 1 and
4.
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Table 3.1: Selected Objectives for ADR Missions
N. Objective
1 The mission aims at removing non-operative satellites and rockets’ second

stages from LEO, since smaller debris are more difficult to reach and detect,
and they are not considered to be the main responsible for catastrophic colli-
sions in orbit.

2 The mission aims at guaranteeing a safe access to LEO and to space, prevent-
ing the Kessler cascade effect.

3 The satellite will be disposed of at the end of its lifecycle, avoiding the release
and the potential creation of new debris in orbit.

3.2 Concept of Operations
The ConOps is a crucial component for the success of a space mission, helping in both
requirements definition and functional analysis development. ConOps typically includes a
description of the main phases of the mission, the timeline, possible scenarios and critical
events [12].
Different design reference missions and possible ConOps have been explored in Section
2.4, and a new categorisation is proposed here, based on which vehicle performs the ren-
dezvous and proximity operations on the space debris; following this approach, it is also
possible to define the amount of autonomous spacecraft maneuvering during the opera-
tions, giving a more realistic insight about the complexity of ADR missions.

Mothership Docking: In this scenario, the satellite itself docks with the debris. The
mission starts with the satellite separation from the launcher and the approach to the first
debris, proceeding with the proximity maneuvers and docking with it. After these first
steps, depending on the mission architecture, the phases can vary significantly. Three
main variations have been considered:

• Single Chaser Single Target (SCST): the satellite only docks with one debris.
Immediately after the proximity operations and docking phase, the disposal takes
place.

• Single Chaser Multiple Targets (SCMT): the satellite docks with the first
debris. Then, it re-orbits the debris to a lower altitude, where the residual orbit
lifetime is shorter. After the release of the first debris, the spacecraft approaches the
next one, repeating the process until all the selected objects have been re-orbited.

• Single Chaser Multiple Kits (SCMK): the satellite docks with the first debris,
then releases a deorbit kit to the target and separates from it. The spacecraft
approaches the next debris, while the deorbit kit autonomously lowers the altitude
of the previous one. In this mission architecture, the satellite carries more than one
deorbit kit, and the aforementioned phases repeat until all the selected objects have
been deorbited.
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At the end of the mission, the disposal of the satellite takes place, considering both the
possibilities of an atmospheric re-entry and the transfer into a graveyard orbit, waiting
for further refurbishment. In SCST and SCMT, the satellite is disposed of together with
the last debris docked.

Kit Docking: In this scenario, the deorbit kits are equipped to autonomously reach
and dock with the selected debris. After the satellite separation from the launcher and
the arrival to the desired orbit, the release of the deorbit kits takes place. Two different
possibilities have been considered:

• Autonomous Kit De-orbit (AKD): the deorbit kit docks with the debris, and
then deorbits it. The satellite meanwhile releases the other kits.

• Kit Returns to Mothership (KRM): the kit docks with the debris, and then
it brings it back to the mothership. The satellite meanwhile releases the other kits.
In this mission architecture, the satellite keeps all the debris until the end of the
mission, and the same kit can be used again to bring more targets to the spacecraft;
it is worth noting that kits, in this case, are not properly deorbit kits, since they
move the debris to the mothership and not to its disposal.

At the end of the mission, the disposal of the satellite takes place, considering both the
possibilities of an atmospheric re-entry and the transfer into a graveyard orbit, waiting
for further refurbishment. In KRM, the satellite is disposed of together with all the debris
carried by the kits.

Figure 3.1 shows a comparison between the main phases for the analysed Mothership
Docking architectures, while Figure 3.2 presents the main differences regarding the Kit
Docking mission profiles.
Due to the intrinsic higher complexity of the Kit Docking mission architectures, involv-
ing many autonomous spacecraft operating at the same time, only Mothership Docking
architectures will be considered and further analysed in this document. However, due
to the higher flexibility that Kit Docking ConOps may offer, it could be worthwhile to
further consider them in future analyses regarding ADR.
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Figure 3.1: ConOps Comparison for the Different Mothership Docking Architectures
Considered

Figure 3.2: ConOps Comparison for the Different Kit Docking Architectures Considered

For the three selected ConOps, design reference missions are presented in Figure 3.3, 3.4
and 3.5, individually showing the sequence of the main mission phases for SCST, SCMT,
and SCMK, respectively. The figures show the number of repeating phases, according
to the number of targets to remove discussed in Section 2.3, and the main operations
occurring from launch to disposal.
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Figure 3.3: Design Reference Mission for SCST

Figure 3.4: Design Reference Mission for SCMT

Figure 3.5: Design Reference Mission for SCMK

3.3 High-Level Requirements
Table 3.2 contains the selected requirements for all three ADR mission architectures
analysed, while Table 3.3 completes the requirements definition with their rationale and
verification methods. The category distinction of the requirements is given by [12].
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Table 3.2: Requirements for the Selected ADR Mission Architectures
N. Category Requirement
1 Operational The mission shall remove 5 debris per year, with masses between

1.5 and 9 tons, and dimensions between 6 and 12 meters.
2 Operational The mission shall be operative in the orbits with altitude between

800 and 1000 km and inclination between 70 and 100 degrees.
3 Functional The satellite shall be able to perform proximity operations and

the docking system shall withstand the forces applied on it.
4 Operational The satellite shall have at least one side measuring > 10 cm.
5 Safety The satellite shall not release debris during operations. The proba-

bility of collision shall be < 10−4 for each conjunction with debris
> 1 cm diameter. The cumulative probability of collision with
debris > 1 mm shall be < 10−4 during the entire operative life-
time. The probability of contact during proximity operations shall
be < 10−4. If the probability of collision exceeds the prescribed
values, shielding shall be applied on the sensible surfaces of the
spacecraft.

6 Safety The satellite and debris’ disposal shall guarantee an on-ground
casualty risk < 10−4 if uncontrolled re-entry is performed; other-
wise, a controlled re-entry shall be considered. The probability of
success of the disposal maneuver shall be > 0.9. The satellite shall
be passivated at the end of its operative lifetime.

7 Dark and
Quiet Skies

The satellite shall have an apparent magnitude > 7 during the
entire operative lifetime.
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Table 3.3: Rationale and Verification Methods for the Selected Requirements

N. Rationale Verification Methods
1 The debris to remove has been cho-

sen following the considerations made
in Section 2.3, and the list is presented
in Section 5.1.

The selected ADR mission architec-
tures have been sized to be able to de-
orbit the selected debris, as shown in
Section 4.2.3.

2 The operative orbits have been cho-
sen following the considerations made
in Section 2.3, and their Classical Or-
bital Elements (COE) are presented in
Section 5.1.

The selected ADR mission architec-
tures have been sized to be able to op-
erate in the selected orbits, as shown in
Section 4.2.

3 In ADR missions, docking and ren-
dezvous operations are of crucial im-
portance, as explained in Section 2.4.
The selected equipment must with-
stand the forces applied on it, without
getting damaged.

The equipment for proximity opera-
tions has been selected in Section 4.2.3,
while a method to verify its structural
compliance is presented in Appendix A.

4 To allow the passive tracking of the
spacecraft, the satellite shall be large
enough to be detected by ground an-
tennae, as reported in Section 2.5.2.

The dimensions of the satellites have
been evaluated as shown in Section 4.2.

5 This is a necessary requirement to as-
sess the compliance with the mitiga-
tion guidelines [18, 51] regarding the
collision risk during operations, as dis-
cussed in Section 2.5.2.

ESA-Debris Risk Assessment and Mit-
igation Analysis (DRAMA) software
[59] is used to assess the compliance of
this requirement, with the methodol-
ogy described in Section 4.1.

6 This is a necessary requirement to as-
sess the compliance with the mitigation
guidelines [18, 51] regarding re-entry
casualty probability and in-orbit break-
ups risk, as discussed in Section 2.5.2.

ESA-DRAMA software [59] is used to
assess the compliance of this require-
ment, with the methodology described
in Section 4.1. Regarding passivation,
some solutions are adopted as shown in
Section 4.2.

7 Necessary requirement to assess the
compliance with the mitigation guide-
lines [18, 51] regarding the interference
with astronomical observations, as dis-
cussed in Section 2.5.2.

A simple methodology to assess the
compliance with the requirement is
presented in Section 4.1.
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3.4 Functional Flow Block Diagrams

Following the NASA’s approach described in [12], after the definition of the ConOps and
the selection of the requirements, the following step in mission analysis is the logical
decomposition of the system. Logical decomposition utilizes functional analysis as an
instrument to decompose high-level requirements, allocating them to the desired project
development level, helping identify the main functions that the system must achieve
during its lifetime.
While performing a functional analysis, three key steps must be executed:

1. Translate top-level requirements into functions that the system must perform to be
compliant with the selected requirements;

2. Decompose high-level functions and allocate them to lower levels;

3. From functions decomposition, identify and describe the needed subsystems and
their interfaces.

This recursive and iterative process leads to the definition of the system architecture
that accomplishes the chosen end product requirements. The detail level of the results
depends on the mission design phase that is being studied (from Pre-Phase A, regarding
a high-level feasibility study, to Phase E concerning the closeout after the end of the
mission): since this document only concerns about feasibility studies of potential ADR
missions (and not detailed subsystems’ design), the level of the analysis performed will
be a Pre-Phase A [12].
In this Section, the functional analysis of the architectures selected in Section 3.2 is
performed by using FFBD: this technique allows to show the sequential relationship of
low-level functions that the spacecraft must accomplish in order to obtain the fulfilment
of the higher-level ones. A limit of this analysis is the absence of information regarding
time duration (since only the sequence is shown, some functions may last seconds while
some others days or even weeks): further studies may also consider this aspect of the
missions more in depth, in order to give more detailed results about their feasibility.
FFBDs are developed from the top down, starting from high-level functions and decom-
posing them, level after level, up to the desired accuracy required by the design phase
[12]. Starting from the main operations identified from literature in Section 2.4, it is
possible to start defining the functions that ADR satellites shall perform: in the next
paragraphs, a division between first-level and second-level functions will be provided [12].
The names of the developed phases are taken from Figure 3.1.

Separation from the Launcher: After reaching the desired orbit, the satellite detaches
from the launcher’s upper stage, starting its own operations; Figure 3.6 contains the 1st

and 2nd level functions selected for this mission phase.
The functions here identified are common to all the three selected architectures, and are
usually performed by most LEO satellites at the beginning of their operative life.
The first step consists in enabling the telecommunications with the Ground Segment, to
prove the successful deployment from the launcher; to do so, energy must be provided,
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Figure 3.6: 1st (Grey Boxes) and 2nd (White Boxes) Level Functions regarding the Sep-
aration from the Launcher

and signals shall be sent to the ground station. Then, the transmissions from the station
containing the first commands shall be acquired, and a consequent downlink communi-
cation containing vital data and telemetry shall be established. It is important to notice
that the satellite, during this phase, is not yet capable of generating electrical power
independently, and its attitude and position can only be estimated by ground tracking.
The second step of this phase consists in gaining power self-sufficiency by start collect-
ing electrical energy that can then be used to feed the subsystems, allowing the satellite
to exploit its vital functions. The extra energy produced shall be stored to cope with
unexpected peak power demands, and the power distribution shall be regulated and con-
trolled to avoid malfunctions. These 2nd level functions usually occur before the attitude
determination and control [60].
Once electrical power has been generated, it is possible to proceed with the attitude de-
termination and control. A functioning attitude control is critical for space missions, and
many successive 1st level functions depend on an accurate orientation of the spacecraft.
First, the satellite shall be able to determine its current attitude and angular rates by
collecting data; knowing the desired orientation, the system shall compare it with the
detected one, understanding the required maneuvers to perform and proceeding with the
corrections if necessary. Once the spacecraft has been oriented as desired, it is possible
to provide a stronger and stable telecommunication link with the Ground Segment of the
mission.
After the satellite has been correctly oriented in space, active thermal control can be
provided. First, the temperature of the sensible components must be detected, allowing
for a comparison with their operative temperature range. After that, two possibilities are
considered: if the temperature of the component is too elevated, heat shall be subtracted
and irradiated outside the spacecraft, while if the temperature is too low, heat shall be
provided to warm up the item.
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Lastly, once all the vital functions of the spacecraft have been provided, orbit deter-
mination and control becomes necessary [61]. The current position and velocity of the
satellite shall be determined through data acquisition, and they shall be compared with
the desired state vector. Once the maneuvers to perform have been determined, position
and velocity vectors can be corrected and the chase of the first debris can begin.

Approach, Rendezvous and Docking: After the separation from the launcher and
the exploiting of the vital functions, the ADR satellite can start chasing space debris,
performing rendezvous and proximity operations. Figure 3.7 contains the 1st and 2nd

level functions selected for this mission phase.

Figure 3.7: 1st (Grey Boxes) and 2nd (White Boxes) Level Functions regarding Approach,
Rendezvous and Docking

Also in this case, the identified functions are common to all the three selected architec-
tures; however, they are no longer ordinary for standard LEO spacecraft. The information
contained in this paragraph is obtained from [39] and the process repeats whenever a de-
bris is docked (in case of multiple-target missions such as SCMT and SCMK).
The approach to the debris is a process that can develop over different instants of time,
and can be divided into long-distance targeting and short-distance targeting [9]. During
long-distance targeting, the satellite is still far from the debris, and the object is detected
from distance; once the maneuvers to apply to the satellite have been computed, orbital
corrections are performed to get closer to the target. Then, short-distance targeting be-
gins, allowing for a more accurate detection of the debris’ position: new and more precise
corrective maneuvers are computed and performed to get even closer to the object, al-
lowing to proceed with rendezvous and proximity operations. Short-distance targeting
may be difficult, since the debris might be uncooperative, showing a physical and optical
status different from the expected one [9].
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Rendezvous starts by providing visual telecommunication to the Ground Segment, allow-
ing for more accurate proximity maneuvers that can be performed by ground personnel.
After the link has been established, it is possible to start acquiring the debris relative
position and attitude, determining where to perform docking; maneuvers for the final
approach are then computed by comparing the current relative position and attitude of
the spacecraft with the desired one, and the state vector of the satellite is then slowly
corrected, allowing for the beginning of the docking sequence.
The docking sequence is the next 1st level function to occur, and during this phase the
debris is captured by the chaser satellite. First, the docking interface shall be prepared
for the operation in order to guarantee a smooth contact and to avoid the release of debris
into space or damages to the target. The following capture and attraction of the debris
(see Figure 3.7) is not mandatory, since it does not involve a stable mechanical link, but
can be helpful in reaching an higher accuracy during the docking operations, facilitating
the next 2nd level functions. The ADR satellite then provides a stable mechanical link
to the target, proceeding with the docking and the sealing of the link, guaranteeing a
stronger hold. Lastly, the mechanical link is checked in order to verify both the strength
of the hold on the debris and the accuracy reached during the docking operations.
Since debris can be uncooperative, it may be necessary to de-tumble and stabilize the
attitude after the docking process. Attitude and angular rates of the system (debris and
spacecraft) must be detected or computed, comparing them with the desired ones. Cor-
rective maneuvers shall be evaluated and performed, in order to dump the oscillations and
stabilize the system. Caution must be applied during the whole docking sequence, since
unintentional collisions and contacts can produce uncontrolled rotations of the system,
exacerbating the de-tumbling and stabilization process.

Re-orbit to Lower Altitude and Disposal of the Debris: Regarding SCMT archi-
tecture, once the chaser docks with the debris, it re-orbits the target to a lower altitude,
allowing for a shorter orbit residual lifetime. Figure 3.8 contains the 1st and 2nd level
functions selected for this mission phase.
This phase begins with the correction of the attitude before the re-orbit maneuver, ori-
enting the system (debris and spacecraft) towards the right direction for the orbit change.
First, as explained in previous paragraphs, attitude and angular rates shall be detected
and measured. Then, the sensed variables shall be compared with the desired ones in
order to determine the maneuvers to apply to the spacecraft, correcting its orientation.
After attitude determination and correction, the orbit shall be modified too, allowing for
a decrease in the altitude of the system. The current state vector shall be measured and
determined, proceeding with a comparison with the desired final state vector: from their
difference, the maneuvers to perform are computed and executed, resulting in the re-orbit
of the entire system to a lower orbit.
After the change of orbit, the satellite shall release the debris, preparing for the next
approach phase. The release process consists of the same 2nd level functions of the dock-
ing sequence, but in inverse order. The first step is the check of the mechanical link, to
assure no damage occurring during release. The mechanical link is then disconnected,
weakening the hold to the debris, and retracted to allow the separation from the target.
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Figure 3.8: 1st (Grey Boxes) and 2nd (White Boxes) Level Functions regarding Re-orbit
to Lower Altitude and Disposal of the Debris for SCMT Architecture

Since the system’s mass and moment of inertia change during the target’s release, transi-
tioning from those of the combined spacecraft and debris to those of the spacecraft alone,
undesired attitude rate and tumbling can affect the satellite. To correct the satellite’s
orientation, de-tumbling and stabilization shall be performed again, following the same
steps discussed before: starting from computing attitude and attitude rate, the current
orientation is compared to the desired one, evaluating the maneuvers to apply to dump
the oscillations and stabilize the system. Lastly, the satellite is finally able to get away
safely from the debris without any risk of accidental collisions, allowing a safety distance
before the next targeting phase.

Kit and Debris Release: Regarding SCMK architecture, once the chaser docks with
the debris, a deorbit kit is applied on the target’s surface, allowing for the removal of the
object. Figure 3.9 contains the 1st and 2nd level functions selected for this mission phase.
The first step consists in sticking the kit on the debris’ surface, assuring a strong hold to
avoid unexpected detachments during operations. The health status of the kit shall first
be monitored and checked before its delivery to the target, avoiding further deployment
problems. The kit shall then be extracted from the satellite, and must be applied on the
debris. Lastly, the mechanical link between the kit and the target shall be checked as
well, to prevent the aforementioned detachment problems during its operative lifetime.
The following three 1st level functions regarding attitude correction, debris release, de-
tumbling and stabilization have already been discussed in the previous paragraphs.
Finally, after the release of the debris, the deorbit kit can start removing the target from
its orbit: a command shall be transmitted to deploy the kit, starting the object’s removal.
As explored in Section 2.4, the general working principle of a deorbit kit consists in re-
ducing the debris’ orbital speed, allowing for a decrease in its altitude. In the long run,
this process leads to the atmospheric re-entry of the target, making its disposal possible.
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Figure 3.9: 1st (Grey Boxes) and 2nd (White Boxes) Level Functions regarding Kit and
Debris Release for SCMK Architecture

Disposal: When the ADR satellite reaches its end of life phase, different disposal ma-
neuvers can be applied, including atmospheric re-entry or re-orbit into a graveyard orbit.
Passivation shall be applied as well, depleting the energy accumulated in the satellite.
These phases shall be compliant with the mitigation guidelines described in Section 2.5
and the requirements defined in Section 3.3. Figure 3.10 contains the 1st and 2nd level
functions selected for this mission phase.

Figure 3.10: 1st (Grey and Orange Boxes) and 2nd (White Boxes) Level Functions re-
garding Disposal

The functions described in this paragraph are common to all three architectures consid-
ered in this analysis, and may be extended to any ordinary LEO mission approaching its
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end of life phase.
Once the satellite docks with the last debris (for SCST or SCMT architectures) or releases
the last kit (for SCMK architecture), a decision orbit to start the disposal maneuver may
be reached: there, the satellite can wait until a disposal method is selected. To reach
that orbit, the current state vector of the spacecraft shall be determined, comparing it to
the desired one, computing and performing the necessary maneuvers. Before the disposal
takes place, however, a system check may be necessary to verify the feasibility of the next
operations and prevent the risk of an unsuccessful disposal sequence; a command from
the Ground Segment shall then be sent to allow proceeding with the next phases.
If an atmospheric re-entry has been selected, the satellite starts reducing its altitude in
time by lowering its orbital speed; the decrease in altitude results in an increase in the
aerodynamic drag that lowers the orbital speed even further, producing a chain effect. It
might also be possible to artificially increase the aerodynamic drag of the satellite [42].
The choice between controlled and uncontrolled re-entry is made depending on the on-
ground casualty risk [62], which has already been discussed in Section 2.5. If the disposal
into a graveyard orbit has been selected instead, the satellite shall change its state vec-
tor to reach the desired final position, as previously discussed. In both cases, the right
attitude for the selected maneuver shall be acquired, following the aforementioned steps,
allowing for a correct orientation during re-entry, or avoiding undesired perturbations in
the graveyard orbit.
Before disposing of the spacecraft, passivation shall be performed whenever the selected
disposal method allows for it [63, 64]: following the steps described in Section 2.5, rotating
parts must be de-spun, potentially explosive fluids must be depleted and high-pressure
fluids must be depressurized. Finally, electrical power sources shall be switched off, and
the remaining electrical energy shall be depleted.

Appendix B contains the full sequence of the 1st level functions for all three selected
architectures, showing the order of the main phases of the missions.

3.5 N2 Diagrams

Once all the subsystems and their components have been defined (following the methodol-
ogy described in Chapter 4), the main concern is how do they communicate and exchange
informations. To help figure out where data, energy and material flows are directed, as
well as which components are in contact with each other, N2 diagrams are developed;
these graphs show different entries, one for each subsystem or item, and when two lines
meet, a symbol is added to represent the kind of interface occurring between the two
components. N2 diagrams are useful to understand the mutual interaction between the
subsystems of a satellite, while in more advanced mission design phases they may be
fundamental to detect problems regarding interface compatibility [12].
Figure 3.11 contains the N2 diagram developed for the entire satellite, using all the sub-
systems as entries and showing their interactions. The figure also shows the deorbit
subsystem, which has been analysed in Section 5.2.2 as a potential alternative to the
burn to disposal, by equipping the satellite with an own electrodynamic tether.
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Figure 3.11: N2 Diagram of the Overall System

From the picture, it becomes evident that all the subsystems are mechanically connected
to the structure, which is acting as a support frame for the other components; also, the
Thermal Control System (TCS) results connected both thermally and mechanically to all
the subsystems needing a thermal control device, such as cold plates, heaters or MLIs.
Another subsystem heavily integrated with the others is the EPS, which is the responsible
of delivering electric power to all the components requiring it to work; lastly, the Data
Handling System (DHS) exchanges data and information with all the active subsystems,
allowing for commands to be delivered and sensors to operate correctly. Some extra con-
nections are worth of attention: the mechanical interface between Orbit Determination
and Control System (ODCS) and Attitude Determination and Control System (ADCS)
is justified by the use of the same tank for the propellant of both attitude and orbit
control thrusters, while deorbit kits (in SCMK architecture) and Telecommunication
System (ComSys) are connected since the electrodynamic tethers’ deployment can be
directly commanded by the telecommunication system of the satellite.
More detailed N2 diagrams for all the components of the subsystems are contained in
Appendix C, showing the interactions between each item.

3.6 Critical Functions

Once the whole functional analysis has been developed, as well as the interactions among
the subsystems, it is possible to point out which are the exclusive functions of an ADR
mission, and which ones are critical for its success, representing potential failure points
that could cause a catastrophic end of the operations.
To remove debris of noticeable dimensions through active methods, it is mandatory to
dock with them, both to deorbit them or to deliver a deorbit kit. This phase of the
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mission, and the related functions the ADR satellite shall exploit, become of critical im-
portance for two reasons: first, the maneuvers and the approach shall occur safely, since
every unintended impact (also at low speeds) can result in the release of debris and the
fragmentation of the object or the satellite itself (which is against the statement of Re-
quirement 5, Table 3.2), and second, a failure of the docking system (and its potential
rupture) would inevitably compromise the success of the whole mission, meaning the
spacecraft would not be able to dock with any other object (this time, Requirements 1,
2 and 3 from Table 3.2 would be violated). For these reasons, rendezvous, docking and
proximity operations have already been recognized as critical functions for ADR missions
[65, 66], underlining the importance of redundancies, backup and safety measures during
this phase. These functions, however, are not exclusive of debris removal missions, since
also on-orbit servicing and manned spacecraft usually perform docking sequences and
proximity maneuvers: the difference lies in the fact that the body to dock with might
be uncooperative, exponentially increasing the risks and the difficulty of the sequence
(although some requirements regarding uncooperative debris can be defined as well, as
discussed in Section 2.5.2).
After the docking sequence and the eventual deliver of the deorbit kit (for SCMK archi-
tecture only), the satellite shall perform a de-tumbling and stabilization maneuver of the
entire system (debris and satellite) to correct its attitude. This phase of the mission can
represent a critical failure point, since the whole safe disposal of the debris and the correct
deployment of the kit (if delivered) depend on the control of the attitude and the angular
rates the spacecraft provides to the object: Requirement 6 from Table 3.2 would not be
respected as the on-ground casualty risk could exceed the 10−4 threshold. To guarantee
an high control level during de-tumbling and stabilization phases, redundancies in ADCS
equipment are fundamental, as well as selecting the right components to ensure maneu-
vers being applied safely and effectively. In more advanced mission design phases, where
precise simulations regarding the disposal of the debris would be performed, these func-
tions would gain an higher importance, allowing for different re-entry windows and safer
locations on the Earth’s surface, possibly implying different disposal methods being se-
lected (controlled or uncontrolled re-entry). These functions, differently from rendezvous
and docking, are almost exclusively part of ADR, since de-tumbling and stabilization ne-
cessity arises when an uncooperative target is approached and docked, minding its correct
orientation while thinking about a possible disposal technique.
The last critical phase identified is the disposal of the spacecraft at the end of its op-
erative life, and particularly its passivation. Despite this function may be part of every
flown space mission, it assumes a fundamental role in ADR for safety reasons, especially
regarding the architectures where a debris is deorbited while docked to the spacecraft
(SCST and SCMT). If any explosions due to heated pressurized fluids, spinning devices
or overcharged electrical components occur, not only the spacecraft would suffer from
severe damage and potential fragmentation, but also the debris docked to it would likely
be hit by a considerable number of smaller objects, damaging it and creating new de-
bris instead of mitigating the issue (Requirement 5 from Table 3.2 would be violated).
Moreover, the disposal of the satellite and the debris would be irreparably compromised,
not assessing Requirement 6 from Table 3.2. For these reasons, the passivation of the
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spacecraft is a function that is fundamental to perform in a correct and controlled way,
allowing for a safe re-entry and avoiding ruptures and explosions during the last phases
of the mission.
The functions analysed in this Section have been considered critical since a fail in per-
forming them does not allow the mission to be compliant with the selected requirements,
undermining the safety of the operations and the imposed objectives. It is worth noting,
however, that every function a satellite shall perform is critical on its own, since the mis-
sion would be compromised anyway if a failure in complying one of them would occur;
since the goal of this work are possible ADR solutions, only the functions strictly related
to the topic have been analysed, despite many others can be defined critical as well.
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Chapter 4

Methodology

4.1 Assessment and Verification of Requirements
Space mission requirements need to be verified, in order to assess the compliance of the
designed solution with guidelines and mission objectives. In this Section, verification
methods for the requirements displayed in Section 3.3 are provided.
Regarding mission-driven requirements, since the missions are designed to be capable of
removing the debris chosen in Section 5.1, their assessment is already included in the
sizing process of the ADR satellites; also, spacecraft are equipped with a docking system,
allowing for proximity operations (see Section 4.2.3).
Regarding mitigation, Safety requirements (Table 3.2, Requirements 5 and 6) are verified
by using the ESA-DRAMA software [59]. This program allows for a complete compliance
analysis regarding different mitigation aspects, such as the collision risk with space debris,
the evaluation of the necessary ∆v for collision avoidance maneuvers and the assessment
of a safe re-entry through the atmosphere.
ESA-DRAMA is composed of different independent modules, each of which designed to
verify and quantify one precise aspect of the mitigation guidelines [59].

• Cross Section of Complex Bodies (CROC): it allows for the creation of a 3D model
of the satellite from basic shapes, and computes its cross-section for a given aspect
angle and rotation axis (tumbling is also possible).

• Orbital SpaceCraft Active Removal (OSCAR): if the duration of the disposal phase
is unknown, this module evaluates the residual orbital lifetime of a satellite, requir-
ing the COE of the initial orbit, the cross-section of the spacecraft evaluated by
CROC and its mass. It is also possible to select among different disposal options,
such as re-orbit, delayed deorbit and direct deorbit, using different technologies
(chemical or electric propulsion, electrodynamic tethers or drag augmentation de-
vices). Moreover, this module shows the evolution in time of the COE of the
spacecraft, verifying the avoidance of prescribed target regions.

• Assessment of Risk Event Statistics (ARES): this module is used to evaluate the
necessary ∆v for collision avoidance maneuvers per year, given a target orbit and
the radius of the circular cross section of the spacecraft (assuming it to be spherical).
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It allows for the selection of a target debris population to avoid (choosing between
a range of masses or diameters), and an accepted collision probability level.

• MASTER (-based) Impact Flux and Damage Assessment Software (MIDAS): given
a target orbit and interval of time, this module evaluates the cumulative probability
of collision with a selected debris population (choosing between a range of masses
or diameters), assessing the risk of catastrophic impacts as well. Furthermore, the
user can define a surface equipped with a customable shielding device from a pool of
proposed ones: the program then evaluates the risk of penetration for that surface
and performs a damage analysis.

• Re-entry Survival and Risk Analysis (SARA): this last module is composed of two
separated tools; the first one, Spacecraft Entry Survival Analysis Module (SESAM),
models the re-entry of a space system based on simplified aerothermal analysis, while
the second one, Spacecraft Entry Risk Analysis Module (SERAM), assesses the
risk of surviving components, evaluating the debris footprint and the casualty risk
expectation (including different world population evolution models). To run this
module, it is necessary to model the satellite with all its internal components using
the materials from a built-in database, or adding new ones if required. Moreover,
this module can be run in Monte-Carlo mode, allowing for more complete statistical
results, including the evaluation of non-burning mass, casualty area and on-ground
casualty risk.

Figure 4.1 shows the typical use routine of the ESA-DRAMA software (the sizing process
and LCA are presented, respectively, in Sections 4.2 and 4.4).

Figure 4.1: Sequence of a Typical ESA-DRAMA Use Routine

While Requirements 1, 2 and 3 from Table 3.2 are assessed during the sizing process, and
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Requirement 4 is verified as a sizing result, Requirements 5 and 6 need ESA-DRAMA to
be verified. Regarding Requirement 5, the collision avoidance with debris > 1 cm is as-
sessed by evaluating the necessary ∆v with ARES (1 cm is the lowest selectable limit for
collision avoidance maneuvers) by setting the accepted risk level to 10−4 and considering
instantaneous maneuvers, while impacts with debris sized between 1 mm and 1 cm are
assessed with MIDAS; if the cumulative probability of collision exceeds the prescribed
threshold, a shielding technique is implemented, sized on the biggest debris exceeding the
allowable risk value. The lower limit for the impact analysis is justified, since collisions
with debris sized 1 mm can produce mission-ending damages [6]. Requirement 6 is veri-
fied using SARA, defining which re-entry maneuver (controlled or uncontrolled) shall be
performed. For both the probability of success of the disposal maneuver and the risk of
accidental collisions during proximity operations, the success rates of the selected engines
will be used, which are shown in Section 4.2.2.
Lastly, Requirement 7 of Table 3.2 is verified by using the following equation:

Vmag = −26.74 − 2.5 log10

(︃ 2
3π2 Aρb [(π − φ) cos φ + sin φ]

)︃
+ 5 log10 h (4.1)

where Vmag is the apparent magnitude of the spacecraft, φ the solar phase angle (whose
value is [0 < φ < π]), A the reflective cross-section area, ρb the bond albedo coefficient of
the spacecraft (whose value is [0 < ρb < 1]) and h the altitude of the satellite (minimum
spacecraft-observer distance) in km [67]. Due to the difficult estimation of ρb, a reference
value of 0.175 has been considered [68], and since φ varies in time, the worst case scenario
has been evaluated, by setting φ = 0 and maximizing the logarithm’s argument. The
simplified formula used to verify Requirement 7 is then (reflective satellite, worst case):

Vmag = −26.74 − 2.5 log10 (0.037 · A) + 5 log10 h. (4.2)

4.2 Subsystems Selection and Sizing Process

Once the requirements have been defined (see Section 3.3), and the functions that the
spacecraft must perform have been developed (see Section 3.4), it is possible to proceed
with the identification of the subsystems needed. This Section concerns the methodology
behind the selection of the subsystems, their structure definition and the satellite sizing
process. While only higher-level considerations are presented here, more detailed equa-
tions regarding the complete sizing are shown in Appendix A.
The necessary subsystems to successfully accomplish an ADR mission can be divided into
two categories: vital subsystems, which are mandatory for almost every space mission and
allow the satellite to exploit its vital functions, and mission subsystems, related to the
fulfilment of the requirements and the achievement of the mission objectives for the se-
lected ADR architecture.
Before sizing the components, however, the ∆v budget of the mission shall be evaluated.

4.2.1 ∆v Budget

The three architectures chosen in Section 3.2 perform different orbital maneuvers during
their operative lifetime (attitude control maneuvers are considered in Section 4.2.2):

59



Methodology

• SCST: it performs the approach maneuver to the selected target, collision avoidance
maneuvers to avoid space debris and the disposal maneuver;

• SCMT: it performs the approach maneuver to all the five selected targets, four
re-orbit maneuvers to lower the objects’ perigees, collision avoidance maneuvers to
avoid space debris and the disposal maneuver;

• SCMK: it performs the approach maneuver to all the five selected targets, collision
avoidance maneuvers to avoid space debris and the disposal maneuver.

Supposing the satellites to be launched in the same orbit as the first target of the mis-
sion (whose feasibility is verified in Section 4.3), and since the required ∆v for collision
avoidance is evaluated using ESA-DRAMA (see Section 4.1), only the orbit transfers and
disposal maneuvers have to be determined. Since a chemical propulsion system has been
chosen (as defined in Section 4.2.2), the maneuvers are considered to be instantaneous as
a first approximation.
Regarding orbit transfer and debris approach, a method that exploits the J2 perturba-
tion of the Earth to shift the RAAN is chosen [69], which is described in more detail in
Appendix A. The order of the debris to remove for multiple-target missions (SCMT and
SCMK) has been chosen as the one that guarantees the minimum mass of propellant [48]
(and not the minimum overall ∆v, since a minimum ∆v doesn’t necessarily imply a mini-
mum fuel consumption if the order of the maneuvers changes while the satellite is docked
to different objects). Since the selected approach prioritizes an optimal maneuver (when
J2 perfectly aligns the RAAN of the initial and final orbits), which can require a long
waiting time, a limit of three years was selected for the overall mission duration before
the disposal: if the ideal maneuver duration exceeds 3/4 of a year (since four transfers are
necessary), a new one is selected instead, which guarantees the minimum ∆v while lasting
less than 3/4 of a year [69] (in order to achieve the lowest propellant consumption). It is
worth noting that the duration of these maneuvers refers to the waiting time necessary
for J2 to align the orbits, and not to the burning time of the engine. The SCST satellites
are sized on the debris requiring the highest propellant mass to be deorbited.
Disposal maneuvers and re-orbits are evaluated as simple changes of eccentricity and
semimajor axis at constant inclination, RAAN and anomaly of perigee [37, 70]. Maneu-
vers requiring a decrease in altitude are modelled as single-burns aiming at lowering the
perigee of the initial orbit, allowing for higher aerodynamic drag and shorter residual
orbital lifetime [36]. Graveyard orbit disposal maneuvers (whose feasibility is explored in
Section 5.2.2) are modelled as double-burns aiming at increasing both the perigee and the
apogee of the orbit outside the LEO protected region. More details about the equations
describing these maneuvers are contained in Appendix A.
The propellant mass is evaluated by using Tsiolkovsky’s rocket equation [37]:

mi

mf
= e

∆v
Ispg0 (4.3)

where mi and mf are the masses before and after each maneuver, respectively, Isp the
engine’s specific impulse and g0 = 9.81 m/s2 the Earth’s gravity on the surface.
During orbital transfers, the satellite has been hypothesized to exactly reach the debris
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at the end of the maneuver; this is a simplified method that excludes eventual Lambert
orbital corrections during the approach phase [48], requiring a precise evaluation of both
position and true anomaly of spacecraft and debris, not available at this mission design
stage. However, to consider these maneuvers during the sizing process, an extra propellant
margin has been considered, allowing for more ∆v if necessary (see Section 4.2.2).

4.2.2 Vital Subsystems

Telecommunication System

The ComSys is one of the most important subsystems for a satellite, allowing data and
information exchange with other spacecraft or with the Ground Segment. The need for a
communication subsystem becomes evident from the diagrams presented in Section 3.4,
showing that a link shall be established for both telemetry and mission-related data.
Since telemetry and command data are exchanged from the very beginning of the mission,
when the attitude of the satellite has not been determined and controlled yet, a low-gain
omnidirectional antenna becomes necessary in order to be able to transmit data in any
direction; the selected one is a dipole antenna (2 dBi gain and 156° beamwidth) [71]. The
following frequencies have been allocated for telemetry and command: 145 MHz for the
downlink (50 MHz bandwidth) and 441 MHz for the uplink (10 MHz bandwidth) [72],
extrapolated by knowing that the length of the dipole arms shall be equal to λ

4 , where λ
is the wavelength [73]. Omnidirectional antennas shall be already deployed, or shall be
able to automatically do it after the separation from the launcher, like the selected one
does [72].
To establish a stronger link, capable of transmitting mission-related data (for instance,
visual communication during the docking phase), an high-gain antenna has been imple-
mented. To determine its dimensions and gain, losses shall be estimated and the link
budget must be evaluated by knowing the data rate of the communication. Since a visual
communication link has been selected for the docking phase, this represents the highest
data rate during the operations (telemetry only occupies 40-10,000 bit/s and commands
2-8 kbit/s), which has been evaluated as follows [74]:

data volume = bands × bit

pixel
× resolution −→ data rate = data volume × frame rate

(4.4)
Data for these equations has been gathered from [75]. Once the data rate has been deter-
mined, the compliance with the Shannon-Hartley theorem must be verified, determining
an higher limit to the maximum possible data rate using a selected bandwidth B: sup-
posing a FSK uncoded technology, and an allowable Bit Error Rate of 10−6, the required
Eb
N0

is 13.5 dB [76]. The maximum allowable data rate is then:⎧⎨⎩Rmax = B log2

(︂
1 + C

N

)︂
C
N = Eb

N0
+ 10 log10

R
B

(4.5)

where C
N is the carrier to noise ratio, Eb is the energy-per-bit, N0 the background noise

and R the data rate from Equation 4.4. If Rmax < R, then the selected camera can
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still be used by reducing the frames or the resolution up to the allowed level. To obtain
an acceptable carrier to noise ratio, the bandwidth B shall be large enough to permit
an high data rate: the frequency allocated for this transmission is 2245 MHz, which is
reserved for space-to-Earth applications, and with a possible maximum bandwidth of 90
MHz centred in the carrier frequency [77, 78].
Once the maximum allowable data rate has been determined, the gain of the directional
antenna can be evaluated using the link budget formula [71, 79, 80]:

Eb

N0
= EIRP + L + G

T
+ 228.6 − 10 log10 R (4.6)

where L are the losses of the link [dB], G
T the receiving ground antenna gain-to-noise ratio

(17.50 dB/K is considered, which is typical for 11 m diameter antennas communicating
at 2 GHz in S-band [81]), R the maximum allowable data rate and EIRP the Effective
Isotropic Radiated Power in dBW. Also, EIRP = Pt + Gt + Lt, where Pt is the power of
the transmitting antenna [dBW], Gt its gain [dBi] and Lt the related losses [dB].
The diameter of the parabolic reflector is calculated from [73]; regarding the feed, a
conical horn antenna is selected, sized from [73], whose power supply is 5 W (allowing
for reasonable dimensions of the reflector). A new lightweight and inflatable technology
is chosen for the parabolic reflector [82], while the feed’s structure is considered to be
made of copper [83]. The feed supports are three glass fiber sticks, sized from [84]
by knowing their length-to-width ratio, adapting it to the current case. To rotate the
directive antenna, gimbals are used [85].
Other necessary components for the ComSys are a modem, filters, a transponder, a
diplexer and coaxial cables [71]. The selected modem covers part of the bandwidth
allocated for the communications, it ensures the desired FSK uncoded transmission and
allows up to 25 Mbps data rate; its mass, volume and required power are taken from [86].
Filters are essential to delete the background noise; since they are usually small circuits,
their mass and volume have been neglected, while the required power has been evaluated
from [87]. The chosen transponder allows for the same coding method and operative
frequencies of the modem, and its mass, volume and required power are contained in [88].
A diplexer is a fundamental component of the ComSys, allowing the same antenna to
both transmit and receive signals: data for the selected diplexer has been gathered from
[89]. Lastly, coaxial cables have been selected based on [90], assuming three 1-meter-long
wires (one for each antenna, including redundancies). The mass is estimated by using
the length-to-weight ratio provided by [90].
For safety reasons, redundancies are fundamental in the ComSys [91]; as a consequence,
modem, transponder, diplexer and omnidirectional antenna have been doubled.
More details regarding the sizing process are contained in Appendix A.

Attitude Determination and Control System

In this work, the Attitude Determination and Control System (ADCS) and the Orbit
Determination and Control System (ODCS) are considered separately, since they are re-
lated to different 1st level functions (see Section 3.4), and due to the distinct methods
implemented to compute the maneuvers in each case.
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The components considered for the ADCS [61, 92] are star trackers, thrusters, pipelines
and Control Moment Gyroscope (CMG) array. The choice of CMGs is motivated by their
high authority and agility in attitude corrections [61], while thrusters have been selected
for proximity maneuvers, where speed and precision are crucial; also, they can be useful
for CMGs desaturation. Star trackers have been chosen since they guarantee the highest
precision among the attitude determination sensors [92], which is fundamental during
docking and rendezvous operations. No Inertial Measurement Unit has been considered,
due to the lack of data.
The selected star tracker is taken from [93], where also its mass, volume and power are
reported; normally, three of them are used simultaneously to determine the satellite’s
attitude, and some redundancies shall be included [91]: a final number of eight has been
considered due to the criticality of the attitude determination for rendezvous and docking
operations, and to fit inside the weight-window usually allocated for this component in
flown spacecraft (about 2-5 kg [91]).
Regarding thrusters, four arrays of four engines each are implemented, following the ex-
ample developed by [41]. Many catalogues have been checked for the thrusters’ selection
[94, 95, 96], and MONARCH-90HT was chosen for the final sizing [95], since it represents
a good compromise between mass and generated thrust; it also burns hydrazine, which
is the same fuel used by the orbit control engine (see Section 4.2.2), allowing for the
same tank to store it. For the power budget evaluation, only eight engines have been
considered to work simultaneously (three axes rotation at the same time).
Pipelines have been sized considering no friction losses as a first approximation, including
the feeding lines of the ODCS as well. Pipes are chosen to withstand an internal pressure
which is the maximum feed pressure among the attitude and orbit control engines’ one:
the tubes are made of stainless steel series 10S [97], whose diameter and thickness are
taken from [98]. Eight 1-meter-long pipes have been considered (one for each attitude
thrusters’ array, two for the orbit control engine and two connecting the gas vessel with
the propellant’s tanks). Stainless steel is selected due to its compatibility with both hy-
drazine [99] and nitrogen tetroxide [100].
The selected CMGs are CMG8 [101]. An array of four CMGs is implemented, while only
three of them are included in the power budget (the fourth one is redundant). The time
required by the reaction wheels to rotate the spacecraft has been evaluated as reported in
Appendix A, verifying the output torque to be strong enough to maneuver the satellite
in an acceptable time slot.
Some sources reporting the propellant consumed by the ADCS have been consulted
[102, 103]; however, the missions they are referred to did not perform any rendezvous
and docking operation, making them not suitable for a comparison. To approximate the
required hydrazine for attitude control, some maneuvers have been modelled as explained
in Appendix A.

Orbit Determination and Control System

A functioning ODCS is mandatory for the success of the mission. Since a precise orbit
determination is fundamental, ground tracking systems or Global Positioning System
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(GPS) can be used to detect both position and velocity of the spacecraft [41, 61, 92]. The
ODCS is composed of thrusters, propellant tanks, inert gas vessel and valves (pipelines
have already been modelled in the ADCS). The overall selected architecture for combined
ADCS and ODCS is shown in Figure 4.2.

Figure 4.2: ADCS and ODCS Architecture [104]

Regarding the thruster selection, many catalogues have been consulted [94, 95, 96, 105,
106]. The selected engine is R-42DM by [106, 107], due to its low mass, high specific
impulse and high thrust; the choice is also driven by the used propellant: it burns hy-
drazine and nitrogen tetroxide MON-3 (nominal mixture ratio of 1 [107]), allowing for
the fuel to be consumed by ADCS thrusters as well, without the necessity of adding an
extra tank. Only one engine has been considered for each analysed architecture; however,
further studies could assess the possibility of adding more than one thruster to lower the
time required by the maneuvers (see Section 6.2).
Tanks are considered to be spherical, made of Ti6Al4V [108, 109] due to their extended
dimensions and high internal pressure. A method to size the tanks’ thickness is presented
in Appendix A.
The feed of the engine is regulated by a blowdown system requiring a pressurant gas:
helium has been considered for this application [104]. The amount of gas required to
pressurize the tanks is evaluated by considering an adiabatic emptying, meaning a fast
propellant consumption: this assumption is justified by the evaluation of the required
∆v considering instantaneous maneuvers rather than continuative burns (which are typ-
ical of electric propulsion instead); however, if long-lasting maneuvers are executed, an
isothermal emptying of the vessel would be more correct, allowing for a smaller amount
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of pressurant gas [104]. A simplified and conservative approach is taken, which considers
the engines to deplete all the fluids at once, without the time to reach a thermodynamic
equilibrium in the tanks after each maneuver (as a result, the amount of helium is slightly
oversized). Some architectures require a large amount of propellant and, as a consequence,
the gas vessel can reach considerable dimensions and weight: since the blowdown feed-
ing method is the most reliable and the only one used in LEO applications, it has been
implemented anyway during the sizing process; however, further studies could assess the
possibility of other new feeding strategies (see Section 6.2). Regarding the evaluation of
the fuel and oxidizer’s mass, a 10% propellant margin has been added to cover extra ∆v
needs (same margin applied to ADCS’ hydrazine) [91].
Valves have been modelled from [110], whose mass is given as a percentage of the ADCS
and ODCS’ dry mass. No data regarding off-the-shelf gimbals for chemical apogee engines
has been found, so it has been considered to be part of the structural mass (see Section
4.2.2).

Data Handling System

Concerning the DHS, two main components have been sized: the On-Board Computer
(OBC), which is necessary to elaborate the information, and the data bus to transmit it.
Different models of light OBCs were compared [111, 112], both suitable for the data rate
of the mission. The model from [111] has been selected due to its lower mass, and a
redundancy of four is applied.
Regarding data buses, they have been modelled as a fraction of the overall DHS mass
(30%, like the wiring mass percentage in the Electric Power System [113]), and their
volume is sized consequently.

Thermal Control System

The TCS is of crucial importance for space missions, guaranteeing that each component
remains in its operative temperature range. Different technologies are implemented, both
passive (coatings, Multi-Layer Insulators (MLIs)) and active (pumps, heaters, radiators,
etc.) [41].
MLIs are applied on the external surface of both tanks and gas vessel due to their low
operative temperature range [108] (high temperatures can increase the pressure of the
fluids, leading to potential explosions), avoiding excessive temperature changes during the
operative lifetime of the satellite [114]. The selected MLI is taken from [115], allowing for
a wider operative temperature range (-270°C to +150°C); the mass is evaluated from the
surface density (140 g/m2 [115]), and a volume of 0.01 m3/m2 has been selected [114].
Coatings are used to cover the external surface of the satellite, and different kind of
paints are usually applied, varying the reflectivity and absorptivity of the spacecraft
[114]. The chosen technology is the ZinvisibleTM formula [116], composed by 56.4% of
ZnO (ρ = 5600 kg/m3) and 43.6% of Kasil 2130 (ρ = 1270 kg/m3 [117]), whose thickness
is 0.12446 mm [116].
Before sizing the active components of the TCS, the required heat to subtract or produce
to keep each component within its operative temperature range shall be estimated. A
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conservative approach is adopted. First, reference values for the maximum and minimum
temperatures of LEO satellites have been gathered from [118] (+77°C and -22°C): these
temperatures are considered to be reached by all the components of the satellite when
the spacecraft starts and finishes, respectively, its eclipse time in the shadow cone of the
Earth. The maximum and minimum allowable temperatures of each component are then
compared to these values and, if they exceed them, heat is either subtracted or added
to the item. Lastly, the energy dissipated by each electrical component is defined by
supposing an efficiency: this value is then added to the heat to subtract during the Sun-
exposure phase, and is subtracted to the heat to apply during eclipse time (the dissipated
heat is used to warm up other components if necessary). More details regarding energy
evaluation are contained in Appendix A.
Heaters are sized assuming an efficiency η = 1 (all the input power is converted into
heat), and their mass is [114]:

mheaters = 0.7 × Pwarm [kg] (4.7)

where Pwarm is the amount of power to add, in [kW]. Since redundancies are necessary
for heaters [91], their mass has been multiplied by two.
To actively subtract heat from the subsystems, cold plates are used [114]:

Pcool < 5 kW :
{︄

mplates = 12 × Pcool [kg]
Vplates = 0.028 × Pcool [m3]

Pcool > 5 kW :
{︄

mplates = 17 + 0.25 × Pcool [kg]
Vplates = 0.016 + 0.0012 × Pcool [m3]

(4.8)

where Pcool is the amount of power to subtract, in [kW].
In active TCS, a pump is mandatory to move the coolant fluid inside the pipelines [114]:⎧⎪⎪⎨⎪⎪⎩

mpump = 4.8 × Pcool [kg]
Ppump = 23 × Pcool [W]
Vpump = 0.017 × Pcool [m3]

(4.9)

where Pcool is expressed in [kW]. Equation 4.9 refers to a pump and accumulator archi-
tecture, which is preferred to the heat pumps proposed by [114] due to its lower mass;
these systems are common in single-phase active cooling, such as the selected one [119].
Due to its criticality, the pump has been redunded by a factor of two.
The active cooling system exploits water as coolant fluid [119], due to its high specific
heat and the selection of a single-phase cooling system (the maximum considered LEO
temperature is lower than water boiling temperature). Other possibilities have been ex-
plored, including a multi-phase active cooling exploiting ammonia or other fluids with
different boiling temperatures [119, 120]; however, due to the lack of data regarding the
sizing process for boilers, evaporators and sublimators, this option has been discarded.
The mass of the coolant fluid has been considered to be 5% of the active TCS mass [114].
A radiator is mandatory to dissipate to the exterior of the spacecraft the heat affecting
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the subsystems. Equation 4.10 shows the sizing approach applied (considering a fixed
radiator instead of a deployable one, due to its lower mass):{︄

mradiator = 5.3 × Aradiator [kg]
Vradiator = 0.02 × Aradiator [m3]

(4.10)

where Aradiator is the surface of the radiator [m2], whose sizing process is contained in
Appendix A. The radiator is covered by louvers, allowing for a better control of the
radiation emission; their mass and volume have been calculated as follows [114]:{︄

mlouvers = 8 × Aradiator [kg]
Vlouvers = 0.064 × Aradiator [m3]

(4.11)

where Aradiator is the radiator’s surface [m2].
To transfer the coolant fluid from the cold plates to the pump and the radiator, pipelines
are implemented: usually, their mass is set to be 15% of the active TCS’ one. However,
new techniques under development aim at guaranteeing a better integration of the TCS
pipelines in the structure of the satellites [121, 122]: for this reason, these components
have been considered to be part of the mass margin allocated for the structure (see Section
4.2.2).
Lastly, sensors are necessary to detect the temperature of critical components and are
assumed to be 5% of the active TCS mass [114].

Electrical Power System

The EPS produces and distributes the electrical power to all the subsystems that require
it to perform their functions, making it the heart of the satellite. The components of the
EPS are taken from [113].
Batteries are of crucial importance, as they allow for energy storage. Lithium-ion-
manganese batteries have been selected, since they offer better performances with respect
to other ones (for further information, see Section 5.2.2). The following specifics have
been considered: a tension of 3.8 V [113], a charge time of one hour [113], a gravimetric
density of 135 Wh/kg [113] and a volumetric density of 400 Wh/L [123]. Once the energy
stored inside of the batteries has been identified (which is the necessary energy to feed all
the subsystems during the eclipse phase of the orbit), their dimensions are determined.
Since the performance of the battery decreases in time, and its depth-of-discharge lowers
after multiple cycles, a redundancy of two is considered to avoid lack of energy issues.
Moreover, batteries shall be already charged at launch, allowing the first telecommunica-
tions and maneuvers before the deployment of the solar arrays.
Since the planned missions would be operative in LEO, the Sun can be used as a source
of energy; as a consequence, solar panels are necessary to collect the solar radiation, con-
verting it into electrical power. A gallium-arsenide GaAs technology is chosen, allowing
a 32% efficiency during energy conversion [113]. The surface Apanel of the solar panels
can be determined by using Equation 4.12:

Poutput = PSunηpanelApanel cos θ (4.12)
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where PSun = 1367 W/m2 is the solar constant, ηpanel is the efficiency, θ is the angle
between the vertical to the panel and the Sun direction (since the panels can tilt, θ = 0°
is used), and Poutput is the output power required. Poutput is given by:⎧⎨⎩Poutput = Psat + Pcharge battery

ηbattery

Pcharge battery = Psatteclipse

tcharge battery
.

(4.13)

Two different powers are involved in Equation 4.13, since solar panels need to both feed
the subsystems and recharge the batteries while exposed to the Sun. Psat is the power
required by the satellite’s subsystems, while ηbattery = 0.95 represents the efficiency dur-
ing the charge of the batteries (the efficiency during the subsystems’ feeding is already
considered in Psat, due to the losses of the wiring). It becomes necessary to verify that
tlight time < tcharge battery, allowing for the battery to be fully recharged during the solar
exposure phase of the orbit. A simple method to evaluate teclipse and tlight time is con-
tained in Appendix A. Like the batteries, solar panels suffer from degradation after a long
exposure to the extreme space environment, decreasing their performance: to cope with
this problem, the total surface of the arrays has been doubled, and their disposition is
shown in Figure A.1; a thickness of 0.372 mm and a density of 5.32 g/cm3 are considered
[124]. The described procedure represents an approximation of a real case scenario, since
it does not consider some other variables such as the β angle between the orbital plane
and the Sun direction, which varies throughout the year; further studies shall consider it
during the EPS sizing (see Section 6.2).
To manage to rotate the solar arrays, both to protect them from overheating and to
increase the θ angle [125], gimbals are necessary: the model from [126] has been imple-
mented. As for CMGs and attitude control thrusters, the capability of the gimbals to
rotate the panels in a short time has been tested, considering their inertia to be the same
of a parallelepiped (I = 1

12m(l2 + s2), where m is the mass, l the length and s the thick-
ness) and supposing a full 180° rotation about their axis. Once the angular acceleration
and deceleration have been defined (α = Mt/I, where Mt is the output torque of the
gimbal), the time required for the rotation can be evaluated (see Equation A.21).
Since the passivation of the spacecraft has been identified as a crucial requirement for
the missions (as presented in Section 3.3), switches to cut-off the subsystems from the
feeding lines have been added, sized from [127]: eight switches are considered in the final
architectures.
Lastly, distribution and regulation of the electrical power shall be implemented, guaran-
teeing an effective connection of the subsystems and increasing the safety by avoiding
malfunctions. Wiring is assumed to be 30% of the total EPS mass and volume [113],
while a Peak Power Tracking regulation technique is adopted (overall power > 100 W),
consuming up to 7% of the EPS generated power [113].

Structure

Even though the structure is not strictly considered a subsystem, it is included in the
sizing process as well since part of every satellite, providing support to the other com-
ponents and being a frame to which they are attached. An average dry mass fraction
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of 29.97% is considered for the structure [128]. The frame is considered to be made of
53.8% carbon resin material and 46.2% aluminium [10].
The overall volume of the satellite is considered to have a cylindrical shape, allowing for
a good storage of the tanks and vessel and a lower surface area compared to other shapes
(like cubes, see Section 5.2.2), decreasing the risk of debris impacts and allowing for a
lighter Debris Protection System (DPS). The cylinder has a radius which is the biggest
out of the aforementioned tanks and a length which is the sum of the diameters of the
propellant tanks and gas vessel. The volume of tanks and vessel is then subtracted to
the cylinder, obtaining the volume for the remaining subsystems:

Vsubsystems = Vsat − Vtanks − Vvessel (4.14)

This value is then compared to an empirical equation [91], aiming at verifying if the
subsystems can fit inside the remaining space:

Vsubsystems, check = 0.005 × msubsystems [m3] (4.15)

where msubsystems [kg] is the mass of the subsystems excluding tanks, vessel, propellant,
helium, solar arrays (since external) and payload. If Vsubsystems, check > Vsubsystems, their
difference is added to the final volume, and the cylinder increases its radius or its length
depending on which change leads to a lower increase of the external surface.
Solar panels are considered to be attached in the middle of the external curved surface,
symmetrically, by their shorter side (which measures half of the longer one), as represented
in Figure A.1.

4.2.3 Mission Subsystems

Docking System

Since this document explores the feasibility of ADR missions, a functioning Docking Sys-
tem (DockSys) is fundamental to detect the debris and connect the spacecraft to the
target. The components involved in this subsystem are selected from the functions that
the satellite shall exploit during rendezvous and proximity operations, as described in
Section 3.4.
First, a device capable of identifying the debris from medium distance (since the long-
distance approach can be guided by ground stations tracking) and helping the ground
operators to successfully perform the docking sequence is mandatory. Many possible so-
lutions can be used, spacing from LIDARS [92, 129, 130], capable of reconstructing the
debris’ attitude from the distance, to simpler optical cameras [130, 131] able of guaran-
teeing a better control during proximity operations, and allowing for less than one degree
uncertainty during the debris’ attitude estimation process and 1% error while determin-
ing its relative position [131]. An optical camera has been selected for this role: data
for the sizing process are taken from [75], while its data rate has been considered as the
highest one of the overall mission for the ComSys sizing. Since the success of proximity
operations rely on this component, one extra camera is considered for redundancy. More-
over, new technologies such as artificial intelligence can be integrated in this subsystem,
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helping the reconstruction of the target’s attitude in a more precise way [132].
To be physically able to link the spacecraft and the debris, an off-the-shelf telescopic arm
has been selected [133], composed by six cylindrical, concentric and retractable sections;
this solution offers a low mass and high mechanical properties thanks to its carbon fiber
structure. However, since this component shall withstand the mechanical stresses applied
on it during the maneuvers, according to the selected requirements (Section 3.3), a basic
structural analysis is performed as described in Appendix A.
To unfold the robotic arm, an electric motor can be implemented, and the selected model
is contained in [134]. Due to the importance of this component for the success of the
mission, a redundancy of two is applied. The unfolding time of the robotic arm has been
determined as well: starting from the required time and the power of the motor used in
[133], the work has been evaluated, and the energy necessary to lift the end mass has been
subtracted; then the energy to lift the new end mass has been added, and the result is
divided by the power of the selected motor [134], obtaining the new unfolding time with
different power and end mass. This value is then checked to fall inside of a feasibility
range.
Robotic arms have been used in many missions and were considered during different ADR
studies [66]: conventionally, they are equipped with grippers that can link the satellite to
the target through already-prepared protrusions on the other spacecraft. However, space
debris may not have been intended to be actively removed, and prepared protrusions to
conventionally dock with them may not exist on their surface. Moreover, targets can
also be uncooperative, risking to damage them if not approached cautiously enough. To
cope with these problems, electrostatic pads are selected as a soft-docking mechanism
that does not require a prepared surface on the target’s body, being suitable for ADR
missions [135, 136, 137, 138]. This device needs a high voltage energy source to work, to
generate enough tension between its layers; however, since no data regarding the power
source was found, it has been excluded from the power budget evaluation. Electrostatic
pads can generate up to 300 lb/ft2 force [139], and are made of one copper layer and
two silicone layers [140], with an overall average thickness of 0.5 mm [141]. For sizing
purposes, each layer has been considered to have the same thickness. The surface of the
pads is calculated from Equation A.39, by considering σzz = MOR (Module Of Rupture
of the arm’s material [142]), and solving for the maximum allowable force that can be
applied on the arm before its rupture; this way, the pads assure a strong hold for every
operative condition of the robotic arm. This technology also offers the advantage of being
foldable [135], being easily storable and adhering to curved surfaces as well.

Debris Protection System

Since the planned missions aim at safely removing space debris, the selected requirements
(Sections 2.5 and 3.3) show the importance of protection methods against potential im-
pacts. For this purpose, Whipple shields have been implemented whenever necessary
[143, 144]. Whipple shields consist of a rear wall and one or several layers of another
material disposed all around, leaving a certain space between the satellite’s surface and
the shielding: when an object collides with the outer layers, it breaks into multiple frag-
ments, or it even melts due to the high temperatures generated [144], and the remains
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are blocked by the rear wall, avoiding damages penetrating the satellite’s surface [14].
The thickness of the rear wall, given the shield thickness and the spacing, is determined
through the so-called ballistic equations as a function of the diameter of the impacting
debris and its relative speed [143, 144]: Figure 4.3 shows the thickness of the rear wall as
a function of the object’s velocity, reporting some experimental results.

Figure 4.3: Rear Wall Thickness as a Func-
tion of the Debris’ Relative Speed [144]

Figure 4.4: Impact Speed Distribution
Varying the Azimuth Angle (by ESA-
MASTER)

Figure 4.3 shows only a small range of possible impact velocities; the speed considered
for the sizing has been estimated through the ESA-MASTER software: Figure 4.4 shows
that impacts can usually occur at 15 km/s, falling in the hypervelocity impact region
(Figure 4.4 only reports the velocity as a function of the Azimuth angle; however, simu-
lations varying the elevation angle show the same impact speed). Regarding the selected
debris’ diameter, it has been individually evaluated for each mission concept, depending
on the results obtained from ESA-DRAMA (see Section 4.1), and considering a spherical
aluminium projectile. Two different Whipple shields have been implemented, choosing
the lightest one during the sizing process: a single Whipple shield and a double Whipple
shield [143]; detailed equations are contained in Appendix A. All the input quantities
are taken from [143], using the same materials and measures from the COLUMBUS
mission (the spacing between the layers is set to be 22.2 cm [145] instead of 6 cm, to
reduce the shield’s mass without compromising its resistance). Whenever necessary, the
shielded area of the spacecraft has been considered to be the most exposed surface only,
meaning the one facing the biggest debris flux in the direction of motion of the satellite.
The selected solution uses aluminium for both rear wall and shields, according to some
International Space Station (ISS) modules protection systems [145]; however, different
materials can be used in different combinations, optimizing both the shield thicknesses
and the distances between the layers, varying the volume of the subsystem and its mass.

Deorbit Kits

Lastly, for the SCMK mission profile only, deorbit kits are included in the sizing process
and they can be considered the payload of that architecture. The selected kits exploit
electrodynamic tethers to decrease the debris’ altitude (see Section 2.4); this choice has
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been guided by the high altitude of the selected targets (Section 5.1), not allowing for
enough aerodynamic force if a drag augmentation system is employed, and its safety due
to the absence of pressurized propellants inside the kits (which is necessary if a small
propulsion system is applied).
To have a working kit, a long, aluminium [44, 146] tether is needed, allowing electric cur-
rent to flow through it: a rectangular section, metallic tape is considered, whose width
measures 3 cm and with a thickness of 0.05 mm [46]. Since electrons tend to accumulate
when collected from the ionosphere, a Field Emitter Cathode is necessary to allow the
current to flow without charge accumulation: a carbon nanotube cathode is implemented
at one end of the tether [44], due to its simplicity and durability in a vacuum environment;
the consumed power is contained in [147], while mass and volume are negligible [148]. The
sizing equations for the tether itself, as well as the atmospheric and ionospheric models
implemented to estimate the deorbit time of the debris, are contained in Appendix A.
Since the tether is contained inside the kit’s volume and needs to be deployed, a mech-
anism allowing for it is required: [149] shows a possible solution, where part of the kit
structure is deployed together with the tether, and the initial impulse is given by com-
pressed springs, impressing a force F on the eventual end mass or on the tether’s tip;
this mechanism is highly reliable, since it does not require any electrical power to work,
and no electric components are present, reducing the probability of malfunctions. Four
S-3079 stainless steel springs have been selected for this purpose [150].
To command the deployment from the distance, an omnidirectional antenna might be
needed. The one selected for the ComSys is considered for this application [72].
If an end-mass is necessary (see Appendix A), it is assumed to be made of stainless steel
due to its high density.
Since a power source is required by both the antenna and the electron emitter, solar
panels are included in the kit, sized considering the highest power request modelled from
Equation 4.13. Since panels are now fixed on the kit’s surface, they are no longer capable
of rotating, so the angle θ in Equation 4.12 is assumed to have an average value of 45°.
The sizing process is the same one already described for the EPS; the eclipse time (Equa-
tion A.35) has been evaluated at the orbit’s perigee. The produced energy is then stored
inside of a battery, which is sized using the same data from EPS (lithium-ion-manganese).
No active TCS is included in the kit’s architecture; however, the battery is covered by
MLIs all around its volume, considering it to be a cube. The MLI is the same one already
discussed during the TCS sizing process.
The kit also includes an extra mass margin for structures and mechanisms, which is
the same percentage of the satellite’s structure (29.97% [128], end-mass excluded). Re-
dundancies are applied to the battery, the solar array and the antenna, doubling these
components.
To stick the kit on the debris’ surface, electrostatic pads are applied, which cover one side
of the kit’s structure (considering it to be a cube), using the same data of the DockSys.
Also, each kit is placed on the target by a dedicated robotic arm, equipped with an own
electric motor, taken from the DockSys sizing process: no redundancies are here consid-
ered.
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A similar deorbit kit (only considering the tether, the electron emitter and a deploy-
ment mechanism) has been analysed as an alternative disposal method for the spacecraft
instead of a perigee-reducing burn (see Section 5.2.2).

4.2.4 Sizing Logic

Once all the subsystems and their sizing methods have been defined, they shall be com-
bined together to obtain the final satellite’s mass budget. The logic implemented is shown
in Figure 4.5.

Figure 4.5: Logic Implemented for Satellites’ Sizing

An iterative method is used. First, two initial control values for the mass are given,
allowing for a high enough ∆m to enter the code; then, all the subsystems whose mass is
independent from others’ masses and powers are sized (ComSys, DockSys and DHS), and
a first in-loop mass approximation is done by considering also other fixed-mass compo-
nents (such as the deorbit kits). After that, the ∆v budget is defined, and the propellant
mass is computed applying the Tsiolkovsky’s equation (minding the mass the maneuver
is applied to, considering the satellite docked with the debris whenever necessary and
the sequential kits’ release during the SCMK mission); the required propellant for debris
avoidance maneuvers, whose ∆v has been obtained from ESA-DRAMA, is evaluated at
wet mass to be more conservative. The remaining ODCS is then sized, followed by ADCS,
EPS and TCS. The last thing to evaluate is the necessity of a DPS: if the probability of
impact given by ESA-DRAMA is higher than the prescribed value of 10−4, then a shield
is implemented, sized on the maximum projectile’s diameter exceeding the allowable risk
level. The overall mass of the satellite is then subtracted to the previous iteration’s value,
and if their difference is bigger than a prescribed control variable, ϵ, then the new mass
overwrites the old one and the loop repeats, using the previous iteration’s values as the
new starting point. It is worth noting that ESA-DRAMA requires initial geometry and
mass for both collision avoidance ∆v and impact risk estimation: a first run of the pro-
gram is made considering no collision avoidance maneuvers and no DPS; then, the debris
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risk assessment is performed and another run is made, this time considering the ∆v for
avoidance maneuvers and shielding.
Regarding the kits’ sizing, another program has been implemented, following the logic
shown in Figure 4.6.

Figure 4.6: Logic Implemented for Deorbit Kits’ Sizing

Here, the capability of deorbiting each selected debris has been analysed with different
electrodynamic tethers (n is the number of different wire lengths considered). For each
kit, the power budget is evaluated and the EPS is sized. Then, the masses of the other
components are added and a first in-loop estimation of the mass is obtained. The mod-
els used to solve the disposal profile of the debris are then uploaded (see Appendix A),
and the current flowing through the wire is evaluated. Lastly, if the current exceeds its
maximum allowable value, an end-mass is added, leading to the final mass budget; the
results are then printed and the program proceeds to the next evaluation.

4.3 Launcher Selection

Since the launch of a mission cannot be neglected in terms of costs and environmental
impact, the selection of the launcher is of crucial importance during both LCA and LCC
analyses. Different launchers have been investigated, spacing between various payload
capabilities: Falcon 9 - Block 5, Falcon Heavy, Ariane 6 (4 and 2 boosters configurations),
Vulcan Centaur (0, 2, 4 and 6 boosters configurations) and Space Launch System (SLS).

• Falcon 9 - Block 5: heavy lift launcher, with a payload capability of 22,800 kg
in LEO (full-expendable architecture, short fairing) [151, 152, 153] (structure and
mass breakdown from [151, 152, 153, 154]).

• Falcon Heavy: super-heavy lift launcher, capable of inserting 63,800 kg payload in
LEO (full-expendable architecture, short fairing) [155] (structure and mass break-
down from [155, 156]).
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• Ariane 6: heavy lift launcher, able of launching more than 20,000 kg in LEO [157]
(4 boosters version) (structure and mass breakdown from [157, 158, 159]).

• Vulcan Centaur heavy lift launcher, with a payload capability of 25,600 kg in
LEO [160] (6 boosters version) (structure and mass breakdown from [161, 162, 163,
164, 165]).

• SLS: super-heavy launch vehicle, capable of injecting 95,000 kg in LEO [166] (struc-
ture and mass breakdown from [166, 167]).

For each mission analysed, the mass of the satellite has been compared to the maximum
payload mass launched by the vehicles in the selected orbit (all five orbits for SCST mis-
sion architecture, and only the first target’s orbit for SCMT and SCMK architectures);
since the injectable mass varies with the inclination and the altitude of the final orbit,
an online software has been used to estimate it [168], comparing a wide range of different
launch vehicles while estimating the injectable mass, given the COE of the final orbit
and the launch site. A final circular orbit has been hypothesized, and all vehicles are
considered to be launched from Cape Canaveral (except for Ariane 6, whose launch site
is located in Kourou, French Guyana). The program has been validated by inserting
reference values and comparing the given results with the launcher’s guidelines.
Regarding the SCST architecture, since each target is removed by a dedicated satellite,
the debris would be replaced by the upper stage of the launcher if it is capable of in-
jecting the spacecraft on the target’s orbit. To avoid this problem, external ride-sharing
programs are considered, aiming at more payloads to be released by a single launcher,
giving a purpose to the debris left behind. This way, the emissions and the costs related
to the launch can also be partitioned by the fraction of mass that the satellite occupies,
with respect to the maximum possible payload evaluated by [168]. External ride-sharing
programs are common in the modern space industry [169, 170], allowing for collaborations
with other missions, and this concept can be extended to SCMT and SCMK as well.
Whenever possible, for SCST missions, the possibility of internal ride-shares has been
analysed, exploring the feasibility of multiple ADR satellites launched by the same vehi-
cle [171]. For each debris, the maximum injectable payload at its orbit is evaluated [168],
and considering the data available for each vehicle analysed, the ∆v of the upper stage
at maximum payload is calculated (representing the ∆v to get to the first target’s orbit,
which is not considered in the equations in Appendix A). Then, the payload is reduced
to the sum of several SCST satellites (2 to 5), and the necessary propellant to perform
the ∆v transfers among the debris is evaluated (by using the same approach described in
Appendix A, assuming a transfer time of 3 hours and applying the Tsiolkovsky’s equa-
tion); the propellant mass is then subtracted to the initial mass, and if the remaining
one is bigger than the structure and the residual payload, the program proceeds with the
successive transfers.
After the payload capability and the fitting inside of the fairing, other characteristics
of the launch vehicles have been compared: costs, emissions (evaluated through single
score values on SimaPro, see Section 4.4.4, considering the launch only), the availabil-
ity (launches per year), the potential reusability and the success rate (successful launches
with respect to their total number); geopolitics and social issues regarding the launch site
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have not been considered. Costs have been projected to their present value considering
inflation, by using [172]. Among the aforementioned characteristics, availability has been
prioritized since ADR missions evaluate their trajectories over free-flying objects, and or-
bit propagators cannot achieve a high precision in determining the evolution of their COE
on the long run: for this reason, once the targets have been selected, the launch windows
can be located in the very near future and can last for a short amount of time, requiring
a highly available ready-to-fly launcher. Also, simulations reported in Section 2.1 show
a potential growth in the debris number in the near future, requiring more launches to
assess the mitigation strategies, which indirectly require highly available launch vehicles
as well. It is worth noting, however, that the need for a high availability may imply the
difficulty of external ride-share programs, since the missions would be injected in very
specific orbits decided at the last moment, probably not arousing the interest of other
programs.
Table 4.1 shows the values of the selected characteristics for the launch vehicles compar-
ison.

Table 4.1: Characteristics of the Selected Launchers

Vehicle Score [pt]a $/kgP L Availabilityb Reusable Success Rateb

F9 - B5 63.7 3063.6 [151] 138/yy [151] YES 99.5% [151]
FH 179 2456.5 [173] 2/yy [155] YES 100% [155]

A6-4 541 5430.0 [174] N.A. NO N.A.
A6-2 300 7426.4 [174] ~2/yy NO 50%
VC-0 83.5 18,193.1c N.A. NO N.A.
VC-2 165 11,579.5c ~2/yy NO 100%
VC-4 246 10,130.3 [175] N.A. NO N.A.
VC-6 328 9555.2c N.A. NO N.A.
SLS 1460 46,227.6 [176] N.A. NO 100%

a Evaluated by using SimaPro as in Section 4.4.4; it refers to the overall environmental outcome over
the different impact categories.

b Whenever possible, the launches have been considered starting from 01/01/2024, date of 1st Ariane 6
launch, for comparison. Falcon Heavy considers the success rate of all launches instead, due to their
low number.

c The considered payload is the mass to ISS; costs have been arranged as a fraction of the VC-4 costs,
based on the mass variation (considering the different number of boosters involved).

4.4 LCA Implementation
In this document, a comparative LCA is developed, focusing on the different environmen-
tal impact produced by the selected mission architectures.

4.4.1 Goal and Scope Definition

The objective of this study is to evaluate the environmental impact and the emissions
of the selected ADR mission architectures by performing a comparative LCA analysis,
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in order to determine their feasibility under an environmental point of view. The ob-
tained results will then be used to decide which mission concept better suits the imposed
requirements and constraints, helping in possible further analyses. The target audience
of this work are experts that might be in charge of deciding, in the future, which ADR
mission would be convenient to develop, minding its impact and environmental sustain-
ability. The analysis is performed using the SimaPro software, upgraded with the ESA
database for space-specific LCAs [10]: the built-in method considers all the nineteen im-
pact categories and shows the results obtained for each one of them (midpoint analysis),
being more precise than a generic endpoint analysis, which only gives a global perspective
instead. Despite the missions cover the ADR area, no impact category to consider the
potential debris release in orbit has been implemented yet, even though some methods
to assess it are under development [177, 178]: this represents a limitation of the current
LCA analysis for the space sector [10].
The selected functional unit is [10]:

FUNCTIONAL UNIT: ”One space mission in fulfilment of its requirements„

The importance of choosing a good functional unit lies on defining a good scaling tech-
nique, allowing for comparable input and output data for the considered architectures.
Different mission phases are considered: the production (without transportation), the
transportation to the launch site, the launch event and the propellant consumption dur-
ing the mission. Research and Development (RD) and testing phases are excluded from
the analysis. The overall life cycle considered in the LCA is shown in Figure 4.7. The
performed analysis is a Cradle-to-Grave, although the disposal phase has only been ex-
amined from a literature point of view (see Section 5.4.1), since no reliable data regarding
its implementation has been found, representing another important space-specific LCA
limitation.

Figure 4.7: Life Cycle of the Analysed Missions

The spatial coverage of the production is Europe, while the launches take place in USA
or French Guyana, depending on the selected vehicle. The propellant (of both launcher
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and satellite) has been considered to be always produced in French Guyana, following the
built-in processes in the ESA database: this represents a limitation of the analysis, since
values for electricity consumption and raw materials can be slightly different if another
production location is selected instead.
The temporal coverage of a single mission ranges from the initial investment to its launch
date, supposing five years passing between the two events, and extends until the disposal;
this topic is further developed in Section 4.6 regarding the mission’s costs.
The technology coverage considers the best available technology for the items’ production
(following the processes from [10] whenever possible).

4.4.2 LCI Definition and Methods

After determining the boundaries and the limitations of the analysis, it is possible to start
with the quantification of the inputs and outputs of the considered items throughout the
whole life cycle of the missions [10]. Input data mainly regards energy consumption,
raw materials used and other processed products, while output data is more focused on
emissions (to air, water and soil), waste and co-products generated. Social and economic
issues have not been considered in the analysis, since these are difficult to estimate at
this mission design level.
Different categories of data do exist: primary data, which is directly collected from pro-
duction sites, and secondary data, gathered from previous LCIs and from literature; dur-
ing this work, only secondary data has been considered, minding that it can underestimate
the real impacts of some processes [10].
Different strategies to create the LCIs of the items involved have been used:

• The main components of the satellite’s subsystems, such as batteries, structure,
solar arrays, etc. have been modelled by using the LCIs presented in [10], imple-
menting them on SimaPro; in some cases, primary components (such as propellant
tanks) are not contained in [10], but they have already been implemented on the
ESA and Ecoinvent databases: these processes have been used as well;

• Regarding off-the-shelf products such as cameras, electric motors, etc. external
LCIs have been used, slightly modifying them to make them suitable for the case
in analysis;

• For minor components, such as pipelines and coatings, and for other items whose
LCIs have not been found from literature, an own inventory has been developed,
considering the raw materials, the production processes involved, the waste products
and the generated emissions.

The satellites have been divided into subsystems and components, following the structure
presented in Sections 4.2.2 and 4.2.3.

4.4.3 LCI of the Selected Components

Since the sizing results are expressed in kilograms, the components’ LCIs primarily use
one kilogram as fundamental functional unit, and it will then be multiplied by each
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item’s mass to obtain the final architecture to simulate; for mass-fixed components, when-
ever convenient, one unit is used instead.

Telecommunication System

The omnidirectional antenna has been modelled as explained in the ESA guidelines [10].
The directional antenna’s gimbal is composed of an aluminium and titanium structure,
and it contains two stepper motors [179, 180] rotatory actuators (Rotatory Type 3 Gimbal
[85]). The two actuators’ masses [180] are subtracted from the overall gimbal mass [85],
and the remaining one is assumed to be equally divided between aluminium and titanium.
A valid proxy for stepper motors is a Permanent Magnet Synchronous Reluctance Motor
(PMSynRM) [181], which shows a similar behaviour and working principle, including the
presence of permanent magnets (scaled to the 1 kg functional unit). The external surface
is considered to be treated with anodizing and degreasing processes (by considering the
cylindrical area containing the envelope of the mount [85]), as shown in [10]. The used
PMSynRM contains some items not included in the databases, so they have been modelled
as follows:

• Electrical Steel: it is made of 3.5% Si and 96.5% Fe in mass [182] and its production
process is contained in [183] (considering non-oriented grains, since these are more
versatile for motor applications).

• Forsterite (Mg2SiO4): it is used as insulant [183]. Since no data was found re-
garding the processes involved in its fabrication, only the elements consumption
(magnesium, oxygen and silicon) to produce 1 kg of material is considered.

• Impregnation resin and painting: since not included in the database, epoxy resin
and liquid epoxy resin have been used instead as a proxy.

Some of the component’s processes are already included in the raw materials, while only
copper drawing has been added separately.
The selected coaxial cables [90] have a silver plated inner conductor, a dielectric layer in
solid PTFE, an outer copper tin soaked braid layer and an external FEP Blue jacket:
a similar cable structure is used in jacketed single wire AWG 20 contained in the ESA
database [10]. The connectors of the cables have been modelled from [90], considering
two 7.32 mm long segments of wire as flanges for S-band communications. Only two
connectors have been considered (since only a cable, the one for the directional antenna,
operates at that frequency; regarding the frequencies at which the omnidirectional an-
tennas operate, no data was found).
Processes and materials to fabricate the directional antenna’s reflector are contained in
[82]: the structure is made of CP-1 polymer and Kapton, covered by a 1200 Angstrom
thick aluminium coating and surrounded by 80 Kapton tabs with a 1 cm diameter hole
each; the thickness of reflector and tabs is assumed to be the same. Since CP-1 and
Kapton precursors and processes [184, 185, 186] are not included in the databases on
SimaPro, nylon 6-6 is used as a proxy, justified by its use for the same materials in
built-in processes in the ESA database (nylon 6-6 is used as a proxy for Kapton, but it
can be extended to CP-1 as well since they both are polyimides). The process involved
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in the manufacturing of plastic materials in a desired shape is extrusion, modelled from
the Ecoinvent database. Only the reflective side has been considered for the aluminium
deposition, which is obtained through the sputtering process (by using [187] as a proxy,
since the source involves metal sputtering of TiN instead of aluminium), proportioned by
mass; anodizing and degreasing are applied on the metal surface [10].
The directional antenna’s supports are made of glass fibers, whose protrusion process is
already implemented on the ESA database.
The conical horn antenna to feed the parabolic reflector is considered to be a copper con-
ical surface sealed through welding [83, 188]. To weld copper, Gas Tungsten Arc Welding
(TIG) is used [188]: an existing process has been modified from the Ecoinvent database,
adapting the aluminium TIG welding to the copper case as a proxy. The copper is as-
sumed to be sheet-rolled to obtain the desired thickness.
The diplexer is modelled as a Low Integrated Circuit [10], due to the absence of an own
processing unit, while MODEM (modulator) and transponder are modelled using the in-
formation contained in [10] (the transponder is assumed to be 50% transmitter and 50%
receiver by mass).

Attitude Determination and Control System

The thrusters for ADCS have been modelled following the same procedure of the ODCS
thruster, but since these engines burn hydrazine only, one valve is considered ((whose
mass is taken from [110]).
Regarding the selected star trackers, they have been modelled following the camera model
presented in the DockSys LCIs paragraph, with the only difference of using electronic
memory units [10] instead of the standard electrical components (since star trackers are
equipped with memory circuits, allowing for the implementation of a database of stars
positions to compare the images taken during the mission [92]). The external aluminium
surfaces are degreased and anodized [10], considering the envelope area calculated from
[93]. Lastly, CMGs are modelled following the instructions from [10].

Orbit Determination and Control System

To model the ODCS thruster only the nozzle, the combustion chamber and the valves
are considered [189]; satellite’s engines are usually made of Inconel 718 [189], which is
processed by additive manufacturing [190]. Inconel 718 is modelled as an iron-nickel-
chromium alloy (according to ESA database’s used proxies). The additive manufacturing
processes are modelled from [191], including the subprocesses of atomization and selective
laser melting; the volume produced by the selective laser melting of Inconel 718 reaches
15,000 mm3/h [192], or 0.12285 kg/h is terms of mass. Considering the latch valves
presented in [110], the mass of two of them has been subtracted to the engine’s mass,
according to [107]. Each kg of Inconel 718 produced takes 8.1399 h to be manufactured,
while 976.8 liters of gas argon [191] (1.7426 kg) per kg of Inconel 718 are required to
create an inert atmosphere during the manufacturing. The necessary energy for the
entire process is the sum of atomization (55.58 MJ/kg [191]) and selective laser melting
(427.47 MJ/kg [191]) ones, being 483.05 MJ/kg.
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The valves considered in the ADCS and ODCS are not pyrotechnical, to avoid the release
of space debris during their activation (see Section 2.5.2). They are usually made of
stainless steel 316L [193, 194] (which is compatible with both hydrazine and nitrogen
tetroxide as already discussed), produced through selective laser melting [194]. Since no
data regarding the internal components of valves has been found, only external structural
components are considered in the LCA; atomization and selective laser melting processes
are taken from [191]. Since not present in SimaPro databases, stainless steel 316L has
been modelled by using stainless steel 304L as a proxy for the energy consumption, while
considering SS316L’s material composition [195]. Surface treatments for stainless steel
are included on the valves’ exposed area [10].
The selected tanks are made of Ti6Al4V [108], and the hydrazine tank is equipped with
an Ethylene-Propylene-Diene Monomer (EPDM) hyperelastic diaphragm [108], which
covers an internal hemispherical surface of the tank. Processes for the Ti6Al4V tanks
(with Carbon Fiber Reinforced Polymer (CFRP) over-wrap in case of the helium vessel)
are contained in the ESA database; regarding the diaphragm, the processes involved are
synthesis, extrusion, vulcanisation (which are included in the production of the selected
synthetic rubber) and molding (modelled as injection molding) [196].
Lastly, pipelines for both ADCS and ODCS are made of stainless steel 316L [98]; the
processes involved in the production of the series 10S pipes are forming, welding, annealing
and cold drawing [98]; welding is not considered here, since it can cause the embrittlement
of the material. The external area is treated with superficial processes for stainless steel
[10], scaled on data from [98].

Data Handling System

The OBC is modelled from [10]. The buses for the DHS are modelled as shielded jacketed
single wires AWG 26, which are already implemented on the ESA database from [10]. This
choice is due to the similarities in the processes involved for the production of standard
data buses contained in [197]. Cable type AWG 26 has been selected instead of AWG 20,
due to its similar mass-per-meter density [197].

Thermal Control System

As part of the TCS, MLIs are modelled as MLI blankets from [10]; this way, the inventory
contains the same materials (PER and polyesters) used during the sizing process [115].
Coatings have been modelled using data from [116] for the ZinvisibleTM formulation, con-
taining 43.6% Kasil 2130 and 56.4% ZinvisibleTM in mass; ZinvisibleTM consists of ZnO
molecules, while Kasil 2130 is made of SiO2 and K2O [117] (2.10 mass ratio K2O/SiO2);
since no data was found regarding the production processes of Kasil 2130, only the el-
ements’ consumption is considered (Si, O2 and K). Regarding the coating’s production,
0.792 kg water per kg of product are necessary [116]; the processes involved during the
fabrication are milling in a ceramic mill (for 30 minutes [116], assuming 20 kW power
required [198], meaning 10 kWh total energy consumed) and filtering (assuming the same
time required by milling and a power consumption of 10 kW [199], meaning 5 kWh of
total energy consumed). The overall energy consumption of 15 kWh is independent on
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the mass produced, but is considered as an input per unit instead.
Cold plates are usually made of aluminium, which is manufactured through CNC machin-
ing processes, friction stir welding (or brazing) and stamping [200, 201, 202]. Considering
2 cm thick cold plates [202], one kilogram of aluminium consists of a parallelepiped with
a square, ∼ 13.58 cm long, face. The process used for cold plates is a modified ver-
sion of "aluminium generic part with generic processes" from the ESA database, without
considering turning and transports, adding friction stir welding on the plate’s side and
considering surface treatments for aluminium on the external surfaces [10]. Die forging
is used instead of stamping, due to the lack of available data.
Patch-flexible heaters have been modelled for the LCA [114]; they are usually made of
two insulating layers (made of polyimide [203, 204], Kapton, modelled as nylon 6-6 on
SimaPro as previously discussed) with an inner conductive layer made of nichrome alloy
[205] (assumed to be a continuous plate without holes). An overall thickness of 0.15 mm is
assumed (0.05 mm each layer). Nichrome 80/20 has been modelled by implementing the
production processes from [206, 207], using the mean values of the given ranges. The alloy
is extruded, rolled [207] and then shaped through the etching process [208], requiring fer-
ric chloride to corrode the metal [209]. The etching process is the same one implemented
for the electrostatic pads in the DockSys LCIs paragraph, by using nichrome instead of
copper; moreover, due to the different corrosive reactions occurring, the required quan-
tity of ferric chloride changes: in facts, each Ni atom requires two FeCl3 molecules and
each Cr atom requires three of them (obtained by balancing the reactions). Considering
a 80/20 composition, the total amount of FeCl3 needed is 2.2 times the one required
by the copper etching (one FeCl3 per Cu atom) to corrode the same moles of material.
The copper ions generated by the process have been substituted by chromium and nickel
splitting them using the 80/20 mass ratio between Ni and Cr. The polyimide insulating
layers undergo a plastic film extrusion process (also considering the wasted material), due
to their reduced thickness.
Regarding the pump and accumulator system, an already existing LCI has been used
[210, 211], considering the "Compressor, valves, and receiver" voice. From the mass
breakdown, 1 kg of the system is composed by 0.1818 kg of compressor, 0.3636 kg of
accumulator, 0.3636 kg of electronics and 0.0909 kg of valves [211]; electronics are low
integrated circuits from the ESA database [10]. The accumulator is made of stainless steel
316L [108], and it is modelled by adapting the Ti6Al4V spherical tank to the stainless
steel manufacturing (implementing a new TIG welding process as well). The compressor
is modelled as shown in [210], without including the processes of degreasing and passi-
vation due to the lack of data regarding the exposed surfaces. The radiator is modelled
considering the mass distribution presented in [211] for a traditional radiator panel; for
a kilogram of component, 0.07272 kg are Optical Solar Reflector (OSR)s, 0.2424 kg are
aluminium face sheets, 0.2652 kg are aluminium honeycomb and the remaining 0.4242
kg are heat pipes [211]. OSRs are made of aluminium (which includes the sheet rolling
process to obtain a thin foil) and PET (undergoing the extrusion process to obtain the
plastic layer) [212]; the mass is assumed to be equally divided between aluminium and
plastic material. The honeycomb core is taken from the structure processes contained in
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[10]. The two aluminium face sheets are modelled as the honeycomb core is, without con-
sidering the milling and turning processes since unusual for the machining of aluminium
foils, and their total surface is treated by degreasing and anodizing [211]; the energy is
evaluated by subtracting the power consumption of the excluded processes. Regarding
the pipelines, they are obtained by extrusion and linked through welding [213]; the ex-
trusion process is modelled as die forging, containing both hot and cold extrusion for
aluminium. Considering one pipe every 15 cm [211], up to seven 1 m long pipes can fit in
a square meter of radiator surface; assuming two welding lines per-pipe, allowing a double
connection, a 14 m welding line is necessary, meaning 2.12 m per kg by proportion [211]
(welding arc process is used).
Regarding the louvers, the mount is made of an aluminium case [214, 215] and aluminium
blades, each one equipped with a bimetallic spring [91, 214, 215]. The processes to pro-
duce the aluminium components are mainly die forging and machining (drilling, turning,
milling) [216]. From [215] a 1.29 kg mount is equipped with 20 bimetallic springs, 20
blades and 68 screws. Bimetallic springs are usually made of brass (70% Cu, 30% Zn
[217]), and are modelled assuming a full material envelope(8300 kg/m3 density) and di-
mensions from [215, 217] (0.76 mm thickness and 12.7 mm radius), the mass of a bimetallic
spring is 0.003196 kg. The processes that a spring undergoes are rolling (modelled from
the copper sheet rolling from the databases) and annealing. The screws are the same
one used for the DockSys camera. The mass of the aluminium parts is obtained by sub-
tracting the springs and screws’ one, and the overall exposed surface of the aluminium
components (extrapolated from [215]) is anodized and degreased [10].
Sensors are modelled as low integrated electronic circuits from [10], since the included
processes are typical for support instrumentation.

Electrical Power System

Many items of the EPS have been modelled from the ESA guidelines [10], such as batter-
ies, solar arrays (using nylon 6-6 as a proxy for Kevlar) and switches, modelled as high
integrated circuits from [127]).
The selected solar array gimbals [126] contain two Type 1 actuators [218]. The structure
is obtained by subtracting the two actuators’ masses, and it is considered to be made of
aluminium and titanium in equal quantities. The Type 1 actuators are modelled as a
scaled version of the Type 3 actuators from the ComSys LCIs paragraph. Considering
the cylindrical envelope of the gimbal, anodizing and degreasing have been applied on
the external surface. Lastly, wires are modelled as ESCC 3901 018 cables [122] by using
AWG 26 single wires on SimaPro (lighter than AWG 20 type).

Structure

The structure is modelled by using the information contained in [10].

Docking System

One of the main components of the DockSys is the camera; external LCIs for cameras have
been used to model it, containing representative materials [219] and processes [220]. To

83



Methodology

model the lenses, ESA guidelines are used [10], while Printed Wiring Boards are chosen
as a proxy for the FPCA; the Light Trap and the Retaining Collar Clip are modelled
only accounting for the materials, since no data regarding the processes was found. All
the masses are scaled to the model selected during the sizing process [75]. The surface
containing the envelope of the camera [75] is anodized and degreased, according to [10].
The telescopic arm is a crucial component necessary to dock with the selected debris;
since no data was found regarding robotic arms’ LCI, processes and materials have been
modelled on SimaPro by following the manufacturing steps involved during its production.
The body is divided into six carbon resin tubes [133], and the pultrusion process is used
to model them in the desired shape. Each section is connected to the adjacent ones by
metallic rings (assumed to be made of aluminium) for a total of six, 1 cm thick, rings
[133], sharing the same width of the carbon resin sections; the processes involved are
casting (to obtain the initial aluminium discs), milling (to clear the interiors, giving the
desired ring shapes), anodizing and degreasing [10]. The tubes are extracted by using an
aluminium worm gear (extrapolated from [133]), assuming the grooves to occupy half of
the volume between the inner and the outer radius; the processes involved are milling,
anodizing and degreasing on the outer cylinder’s surface. The arm contains 15 Vespel SP3
(polyimide [221, 222]) pins, which are modelled using nylon 6-6 as a proxy (as shown in
the ESA database); they extend from the inner radius of the aluminium rings to the inner
radius of the worm gear; since extrusion is not suitable for Vespel SP3 and no data about
other processes was found, only the material’s consumption is considered. Eighteen 4 cm
long titanium latching pins are included in the arm’s design [133], obtained by Electric
Discharge Machining. Thirty 2 cm long and 1 cm wide compression springs are included
as well to inter-guide the arm sections (extrapolated from [133]); regarding springs, K-81
model from [150] is selected and generic steel processes are used to model them. Lastly,
the arm contains fifteen pins with a spherical tip, whose mass is extrapolated from [133]
assuming aluminium; generic processes for aluminium are used to model these items.
The robotic arm is deployed by using electrical energy: a DC brushed motor [134] has
been selected. Since no data regarding DC brushed motors was found, a PMSynRM
motor is used instead, adding the brushes as a first approximation: they are made of
graphite [223], undergoing machining processes (milling [224]). The motor’s case is then
treated with anodizing and degreasing [10].
Lastly, the processes involved in the electrostatic pads manufacturing are presented in
[141]; the pads are made of two silicone upper and lower layers, and an intermediate
copper layer. The conductive layer’s pattern is created through etching by using ferric
chloride, and it is considered to be full material (without holes); to model the middle layer,
a built-in process from the Ecoinvent database is used (since it includes the operations
shown in [225] for etching), and it has been adjusted by changing the corrosive medium,
minding the different number of molecules necessary to isolate a Cu atom (FeCl3 needs
one molecule, while HCl needs two). Once the conductive layer has been completed and
cleaned, a thin Mold Star silicone layer is spin coated and cured on the substrate: this
process repeats other two times until the silicone layers are created [141]. A typical spin-
coating machinery is shown in [226]; assuming 30 s duration for the process (typical for
xylene and toluene spin coating), given the power consumption of the machine (5 kW),
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the overall energy consumption is 150 kJ: this value is then scaled to the silicone layers’
mass of a 1 kg pad.

Debris Protection System

The Whipple shield is made of aluminium, and the processes used to create metal sheets
are casting, die forging and sheet rolling. Once the dimensions of the shield have been
defined, the anodizing and degreasing processes are applied on the surfaces (minding the
number of layers of the structure) and the edges of the shield are separated through the
laser cutting process.

Deorbit Kits

Many components belonging to the deorbit kits share their manufacturing processes with
other subsystems’ LCI; the telescopic arms to lift the kits, their motors and the electro-
static pads are described in the DockSys LCIs paragraph and the Switches to turn on
each arm have already been explored in the EPS LCIs Section. Regarding the internal
components of the kit itself, some items have been previously discussed as well, such as
batteries, EPSs, solar arrays, antennas, electrostatic pads and structure.
Among the exclusives components of this subsystem, the deployment mechanism is mod-
elled as four compression springs [150]. The electron emitter is a carbon fiber cathode
[227]; assuming the dimensions of the smallest emitter available (1/4" [227]), the thickness
of the cathode’s carbon fiber and graphite layers are extrapolated from [227]. The masses
of the layers can be evaluated through the density of carbon fibers and graphite (4.02 g
and 31.8 g, respectively). Carbon fiber is modelled using the processes available in the
ESA database and graphite from the Ecoinvent database. To link the two layers, a film
of adhesive for metals is applied [228] (0.1 mm thickness, 1100 kg/m3 density [229]). The
tether’s end mass is made of stainless steel (due to its high density), assuming a cubic
shape.
Lastly, the electrodynamic tether is modelled as an aluminium tape [46]. The metal is
first sheet rolled to obtain the desired thickness, and is then cut to reach the final width;
the selected cutting process is slitting (400 m/min [230], 20 kW power required [231]).
The final surface of the tether is then anodized and degreased [10].

Table 4.2 resumes the main sources used to model the satellites’ components.

4.4.4 Use Phase LCI

After the production process (described in Section 4.4.3), the use phase of the LCA shall
be defined as well. Before launch, the satellites are transferred from the production plant
to the launch site: since the assembly occurs in Europe (assuming Turin as production
site, thanks to the available facilities), and the launches are expected to take place in the
American continent (all the vehicles analysed in Table 4.3 can only be launched from USA
or French Guyana), air transportation is assumed, considering Antonov AN-124 [233].
After the transportation to the launch site, the other operations considered during the
use phase of the satellites are the launch event (where only the emissions generated by the
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Table 4.2: LCI Sources

Subsystem Components and Sources

ComSys

Omnidirectional Antenna [10, 13, 232], Directional Antenna Reflec-
tor [10, 232], Directional Antenna Feed [232], Directional Antenna
Support [13], Gimbal [13, 232], MODEM [10, 13, 232], Transponder
[10, 13, 232], Diplexer [10, 13], Coaxial Cables [13]

DHS OBC [10, 13, 232], OBC Buses [10, 13]

DockSys Camera [13, 232], Telescopic Arm [13, 232], Telescopic Arm Motor
[13, 232], Electrostatic Pads [232]

ODCS Thruster [13, 232], Hydrazine Tank [13], NTO Tank [13], Helium
Vessel [13], Pipelines [13, 232], Valves [13, 232]

ADCS Thrusters [13, 232], Star Tracker [13, 232], CMGs [10, 13, 232]

EPS Solar Arrays [10, 13, 232], Gimbals [13, 232], Battery [10, 13, 232],
Switches [13], Wiring [13]

TCS
MLIs [10, 13, 232], Coatings [232], Cold Plates [13, 232], Heaters [13,
232], Pump and Accumulator [13, 232], Radiator [13, 232], Coolant
[232], Louvers [13, 232], Sensors [13]

Structure Structure [10, 13, 232]
DPS Whipple Shields [13, 232]

Deorbit Kits Kits [13, 232]

rocket’s propellant are examined) and the propellant consumption of the satellite during
the entire mission; no afterburning is considered, meaning that the reactions occurring
between the exhaust gases and the surrounding environment are neglected. The emissions
generated by the Ground Segment during the whole mission duration are not considered,
since it is out of the scope of the study.
Regarding the propellant use, the processes involved in its production for both satellites
and launchers have been included in the analysis; however, the generated emissions are
only considered if they are released at an altitude lower than 50-80 km [234]: as a conse-
quence, the impact of the satellites and launchers’ upper stages propellant only accounts
for its production. The compartment on SimaPro where the emissions are allocated is
"stratosphere + troposphere", since the lower stages start burning at ground level. To
determine the emissions generated by the engines, the CEA software from NASA [235] is
used, which estimates the mass of the products released during the combustion by using
the Gibbs’ free energy, requiring chamber pressure, expansion and mixture ratios of the
thrusters.
Since Falcon Heavy burns the same propellant and mounts the same engines of Falcon 9,
the same processes can be used. To model the boosters if included in the various anal-
ysed launch vehicles, the Ariane 6 ones have been used as a proxy due to their similar
composition.
The allocated launch emissions only represent the percentage of the mass of the satellite
with respect to the maximum payload to the injection orbit, which is evaluated by using
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the methodology explained in Section 4.3. The output emissions do not represent, how-
ever, the whole particles released in the atmosphere, since many other minor species are
produced, such as AlCl2, AlOH, HO2, etc.: these molecules are not implemented in the
SimaPro’s airborne emissions, representing a limit of the analysis. Despite the low mass
fraction with respect to other major outputs, researchers are still trying to understand
the real impact of these species on the atmosphere [236].
The method used for the analysis is the one implemented on the ESA database, which
has been slightly modified by adding a Global Warming Potential (GWP) of 11.6 to the
atmospheric hydrogen (instead of zero) [237] to better account for the launchers’ emis-
sions.
Table 4.3 resumes the main sources used to model the satellites’ use phase.

Table 4.3: Use Phase LCI Sources

Item Input Output
ADCS and ODCS Use Propellant Production [13] Emissions [232, 235]

Antonov AN-124 Air Transportation [232] –
Falcon 9 1st Stage Propellant Production [13] Emissions [232, 235]
Falcon 9 2nd Stage Propellant Production [13] –

Falcon Heavy 1st Stage see Falcon 9 1st Stage
Falcon Heavy 2nd Stage see Falcon 9 2nd Stage

Ariane 6 Boosters Propellant Production [13] Emissions [232, 235]
Ariane 6 Main Stage Propellant Production [13] Emissions [232, 235]
Ariane 6 2nd Stage Propellant Production [13] –

Vulcan Centaur Boosters see Ariane 6 Boosters
Vulcan Centaur 1st Stage Propellant Production [13] Emissions [232, 235]
Vulcan Centaur 2nd Stage Propellant Production [13] –

SLS Boosters see Ariane 6 Boosters
SLS Main Stage Propellant Production [13] Emissions [232, 235]
SLS Upper Stage Propellant Production [13] –

4.5 Safe Disposal Assessment

The study of the atmospheric re-entry of a satellite is fundamental to understand the risks
posed to the population and the impact caused by burning components and released par-
ticles [2, 15, 16]. As described in Section 4.1, the safe disposal assessment is evaluated by
using the ESA-DRAMA software. However, the SARA module needs some data which
are available only after the definition of the LCIs of the items.
First, the satellites’ components are modelled by using built-in shapes from the program:
whenever the dimensions are unknown, the object is assumed to be a cube.
Second, part of the used metals and composites are already contained in the software’s
database; however, some components are made of materials which are not included, so
they have been added separately: titanium [238], Kapton [239], glass fibers [240], Vespel
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[221], silicone [140, 241], EPDM [242], PET [243], nichrome [207], PVC [244], brass [245],
aluminium 6061T6 [246] and aluminium 2219T851 [247].
Third, all the components which are external to the structure are considered to be con-
nected to it, while the internal items are released once the structure breaks up.
After the satellite has been implemented, the selected debris (see Section 5.1) shall be
modelled as well. The ENVISAT uses data from [248] for the payload masses and dimen-
sions, including information regarding wiring, CMGs and propellant tanks. The structure
is modelled from [249, 250], while the other internal components are assumed to be pro-
portional by mass to the ones evaluated for the SCMK satellite. The Zenit-2 is modelled
from [251, 252, 253]: engines are assumed to be made of Inconel 718, including some steel
components (proportionally to the one used during the sizing process), and approxima-
tive values for the mass percentages of the remaining subsystems are taken from [254];
the residual mass is considered to be aluminium structure. Once the program has been
correctly set, simulations are run.
When simulating the deorbit of the debris and the satellite together, a controlled re-entry
is selected, while uncontrolled re-entry is performed whenever the debris deorbits alone
or it is equipped with a deorbit kit. The starting dates for the simulations are obtained
through the sizing process. The program has been run in Monte-Carlo mode, allowing
for statistically valid results by varying the initial true anomaly of the objects orbiting
the Earth.

4.6 LCC Definition
The overall cost of a space mission considers different operations and aspects of the
project, ranging from the manufacturing process of the spacecraft to the end-of-life phase,
passing through the launch event. For the analysis concerning this document, production,
transportation to the launch site, launch and operative costs have been included.
To estimate the production costs, the Advanced Mission Cost Model (AMCM) software
is used [255]; to compile the program, the first satellites are assumed to be launched
on Jan 1st 2030 (assuming 5 years for development and production) and represent a 1st

generation spacecraft (if the mission is replicated in the future, the launch year changes
as well as the block number). Due to the unusual functions the satellite must accomplish
(such as multiple rendezvous and docking with uncooperative targets), the difficulty level
of the mission on AMCM is set to be "High". The most suitable category to model the
missions is chosen by comparing the mass budget of the spacecraft obtained through
the sizing process with the one of flown satellites from [256]; since no "Active Debris
Removal" category exists, SCST and SCMK are modelled as an average between High
Earth Orbit (HEO) Earth Observation and Planetary spacecraft missions, while SCMT
is modelled as a Planetary spacecraft due to the high amount of propellant required. The
costs evaluated by AMCM are assumed to be an instantaneous initial investment.
Since AMCM only requires the dry mass of the spacecraft, the cost per kg of propellant
and pressurant gas are added separately, following Table 4.4.
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Table 4.4: Propellant Cost

Fluid Cost (2025 $) [257]
Hydrazine 365.42 $/kg
Nitrogen Tetroxide MON-3 234.62 $/kg
Helium, pressuranta 5802.17 $/kg
a Normal temperature and pressure assumed.

The launch costs are taken from the user guides of the analysed launchers; differently
from Table 4.1, costs are not based on the kg of payload, but on the whole launch, since
the orbit to inject the satellites into do not allow a full payload configuration. The costs
of the launch are scaled proportionally to the mass of the spacecraft with respect to the
allowable payload at the desired orbit (which is evaluated by using [168]). The costs
related to the transportation to the launch site are 100,000 $/h and the cruise speed to
evaluate the flight time is 850 km/h [233].
Lastly, operative, ground segment and management costs are evaluated as 19.8% [258]
of production, which is a specific value for servicing and rendezvous missions. Operative
costs are allocated during the entire duration of the mission, from the launch to the
beginning of the disposal maneuver, and the costs-per-year are the overall operative costs
divided by the number of years the mission lasts (by applying inflation).
To correctly allocate the costs-per-year, inflation is considered: an inflation rate of 2.2%
is assumed for Europe [259] (development, production, transportation and operations),
while a rate of 2.3% is estimated for the USA [260] (launch). In the results, costs are
expressed in Euros, considering a conversion of 1$ = 0.88AC[261].
Figure 4.8 represents the costs allocated for a single ADR mission, supposing an initial
investment in 2025.

Figure 4.8: Example of Allocated Costs, considering the Initial Investment to occur in
2025 and a 5 years long Production Phase. Operations Costs are supposed to be Allocated
at the Beginning of the Year they are applied to
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Chapter 5

Sizing, Life Cycle Assessment and
Life Cycle Cost Results

5.1 Identifying Orbits and Debris to Remove
Using the process described in Section 2.3, the following debris have been selected as
the most significant to be removed [37]: their COE have been obtained from [262], at
02/03/2025 (no reliable orbit propagator was found to obtain the COE at the scheduled
start time of the mission); the identification code associated to each debris is the NORAD
Catalog Number.

Table 5.1: COE of the Selected Debris for ADR Missions
a [km] e i [deg] Ω [deg] ωp [deg]

Envisat (27386) 7140 0.0001359 98.32 20.1382 86.7823
Zenit-2 (28353) 7222 0.0007490 71.00 294.7077 253.8799
Zenit-2 (31793) 7221 0.0002250 70.97 234.6513 255.5626
Zenit-2 (27006) 7373 0.0014042 99.72 216.5826 222.5612
Zenit-2 (26070) 7217 0.0015524 71.00 162.1003 22.4544

Table 5.1 contains the COE of the selected debris, where a is the semimajor axis, e the
eccentricity, i the inclination, Ω the right ascension of the ascending node and ωp the
anomaly of the perigee. In Table 5.2 the mass and the cross-section areas of the debris
are also reported. The values of the cross-section areas have been defined modelling the
debris on the ESA-DRAMA software [59]; Antb is the area referred to the non-tumbling
object (considering the axis along which the docking with the ADR satellite occurs),
while Atb is the area referred to the tumbling object. The data to model the Envisat
on ESA-DRAMA was taken from [249, 250], while [263] contains the data to model the
Zenit-2. Figure 5.1 shows the implemented models and their orbits.

91



Sizing, Life Cycle Assessment and Life Cycle Cost Results

Table 5.2: Mass and Cross Section of the Selected Debris for ADR Missions
m [kg] Antb [m2] Atb [m2]

Envisat (27386) 8111 72.6485 56.2409
Zenit-2 (28353) 9000 42.5155 38.1463
Zenit-2 (31793) 9000 42.5155 38.1463
Zenit-2 (27006) 9000 42.5155 38.1463
Zenit-2 (26070) 9000 42.5155 38.1463

Figure 5.1: Envisat Model (left) and Zenit-2 Model (center) Implemented on ESA-
DRAMA, and their Orbits (right, Envisat in Red and Zenit-2 in Cyan)

5.2 Sizing Results
By using the methods described in Section 4.2, Table 5.3 shows the mass breakdown of the
three ADR architectures analysed. The table is divided minding the different subsystems
involved in the simulations; the SCST column only refers to a single satellite.

Table 5.3: Mass Breakdown

Subsystem Component SCST [kg] SCMT [kg] SCMK [kg]

ComSys

Omnidirectional Antenna 0.230 0.230 0.230
Directional Ant. Reflector 0.880 0.880 0.880
Directional Ant. Feed 6.333 · 10−4 6.333 · 10−4 6.333 · 10−4

Directional Ant. Support 0.219 0.219 0.219
Gimbal 4.400 4.400 4.400
MODEM 9.800 9.800 9.800

Continues in the next page
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Subsystem Component SCST [kg] SCMT [kg] SCMK [kg]
Filters 0.0 0.0 0.0
Transponder 5.440 5.440 5.440
Diplexer 0.040 0.040 0.040
Coaxial Cables 4.409 · 10−2 4.409 · 10−2 4.409 · 10−2

DHS OBC 0.300 0.300 0.300
OBC Buses 0.129 0.129 0.129

DockSys

Camera 4.800 4.800 4.800
Telescopic Arm 2.900 2.900 2.900
Telescopic Arm Motor 2.200 2.200 2.200
Electrostatic Pads 2.494 2.494 2.494

ODCS

Thruster 7.300 7.300 7.300
Hydrazine Tank 10.29 453.6 136.5
NTO Tank 6.962 314.7 94.11
Helium Vessel 32.43 1.444 · 103 433.5
Pipelines 24.88 24.88 24.88
Valves 12.57 189.5 62.84

ADCS
Thrusters 17.92 17.92 17.92
Star Tracker 1.880 1.880 1.880
CMGs 52.00 52.00 52.00

Propellant
Hydrazine 370.9 1.635 · 104 4920
NTO 359.4 1.624 · 104 4858
Helium 5.835 259.8 77.98

EPS

Solar Arrays 21.61 37.63 26.31
Gimbals 2.640 2.640 2.640
Battery 12.75 22.20 15.53
Switches 0.400 0.400 0.400
Wiring 16.03 26.95 19.23
Regulation 0.0 0.0 0.0

TCS

MLIs 0.773 9.715 4.355
Coatings 5.300 44.16 19.82
Cold Plates 8.600 11.48 9.447
Heaters 0.375 1.725 0.758
Pump and Accumulator 6.880 9.186 7.557
Radiator 20.62 26.73 22.42
Coolant (H2O) 3.558 4.709 3.896
Louvers 31.13 40.34 33.85
Sensors 3.558 4.709 3.896

Structure Structure 148.6 1433 744.0
DPS Whipple Shields 12.91 566.9 254.6

Deorbit Kits

Kits 0.0 0.0 427.8
Telescopic Arms 0.0 0.0 14.50
Electrostatic Pads 0.0 0.0 0.805

Continues in the next page
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Subsystem Component SCST [kg] SCMT [kg] SCMK [kg]
Telescopic Arms Motors 0.0 0.0 5.500
Switches 0.0 0.0 0.250

Dry Mass [kg] 495.9 4782 2482
Total Mass [kg] 1232 37,630 12,338

Orbital Maneuvers’ ∆v [km/s] 0.212 5.443 5.020
Lifetime before Disposal [dd] 0 721 866

The final dimensions of the satellites are contained in Table 5.4, while Table 5.5 shows
the power consumption of the components included during the sizing process.

Table 5.4: Satellites’ Dimensions

SCST [m] SCMT [m] SCMK [m]
Satellite’s Length 2.285 8.101 5.424
Satellite’s Radius 0.627 1.572 1.053
Solar Array Short Side 1.652 2.179 1.823
Solar Array Long Side 3.304 4.358 3.646

Table 5.5: Power Consumption

Subsystem Component SCST [W] SCMT [W] SCMK [W]

ComSys

Omnidirectional Antenna 2.3 2.3 2.3
Directional Antenna Feed 5.0 5.0 5.0
Gimbal 10 10 10
MODEM 90 90 90
Filters 1.2 1.2 1.2
Transponder 10 10 10
Diplexer 2.0 2.0 2.0

DHS OBC 2.0 2.0 2.0

DockSys Camera 15 15 15
Telescopic Arm Motor 10 10 10

ODCS Thruster 45 45 45
Valves 150 150 150

ADCS
Thrusters 576 576 576
Star Tracker 4.0 4.0 4.0
CMGs 90 90 90

EPS Gimbals 10 10 10
Switches 0.8 0.8 0.8

Continues in the next page
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Subsystem Component SCST [W] SCMT [W] SCMK [W]

TCS Heaters 268.3 1232.3 541.3
Pump and Accumulator 16.5 22.0 18.1

Deorbit Kits Telescopic Arms Motors 0.0 0.0 10
Switches 0.0 0.0 0.1

Losses 172.5 300.4 210.0
Total 1480.6 2578.0 1802.8

To determine the ∆v for collision avoidance maneuvers and the necessity of a DPS, ESA-
DRAMA has been used, as described in Section 4.1. Some methodological differences
have been applied during the study:

• SCST: only the deorbit phase has been considered, assuming the satellite to be
launched to the desired final orbit and to be docked to the debris during the entire
disposal phase; since five SCST spacecraft are launched, the worst case scenario
has been considered (ENVISAT, since it has the highest cross section among the
selected debris and its orbit shows the highest value of collision avoidance ∆v).

• SCMT: two different phases have been analysed, whose required ∆v are then
summed. The first phase is coasting between the debris while maneuvering in
space: to be conservative, the satellite is assumed to lie on the ENVISAT orbit,
which represents the most critical one; the second phase is the deorbit, where the
final orbit of the last debris targeted is considered while the SCMT spacecraft is
still docked to the object.

• SCMK: like SCMT, two phases are considered. The first one is the coasting and
maneuvering phase while the satellite is targeting each debris; the second phase is
the deorbit, which in this case does not consider the spacecraft to be docked with
the last debris. The first phase develops on the ENVISAT orbit as well, while the
second one on the selected deorbit path.

In all three architectures, the models used on ESA-DRAMA are considered to have a
fixed attitude if the spacecraft is either docked to the debris or it is alone. The starting
date for the simulations is considered to be Jan 1st 2030, while other dates are obtained
from the sizing process (Section 4.2). Regarding cross-section evaluations, the debris and
the satellites are considered to be docked on the line connecting the centres of mass of
the two objects, which also represents the direction of motion of the system, as shown in
Figure A.2.
Table 5.6 shows the data collected from ESA-DRAMA regarding collision avoidance ma-
neuvers and DPS analyses.
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Table 5.6: ESA-DRAMA Results

SCST SCMT SCMK
Disposal Time 103 dd 123 dd 179 dd
∆v Collision Avoidance 1.164 m/s 1.875 m/s 0.063 m/s
Whipple Shield Projectile Diameter 0.4 cm 1.0 cm 1.0 cm
Probability of Penetration < 7 · 10−5 < 9 · 10−4 < 1.8 · 10−7

Probability of Catastrophic Collisions 0 0 0

Regarding SCMK, the mass and power breakdown of the selected deorbit kit is presented
in Table 5.7; the overall volume measures 2.495 · 10−2 m3, assumed to be a cube.

Table 5.7: Deorbit Kit Mass Breakdown

Component Mass [kg] Power [W]
Deployment 1.92 · 10−2 –
Electron Emitter – 3.8
Battery 5.28 · 10−2 –
MLIs 1.23 · 10−4 –
Solar Arrays 0.166 –
Omnidirectional Antenna 0.230 2.3
Tether 40.50 –
Electrostatic Pads 0.128 –
Structure 17.59 –
End mass 26.88 –

Total 85.57 6.1

The time required by the kit to deorbit the debris is shown in Figure 5.2, comparing
different tether lengths. Due to its lower mass and acceptable time to deorbit the selected
targets, the 10 km long wire has been chosen. Despite the deorbit time of the fourth target
exceeds the year, if such a mission in launched annually the number of debris removed
per year on the long run would still be five.
Table 5.8 shows the order of the debris docked and removed by the SCMT and SCMK
architectures, containing the approximated dates of the rendezvous events.

Table 5.8: Order and Dates of Rendezvous with Debris for Multiple Target Missions
N. SCMT SCMK
1 2030-01-01 (Zenit-2, 28353) 2030-01-01 (Zenit-2, 28353)
2 2030-06-13 (Zenit-2, 31793) 2030-10-01 (Zenit-2, 31793)
3 2030-12-25 (Zenit-2, 26070) 2031-07-02 (Zenit-2, 26070)
4 2031-03-23 (Zenit-2, 27006) 2031-08-17 (ENVISAT, 27386)
5 2031-12-22 (ENVISAT, 27386) 2032-05-17 (Zenit-2, 27006)
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Figure 5.2: Deorbit Time required by different Tether’s Lengths to Deorbit the Selected
Debris

5.2.1 Program Validation

The results obtained from the sizing program, whose logic and development is shown
in Section 4.2.4, have been validated through both benchmark analysis, by comparing
them with flown spacecraft with similar architectures and mission objectives (taken from
[256]), and sensitivity analysis, changing some input quantities and studying the final
mass breakdown variation. Tables 5.9 and 5.10 show the comparison (in subsystems’
mass and power percentage) of the sized SCMK architecture with some examples from
[256, 264]; SCMK is compared since it is the only architecture to have a proper payload
(the deorbit kits) allowing for a more accurate analysis.

Table 5.9: Benchmark Mass Analysis of the SCMK Architecture with Flown Spacecraft;
all Percentages are referred to the Dry Mass of the Spacecraft. The "Other" Category
[256] is Excluded

Subsystem HEO Planetary Triana Cassini SCMK
Payload [%] 32 15 18 27 18.58

EPS [%] 17 21 5 14 2.58
TCS [%] 4 6 2 3 4.27

DHS+ComSys [%] 4 7 3 11 0.87
Structure [%] 24 25 24 14 29.97 + 10.26 DPS

ODCS [%] 7 13 30 19 31.19
ADCS [%] 6 6 8 6 5.42

(Wet - Dry) [%] 72a 110a 419.1b 259 397.01
a No kick stage considered.
b Kick stage included.
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Table 5.10: Benchmark Power Analysis of the SCMK Architecture with Flown Spacecraft.
The "Other" Category [256] is Excluded

Subsystem HEO Planetary TDRS-7 NEAR SCMK
Payload [%] 35 22 54 11 1.95

EPS [%] 7a 10a 1 1 0.60 + 11.65a

TCS [%] 14 15 29 18 31.03
DHS+ComSys [%] 16 18 4 17 6.80
ADCS+ODCS [%] 18 23 13 53 47.98
a Harness losses included.

Regarding the mass benchmark analysis, the satellite shares some important similari-
ties with both HEO and planetary spacecraft categories, such as the payload mass, the
TCS, the structure and the ADCS; some other categories are similar to flown spacecraft
instead, such as the ODCS and the EPS (closer to Triana, which is a HEO Earth ob-
servation satellite). Other subsystems’ percentages are also comparable with the Cassini
mission, such as ODCS, ADCS and TCS. Lastly, the propellant mass fraction (reported
as "wet - dry" to consider eventual kick stages) fits between both Triana and Cassini’s
values. The mass budget benchmark analysis shows that the sized SCMK architecture
fits between both HEO and planetary mission categories: this fact can be justified by the
high ∆v required for orbital maneuvers. Moreover, some subsystems have a lower mass
fraction than the analysed case (DHS, ComSys, EPS); this can be due to the proximity
to the Earth and the absence of big data to handle and transmit to the Ground Segment,
allowing for lighter OBCs and antennae, as well as the low power consumption required
by the payload to be operative.
The power benchmark analysis shows again some similarities with both HEO and plane-
tary spacecraft, like the EPS power which fits well between both cases, either considering
or not the harness losses. Some other subsystems can be successfully compared to flown
spacecraft as well, such as TCS, DHS and ComSys (closer to TDRS-7, a LEO commu-
nication satellite), while NEAR (a robotic space probe) shares some similarities in terms
of ADCS and ODCS. The power required by the payload is not comparable with any
of these categories, since the kits do not require direct power supply from the satellite,
but they are just applied on the target and get their own energy instead. The power
benchmark analysis shows that the SCMK architecture fits between the data of both
HEO and planetary spacecraft.
The sensitivity analysis has been performed by changing three input quantities: the over-
all ∆v of the mission, the mass of the payload (deorbit kits) and the power required by
the payload (robotic arm); the mass and power budgets’ variation of the system are then
plotted.
Regarding ∆v, Figure 5.3 shows the variation of mass (in both linear and logarithmic
scales) and power breakdown among the subsystems.
The ODCS is the one increasing the most its mass (since it contains the propellant), by
following a predicted exponential growth due to the Tsiolkovsky’s equation implemented.
Other subsystems increase their masses as well, such as the structure, the DPS, the TCS,
the ADCS and the EPS: the ADCS, TCS and EPS masses increase is justified by the
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valves, which are proportional to the dry mass of both ADCS and ODCS; as a conse-
quence, the power required by the TCS increases as well.
Figure 5.4 shows the mass and power variation due to the increased payload.

Figure 5.3: Plot of the Mass and Power Breakdown by Varying the Input ∆v

Figure 5.4: Plot of the Mass and Power Breakdown by Varying the Input Payload Mass

The overall mass increase follows an almost linear growth, which is coherent with the
results proposed by [264] for LEO satellites. The TCS power shows the same trend, due
to the valves’ increase in the ADCS and ODCS mass budget.
In Figure 5.5 is reported the mass and power variation due to the increased power re-
quest by the payload. The increased power causes an increase in the EPS and in related
subsystems’ masses, rising the overall mass of the satellite. The power budget shows a
curious decrease in the TCS: this phenomenon is due to the dissipations; the increase in
the payload power causes more losses, that release heat which is used to warm up some
components, decreasing the power required by the heaters (as explained in Appendix A).
Lastly, the program simulating the deorbit of the debris using the kits has been validated
as well: by neglecting the atmospheric drag (as in [46]), the plots showing the variation
of the altitude in time (Figure 5.2) are similar and comparable to the ones presented in
[46], validating the method used.
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Figure 5.5: Plot of the Mass and Power Breakdown by Varying the Input Payload Power

5.2.2 Trade-Offs

During the subsystems’ selection and data gathering phase, different options regarding
possible design solutions have been analysed: in this Section, some results about those
alternatives are presented, justifying the choices made during the sizing process.

Antenna Selection: The selected directional antenna is equipped with a parabolic re-
flector and a conical horn feed, resulting in an overall 1.1 kg mass, 5 W power consumption
and 24.02 dBi gain. The same gain and power consumption can be obtained by an ar-
ray of 6 × 6 patch antennas (7.5 dBi gain each) [73]: however, its thickness [265] and
material [73] only allow for a 4.12 kg solution (excluding the dielectric mass). A single
patch antenna is even worse, requiring up to 224 W and consequently increasing the EPS
mass [73]. Another alternative are helix antennae: by considering an efficiency equal
to one (assuming gain and directivity to share the same value), a single helix antenna
would be 2.24 m long to achieve 24.02 dBi and 5 W power consumption [73, 266]. If nine
helix antennae are implemented instead (3 × 3 array), the overall mass still exceeds the
parabolic reflector’s one (assuming an aluminium substrate to link the helixes together).
Table 5.11 resumes the data regarding the directive antenna’s selection.

Table 5.11: Trade-Off for the Directional Antenna Selection

Power [W] Gain [dBi] Mass [kg] Length [m]
Parabolic Antenna 5 24.02 1.1 –
Patch Antenna 6 × 6 5 24.02 4.115 + dielectric –
Single Patch Antenna 224 7.5 Increase in EPS –
Single Helix Antenna 5 24.02 – 2.24
Helix Antenna 3 × 3 5 24.02 1.27 0.25
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Propulsion System: During the sizing process, electric propulsion has been considered
as well: a 2.95 kg, 500 W electric thruster was tested in the program, ejecting xenon with
a specific impulse of 1600 s [267]. Since no multi-phase thermal control system is imple-
mented due to the lack of data, xenon is stored in a high-pressure gaseous form instead
of a liquid one. The program, due to the considerable ∆v required by the mission, does
not converge, since the increase in the mass of the tank is not balanced by a reasonable
amount of propellant to accelerate it (gaseous xenon’s density is not high enough). More-
over, if electric propulsion is selected, the time required to perform the maneuvers would
not be negligible, resulting in a much longer mission duration, which becomes impractical
if the debris is tracked a little time before the mission’s launch. Lastly, the approaching
phase before the rendezvous and docking sequence would be difficult as well, since elec-
tric thrusters are not reactive enough to guarantee the success of corrective maneuvers
performed in a short interval of time. For these reasons, a far more reactive chemical
propulsion system has been chosen for the final satellites’ architecture.

Electrical Power System: Regarding the EPS, trade-offs have been made on both the
batteries and solar arrays selection. Among the possible batteries materials [113], lithium-
ions-manganese batteries are selected, since they do not require maintenance, they have
a low recharge time and low toxicity as well, making them suitable for an atmospheric
re-entry. Table 5.12 resumes the main properties of different battery architectures.

Table 5.12: Trade-Off for the Battery Selection

Energy Density Recharge Time Maintenance Toxicity
Li-ion-Mn 100-135 Wh/kg < 1 h No Low
Li-ion-P 90-120 Wh/kg < 1 h No Low
Li-ion-Co 150-190 Wh/kg 1.5-3 h No Low
Ni-metal hydride 60-120 Wh/kg 2-4 h Yes Low

Regarding the solar arrays’ material, they are made of gallium arsenide (GaAs), since
more efficient than traditional silicon panels.

Disposal Method: Since different disposal methods do exist, some of them have been
analysed to determine which one is the most convenient to adopt. First, the alternative
between the deorbit and the graveyard orbit is explored. By using the equations contained
in Section 4.2.1, the required ∆v for both cases is computed, and the satellites are then
sized. The results are contained in Table 5.13.
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Table 5.13: Trade-Off for the Disposal Method Selection
Perigee Apogee SCST SCMT SCMK

Deorbit 200 km – 1232 kg 37,630 kg 12,338 kg
Graveyard Orbit 2000 km 2100 km 1460 kg 54,337 kg 12,938 kg

It is evident how the graveyard orbit disposal is more expensive in terms of mass than the
atmospheric re-entry in all three architectures; moreover, if a deorbit is not performed,
the satellite would remain in space, becoming a debris and posing potential risks to future
space missions.
Other than the disposal technique, also different technologies allowing for a deorbit have
been compared for the SCMK architecture: the burn to disposal and the use of an own
deorbit kit. Results for both cases are shown in Table 5.14.

Table 5.14: Trade-Off for the Deorbit Technology Selection
Wet Mass Dry Mass Volume Deorbit Time

Burn to Disposal 12,338 kg 2482.4 kg 18.91 m3 179 dd
Own Deorbit Kit 11,502 kg 2468.6 kg 17.34 m3 ∼ 250 dd

The own deorbit kit seems advantageous due to its lower mass, however some consid-
erations are necessary. First, the greatest majority of the costs are allocated for the
development and production of the satellite (see Section 5.5), which are referred to its
dry mass, and whose difference is less than 15 kg; second, the electrodynamic tether
doesn’t allow for a controlled atmospheric re-entry if necessary, which can be guaranteed
by using the propulsion system of the spacecraft instead (see Section 5.6). Lastly, the
probability of success of the disposal maneuver would depend on the deployment of the
tether, which is more difficult to estimate than the success rate of the selected engine. For
these reasons, the disposal by using a deorbit kit has been discarded in the final SCMK
architecture.

Satellite’s Shape: The final shape of the satellite has also been investigated, to find
a solution capable of the highest internal volume with the lowest exposed surface; the
necessity of a compromise becomes evident while discussing the DPS, since a higher
surface means a higher Whipple shield mass to be implemented. Two different shapes
are analysed, the cube and the cylinder, and the overall mass comparison is reported in
Table 5.15 for all three analysed architectures.

Table 5.15: Trade-Off for the Satellite’s Shape Selection
SCST SCMT SCMK

Cylinder 1232.0 kg 37,630 kg 12,338 kg
Cube 1249.4 kg 106,927 kg 36,306 kg

The cylindrical shape is modelled by following the methodology presented in Section
4.2.2, while the cubic shape is modelled by using as the main diagonal the sum of the
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two bigger diameters among the tanks and vessel, adding an extra radius of the smallest
one out of the three: this way, all three spherical tanks can fit inside the cubic shape in
an efficient way. From the analysis it is evident how the cubic shape is worse than the
cylindrical one, due to the higher external surface and, consequently, the higher DPS’
mass.

5.3 Launch Solutions

By following the methodology presented in Section 4.3, Table 5.16 shows the possible
launcher solutions found for the sized satellites: given their dimensions from Table 5.4,
all of them fit inside the fairing of the selected launch vehicles.

Table 5.16: Launcher Solutions Table

Launcher Max PL at orbit [168] msat/mPL,max Target ID
No Internal Ride-share

SCST-1 Falcon 9 1427 kg 0.8633 27386
SCST-2 Falcon 9 12,972 kg 0.0948 28353
SCST-3 Falcon 9 12,990 kg 0.0948 31793
SCST-4 Falcon 9 1633 kg 0.7544 27006
SCST-5 Falcon 9 12,990 kg 0.0948 26070
SCMT Falcon H. 37,927 kg 0.9922 28353
SCMK Falcon 9 12,972 kg 0.9511 28353

SCST Internal Ride-share
SCST-1 Falcon 9 1427 kg 0.8633 27386
SCST-2 Falcon 9 12,972 kg 0.0948 28353
SCST-3 Falcon H. 4440 kga 0.5550a 31793
SCST-4 27006
SCST-5 Falcon 9 12,990 kg 0.0948 26070
a By using the approach described in Section 4.3.

It is worth noting that the selected solutions are not the only ones capable of launching
the ADR satellites to the desired final orbit; also Ariane 6, Vulcan Centaur and SLS
would be able of launching at least the SCST architecture at the desired final orbit, while
Vulcan Centaur and SLS would even be capable of an internal ride-share program with
two SCST satellites. However, Falcon 9 and Falcon Heavy have been selected instead due
to their high availability (Table 4.1), which is prioritized over the other launchers’ fea-
tures, as previously discussed in Section 4.3. In all the analysed cases, no more than two
targets could be reached by using one single launcher in an internal ride-share program.
The SCMT and SCMK architectures are considered to be injected in the orbit of the first
debris to dock with, as from Table 5.8.
Another consideration regarding Falcon 9 and Falcon Heavy can be done: these two

103



Sizing, Life Cycle Assessment and Life Cycle Cost Results

launchers can in fact be reused, since retrievable. Injections by using recoverable launch-
ers have been simulated as well, however they are discarded from the final solutions, since
the retrievable version of Falcon 9 can only be applied to the lower inclination orbits (not
reaching the two targets at the highest inclinations), and the launchers that can suc-
cessfully bring the spacecraft to the desired position are affected by a strongly reduced
maximum payload [168], meaning more emissions and costs to be allocated to the ADR
satellites. Moreover, the costs published in the launcher’s guidelines are only referred to
their fully expendable versions, making it difficult to estimate the true cost effectiveness
of the mission.

From the following section onwards, the term ride-share will refer to internal ride-
share only if not specified, while no ride-share will exclude internal ride-shares but still
consider external ones.

5.4 LCA Results

The impacts of the three mission architectures, also considering the different launch meth-
ods listed in Table 5.16, are now reported; this time, the SCST voices refer to the whole
ADR program, considering all five satellites to be launched. Figure 5.6 shows the overall
environmental footprint of the analysed missions. It is evident how the most impacting

Figure 5.6: Overall Environmental Impact for the Analysed Architectures and Launch
Combinations

architecture is SCMT, primarily due to its higher mass, while the SCMK architecture
globally results the least impacting one. The categories with the highest scores are the
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Global Warming Potential GWP, the water depletion (WDEPL), the fossil fuels con-
sumption (ADEPLf) and the material (minerals and metals) use (ADEPLmu), meaning
that the missions impact more on the natural resources consumption rather than on hu-
man health toxicity (which is defined by the categories HTOXnc for non-carcinogenic
emissions and HTOXc for carcinogenic ones). The following analysis shows the environ-
mental hotspots and the emission allocations per-phase, which are resumed in Figure 5.7.

Figure 5.7: Emission Allocation Per-Phase for SCST with Rideshare (top left), SCST
without Rideshare (top right), SCMT (bottom left) and SCMK (bottom right)

From Figure 5.8 it is possible to notice how the production of five SCST satellites impacts
more than one single SCMK assembly due to its lower overall dry mass, while the SCMT
architecture still results to be the one with the largest ecological footprint. However,
the SCST satellites represent the solution with the highest overall resource consumption
(water, minerals and metals), which is primarily due to the higher dry mass over wet
mass ratio.
The comparison of the use phases of the satellites only is shown in Figure 5.9. This
time, the most affected impact category is the freshwater ecotoxicity (FWTOX) caused
by the propellant production (hydrazine and nitrogen tetroxide): the architecture with
the highest amount of required propellant is the SCMT, followed by SCMK and, lastly,
by the five SCST satellites, reflecting the previously discussed emissions’ trend and ∆v
need.
Figure 5.10 shows the air transportation impacts. Since this process is scaled on the dry
mass of the satellites, SCST and SCMK show a similar environmental footprint, due to
the comparable value of the masses (considering all five SCST satellites and only one
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Figure 5.8: Production’s Environmental Impact for the Analysed Architectures

Figure 5.9: Satellites’ Use Environmental Impact for the Analysed Architectures

SCMK). The most affected categories are GWP and fossil fuels consumption (ADEPLf),
which are directly related to the plane’s emissions.
The last comparison in Figure 5.11 reports the different environmental impact of the
launch phase. From the solutions shown in Table 5.16 it becomes evident how the SCST
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Figure 5.10: Transport Environmental Impact for the Analysed Architectures

Figure 5.11: Launch Environmental Impact for the Analysed Architectures and Launch
Combinations

ride-share option is far more impacting than the non-ride-share one, since only two satel-
lites can be injected by a Falcon Heavy at once, being worse than two different Falcon
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9. Also in this case, the SCMK mission architecture is the least impacting one, since it
only requires one Falcon 9. It is worth noting that the launch event represents a major
portion of the overall emissions (see Figure 5.6), meaning that its environmental impact
cannot be neglected; consequently, finding ecologically valid launch alternatives becomes
crucial if the mission aims at overall low emissions and materials consumption.
The most impacting mission phases with respect to the overall environmental footprint
are production and launch, meaning that lighter solutions are preferred, as well as the
ones occupying only a small fraction of the payload capability of the selected launch
vehicle. The use phase of the satellite becomes negligible only if a small amount of pro-
pellant is involved (SCST case), while it shall be considered in the SCMT and SCMK
architectures, due to the high ∆v required by the orbital maneuvers. In all three cases,
the transportation phase can be neglected due to its low score with respect to the overall
value.
Regarding the satellite’s production, Figures 5.12, 5.13 and 5.14 show the impact alloca-
tion upon the different subsystems included in the architectures. From Figure 5.12 it is

Figure 5.12: Production Environmental Impact for a SCST Satellite

evident how the EPS is the most impacting subsystem in low ∆v applications, followed by
the structure (whose mass is proportional to the dry mass of the satellite), the TCS and
the attitude and orbit control systems. ComSys, DockSys and DHS have an overall lower
impact, due to their lower masses. Water, metals and minerals depletion (WDEPL and
ADEPLmu) are the most affected categories. On the other hand, Figure 5.13 shows how
impacting the ODCS is in high ∆v architectures: more than a half of the global single
score is allocated to the orbit control system, which mainly impacts on global warming
(GWP), particulate matter (PMAT), acidification (ACIDef), fresh water eutrophication
(FWEUT) and fossil fuels consumption (ADEPLf). Lastly, from Figure 5.14 it is possible
to measure the footprint of the deorbit kits, mainly acting on water depletion (WDEPL).
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Figure 5.13: Production Environmental Impact for a SCMT Satellite

Figure 5.14: Production Environmental Impact for a SCMK Satellite

The comparison shows how the EPS and the TCS’ impact is similar among the different
ADR architectures, due to their close masses (see Table 5.3), while the structure main-
tains a similar percentage of the overall score. Also, the subsystem whose impact varies
the most is the ODCS: its footprint strongly depends on the size of the tanks involved,
meaning a higher impact the higher the required ∆v is. In particular, it is possible to
identify the tanks and the valves as the most impacting items inside the ODCS in high
∆v architectures, since all the other components of the subsystem share the same masses
among the three analysed concepts: the identified root cause of the high ecological foot-
print are the machining processes involved in the fabrication of the spherical tanks and
vessel, due to the dimensions of the components to manufacture. Lastly, the ComSys,
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DHS, DockSys and ADCS share the same score values among the different mission profiles
since they are made of the same components. The impact of the DPS can be neglected
in all three cases, despite its generally high mass.
Among the three analysed architectures, the EPS and the TCS occupy an important
percentage of the overall emissions: the main contributors are the solar arrays for the
EPS and the radiator for the TCS; in both the components, the high score value is due
to the electrical energy required by the involved processes (directly modelled from [10]
for solar arrays, while contained in the aluminium gathering process - "at plant" - for the
radiator).
Figure 5.15 shows the impact distribution among the nineteen categories for the kits pro-
duction (only one kit is here considered). It is possible to notice how the most critical

Figure 5.15: Production’s Environmental Impact for the Analysed Deorbit Kits

items are the aluminium tether and the structure, meaning that the greater percentage
of the single score values obtained for the kits in Figure 5.14 is due to these components.
Moreover, the most affected impact category is the water depletion (WDEPL), and fur-
ther investigations show that its high value is caused by the electrical energy employed in
the fabrication of the tether itself, as a sub-process of the selected aluminium gathering
procedure ("at plant"), showing how impacting is the aluminium production and collec-
tion in space industry.
As shown in Figure 5.15, the impact of the production of a single deorbit kit is only
a fraction of the overall SCMK production (from Figure 5.14, the single score of a kit
is about 4.3 % of the global score of the other subsystems): however, since the mission
where these devices are employed is a multiple-target one, five of them are needed and the
value associated to them increases up to 17 % of the final one, representing a substantial
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portion of the total emissions.

5.4.1 End-of-Life and Disposal

When performing the LCA of a space mission, if a cradle-to-grave analysis is carried out,
the disposal phase represents the last one to include. Different end-of-life scenarios can be
studied, such as the re-orbit into a graveyard orbit or the atmospheric re-entry. However,
the environmental impact of such operations is only partially known and represents a
limit of the current space sector’s LCA; it is indeed difficult to estimate the emissions
occurring during the re-entry phase, since the chemistry involved is still largely unknown
and only a small fraction of the material reaches the ground to be analysed. However,
some studies [2, 15, 16] assess the impact of the chemical reactions involving aluminium
and oxygen in extreme conditions, simulating the ablation process happening during the
atmospheric re-entry: the results show that the aluminium oxides created can potentially
act as an ozone depleting agent, making their environmental impact considerable.
If a graveyard orbit disposal is preferred, other mechanisms shall be considered, such
as surfaces and coatings’ degradation, that could potentially create new space debris;
however, as discussed in Section 4.4.1, an impact category regarding the debris release
has not been developed yet. Since no reliable data exists nowadays to correctly estimate
and allocate the emissions of the end-of-life and disposal of the spacecraft, this phase has
been excluded from the study, representing an important limitation of the LCA of space
products.

5.5 LCC Results

By following the methodology presented in Section 4.6, the costs of the ADR missions
are now reported. Figure 5.16 shows the overall costs of the different architectures.

Figure 5.16: Overall Costs Comparison for the Different Architectures and Launch Com-
binations
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The costs have been propagated for eleven satellite’s generations, assuming launches from
2030 to 2040; the spacecraft’s production costs are allocated from 2025 to 2035, while
costs for transportation, propellant and launch events are distributed between 2030 and
2040. The operative costs are allocated between 2030 and 2042, assuming a duration
of three and two years for each SCMK and SCMT mission, respectively. It is evident
how the SCMT is the most expensive architecture among the selected ones, due to its
higher mass (see Figure 5.17), while the different SCST and the SCMK architectures
share similar cost profiles during the entire program duration.
In Figure 5.17 the costs related to the production, transportation and launch only are
reported, while Figure 5.18 shows the operative expenses.

Figure 5.17: Production, Transport and Launch Costs Comparison for the Different Ar-
chitectures and Launch Combinations

Figure 5.18: Operations Costs Comparison for the Different Architectures
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It is worth noting that the production and operations costs decrease in time despite
the inflation rate applied: this is caused by the increasing spacecraft generation ("block
number") on the AMCM software, which evaluates the costs reduction in time due to the
already existing designs developed in the previous years.
Table 5.17 contains the cumulative costs for each analysed mission architecture, dividing
them into categories.

Table 5.17: LCC Division of the ADR Architectures
Costs in million of AC

Production Transport Launch Propellant Operative Total
SCST No
Rideshare

14,218.4 10.9 1618.7 15.5 3138.2 19,001.7

SCST
Rideshare

14,218.4 10.9 1955.7 15.5 3138.2 19,338.7

SCMT 35,163.9 10.9 1894.4 137.6 7846.5 45,053.3
SCMK 15,665.4 10.9 809.4 41.3 3534.2 20,061.2

Since no revenue is predicted in the short term, it is not appropriate to refer to the Net
Present Value of the projects, since they would be all negative. To determine the most
cost-effective architecture, the cumulative costs for the simulated ADR programs have
been evaluated as in Table 5.17. It is possible to notice how the cheapest program is the
SCST without internal ride-share, followed by the internal ride-share option and then by
the SCMK, which is still close to the previous two alternatives. Also, from the given
breakdown, the transport and propellant’s costs are small with respect to production,
launch and operations, meaning that they can be neglected without losing the validity of
the results obtained.

5.6 Safe Disposal and Requirements Verification
In this Section, the safe disposal of both spacecraft and debris is explored, followed
by an overview about the compliance of the requirements for all three selected ADR
architectures.

5.6.1 Safe Disposal Verification

To verify the safe dispiosal of both satellites and debris, the SARA module of ESA-
DRAMA is used (see Section 4.5). Table 5.18 shows the results of the analysis performed
by using the Monte-Carlo method, reporting the mean on-ground casualty risk, the mean
impact area, the mean surviving mass and the required re-entry method (C = controlled,
U = uncontrolled).
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Table 5.18: Safe Disposal Results Table

On-ground risk Aimpact [m2] msurvive [kg] Re-entry
SCST + ENVISAT
(27386)

7.929 · 10−4 68.11 4945 C

SCST + Zenit-2
(28353)

3.414 · 10−4 31.08 519.4 C

SCST + Zenit-2
(31793)

2.836 · 10−4 31.08 520.4 C

SCST + Zenit-2
(27006)

1.780 · 10−4 29.71 513.9 C

SCST + Zenit-2
(26070)

6.280 · 10−4 31.08 520.0 C

Zenit-2 (28353) 6.188 · 10−5 5.927 269.4 U
Zenit-2 (31793) 9.431 · 10−5 5.927 269.7 U
Zenit-2 (26070) 9.374 · 10−5 5.927 269.4 U
Zenit-2 (27006) 7.285 · 10−5 5.927 248.9 U
SCMT + ENVISAT
(27386)

1.028 · 10−3 95.85 8735 C

Zenit-2 (28353) + kita 4.878 · 10−5 7.478 285.3 U
Zenit-2 (31793) + kita 3.363 · 10−5 7.478 285.4 U
Zenit-2 (26070) + kita 2.452 · 10−5 7.478 284.8 U
ENVISAT (27386) +
kita

3.656 · 10−4 57.73 2429 C

Zenit-2 (27006) + kita 2.333 · 10−5 6.046 207.0 U
SCMK 7.833 · 10−4 29.32 1567 C
a Assuming the same trajectory of the controlled deorbit, since no starting orbital elements are available

for this option.

From Table 5.18 it is evident how the most critical debris to dispose of is ENVISAT
(27386), since the most of it survives the atmospheric re-entry phase, while the Zenit-2
upper stages almost completely burn during the deorbit trajectory, due to their high
amount of aluminium (lower melting point).
The first block in Table 5.18 refers to the SCST deorbits; since all of them occur when the
satellite is docked to the debris, all the re-entries are guaranteed to be controlled, since the
spacecraft engines can be used to modify the trajectory in the last phases of the maneuver.
The second block of Table 5.18 refers to the SCMT mission profile; since only one debris
deorbits together with the spacecraft, it is the only one performing a controlled re-entry:
from the simulations, the last target is ENVISAT (27386), allowing for the controlled
disposal of the most critical debris; the other targets all deorbit following an uncontrolled
disposal. The last block of Table 5.18 refers to the SCMK architecture; in this case, only
the satellite deorbits in a controlled manner, while the targets perform an atmospheric
uncontrolled re-entry with the deorbit kits only: however, ENVISAT (27386) (which is
marked with the letter "C") would need a controlled re-entry, since the on-ground risk
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level exceeds the 10−4 threshold.
It is worth noting how SCST and SCMT are the only two architectures allowing for a
safe disposal of the debris, being compliant with Requirement 6 from Table 3.2.
A representation of a model implemented on ESA-DRAMA-SARA is shown in Figures
5.19 and 5.20.

Figure 5.19: Exterior of the SCMK
Model Implemented on ESA-DRAMA-
SARA

Figure 5.20: Interior of the SCMK
Model Implemented on ESA-DRAMA-
SARA

5.6.2 Requirements Verification

Once the satellite’s structure and subsystems have been sized, it becomes necessary to
verify if the solutions are compliant with the previously defined requirements (see Section
3.3). Table 5.19 shows the compliance of each analysed mission architecture with the
selected requirements from Table 3.2 (Y = Yes, N = No).

Table 5.19: Requirements Verification Table

SCST SCMT SCMK
Requirement 1 Y Y Y
Requirement 2 Y Y Y
Requirement 3 Y Y Y
Requirement 4 Y Y Y
Requirement 5 Y Y Y
Requirement 6 Y Y N
Requirement 7 N N N

Requirements 1, 2 and 3 are automatically verified through the sizing process, since the
satellites are designed to be operative in the selected orbit, performing proximity oper-
ations and deorbiting the selected debris from Section 5.1. Moreover, the mechanical
resistance of the robotic arm used during the docking sequence has already been tested,
as explained in Section 4.2.3. Requirement 4 is verified as well, since the dimensions of
the spacecraft largely exceed 10 cm, as shown in Table 5.4. Requirement 5 is divided in
three sub-requirements; first, the probability of collision for each conjunction with debris
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> 1 cm diameter is verified through ESA-DRAMA, finding the ∆v for collision avoidance
maneuvers which guarantees the imposed risk threshold (see Section 4.1). Second, the
cumulative probability of collision with debris between 1 mm and 1 cm diameter is calcu-
lated with ESA-DRAMA, and a Whipple shield is implemented if the risk level exceeds
10−4. The third sub-requirement is more difficult to verify, since it strongly depends on
the reliability of the components used by the subsystems involved: assuming the success
rate of the ODCS engine to be 100% [106], and supposing to extend that value to the
ADCS thrusters as well, the probability of accidental collisions during proximity opera-
tions shall be minimized; however, more precise evaluations should be made in advanced
mission design phases to verify Requirement 5.
Requirement 6 is divided into two parts. The first one concerns the safe disposal of the
satellites and the debris, which is verified in Table 5.18: only the SCST and SCMT archi-
tectures allow for a safe re-entry of both the debris and the spacecraft, while the SCMK
mission profile is compliant only regarding the chaser re-entry. The second part of Re-
quirement 6 states that the probability of success of the disposal maneuver shall be > 0.9:
as for Requirement 5, the success of the maneuvers involving the ODCS engine can be
verified by using its success rate (which is 100%), while the successful deployment of the
electrodynamic tether is more difficult to estimate at this mission design phase, assessing
it in future research. Overall, SCST and SCMT are fully compliant with Requirement 6,
while SCMK is not.

Table 5.20: Magnitude of the ADR Satellites at the Analysed Altitudes
200 km 1013 km

SCST -14.5 -11.0
SCMT -15.8 -12.3
SCMK -15.1 -11.6

Lastly, Requirement 7 is verified by using Equation 4.2; two cases are considered, at the
altitudes of 200 km (after the beginning of the disposal maneuver) and 1013 km (highest
apogee during the entire mission) by considering the exposed surface to be the sum of the
rectangular projection of the cylinder’s side and the two solar arrays (from Table 5.4).
Table 5.20 shows the magnitudes of the satellites in the analysed cases. It is clear how
all three architectures are not compliant with Requirement 7 during their entire lifecycle;
however, this represents the fully reflective worst case scenario [67], and further studies
shall be made to find the reflectivity coefficient of the surfaces, allowing for better results.

5.7 Discussion
After the presentation of the results, it is finally possible to compare the different anal-
ysed ADR architectures in a comprehensive way, focusing on each aspect discussed in the
document.
First, the different mission concepts have been compared under the environmental point
of view: the results in Section 5.4 show how one single SCMK satellite impacts less than
all five SCST spacecraft in both possible launch configurations. The SCMT architecture
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results to be the most impacting one, with a score which doubles the SCMK’s one.
Second, the costs of simulated mission programs have been compared, showing that the
SCSTs are slightly more convenient, in both launch configurations, than the SCMK, while
the costs of the SCMT are again more than twice the costs of the cheaper architectures.
From the previous two analyses, the most appropriate launch configuration for the SCST
satellites is the non-ride-share one, which is characterized by both lower costs and envi-
ronmental impact than the ride-share option.
The last comparison concerns the requirements verification of the different architectures;
excluding Requirement 7, only the SCST and SCMT mission architectures are compliant
with the Requirements 1 to 6, while the SCMK mission profile does not allow for the safe
disposal of all the selected debris (Requirement 6 is then not verified). Requirement 7
is not verified by any proposed mission concept: this is mainly due to the orbital ranges
that the missions endure, including low orbits during the deorbit phase, which are un-
avoidable if the debris is disposed of into the atmosphere; for these reasons, Requirement
7 results to be way too restrictive for ADR missions, whose flight profiles would require
less stringent apparent magnitudes values to be respected.
To determine the most appropriate mission architecture to successfully remove the se-
lected debris from the LEO environment, it is necessary to give priority to certain aspects
over others. While both SCST and SCMK are comparable in terms of costs and emissions,
SCST and SCMT satisfy the same requirements. Supposing to prioritize requirements
verification (so, having a reduced on-ground casualty risks and controlled re-entry) over
low emissions, the SCST mission concept is the most appropriate one, since it is the
cheapest, it is compliant with all the selected debris mitigation requirements and it is
characterised by an acceptable emission score. The SCMT mission profile represents a
valid alternative, since it complies the same requirements, however it is way more ex-
pensive and polluting than SCST. The SCMK architecture results to not be compliant
with the safe disposal requirement, making it unsuitable to safely deorbit the selected
targets; however, if different and more demisable debris in terms of surviving mass is
chosen instead, this would represent a good alternative, due to the overall low cost and
the lowest environmental impact among the analysed mission concepts.
One last consideration regarding the funding of the missions is necessary; since the ADR
field does not produce a direct income at the moment (and it is difficult to imagine so in
the near future, unless the savings for the reduced risk level produced by the lower col-
lision potential are considered), it becomes necessary to understand how to raise enough
capital to start a space program in this sector. Since every country capable of launching
satellites is directly affected by space debris, a global economic fund for space debris re-
moval could be defined and established to incentive the nations in the ADR field [7]: this
method could allow the removal of five debris per-year (or five debris per-program, as
for the SCMT and SCMK architectures, considering one launch each year), significantly
reducing the risk of collisions in time, only requiring little expense from the involved
nations.
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Chapter 6

Conclusions

This thesis explored the feasibility of different Active Debris Removal (ADR) mission
concepts: one designed to deorbit single targets (SCST), one capable of sequentially
deorbiting multiple targets (SCMT) and one suitable for delivering multiple deorbit kits
to the targets (SCMK). These concepts were compared in order to define the most suitable
for large LEO debris removal, whose selection was made based on existing categorizations
(see Section 2.3 and 5.1). A functional analysis has been performed to identify the
functions that define ADR missions, and to determine which subsystems are necessary.
The subsystems have been sized for all three architectures, and the satellites have been
compared under both environmental and economical aspects; the Life Cycle Assessment
(LCA) and Life Cycle Cost (LCC) have been performed in order to define the impact and
costs of the three concepts, comparing them based on these criteria to determine which
one is the least polluting and most cost-effective.

6.1 Achievements

The first achievement of this work was the development of a detailed functional analysis
for the already existing concepts under comparison, which was not available in literature
before. Some requirements were defined as well, regarding both the mission objectives
and the debris mitigations strategies to adopt in the LEO environment.
One of the main goals of the thesis was to verify the feasibility of the studied ADR mis-
sion concepts. It has been achieved successfully, since both the compliance of the selected
architectures with the chosen requirements and the feasibility of the launch through ex-
isting vehicles have been verified.
Moreover, the selected mission architectures have been successfully compared under the
environmental and the economic point of view, to determine the cheapest and the least
impacting one. The analysis did not include only the satellites’ production, but also the
launch event and the use phase, representing the first multi-level analysis performed on
ADR missions known to the author.
Overall, the results show how single target satellites (SCST) are capable of deorbiting
the previously selected debris, also guaranteeing the fulfilment of the debris mitigation
requirements and allowing for lower costs and emissions compared to the other concepts
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considered. Multiple target satellites (SCMT) result in more expensive and environmen-
tally impacting instead, but they are still compliant with the selected debris mitigation
requirements. Also, an architecture delivering multiple deorbit kits (SCMK) has been
analysed, representing a valid, cheap, and less impacting alternative to SCST; however,
the selected debris size and materials do not allow safe disposal by using the sized deorbit
kit, making the SCMK architecture suitable only if more demisable targets in terms of
surviving mass during re-entry are chosen.
This thesis wanted to summarize different aspects of the design of ADR space missions,
comparing different concepts of operations not only based on the mass budget, but also on
more socially impacting areas, such as costs and environmental assessment. The results
of the work show that different ADR mission concepts are possible, some of them more
suitable than others under both the assessment of the selected debris mitigation require-
ments, and the environmental and economical impact; the study gives new perspectives
on the selection of environmentally sustainable and cost effective mission concepts in the
ADR field.

6.2 Future Works

This document analysed different aspects of ADR missions, from the definition of the
requirements to LCA and LCC, passing through the sizing process and the launcher
selection. However, many assumptions have been made, due to the high-level design phase
of the missions (a feasibility study, also known as a Pre-Phase A [12]). Some suggestions
about future works and recommendations follow, in order to be able to develop more
precise analyses regarding the complex ADR field.
Debris Selection: All three mission architectures analysed consider the removal of the
same five targets, as explained in Chapter 4; however, debris characterized by different
size and lying on different orbits can be chosen instead, allowing for smaller satellites
with far more optimized propellant consumption. Future work in this field can consider
the selection of different and less critical targets, studying the retrieval of smaller debris.
Concept of Operations (ConOps): Different mission architectures can also be anal-
ysed and defined, starting from those discarded in Section 3.2; also, the reusability of
satellites can be explored [50]. Moreover, regarding the architectures analysed in this
work, more detailed mission timelines can be developed to better understand the se-
quence of functions that characterize the missions, helping to define in detail the mission
phases and leading to more accurate power budgets.
Requirements: More detailed requirements can be developed for both satellites and
deorbit kits (where considered). Also, more exhaustive (and, if possible, experimental)
verification methods can be defined, aiming at a higher confidence level in the require-
ments’ compliance: for instance, in-situ experiments aiming at verifying the effectiveness
of the debris avoidance maneuvers can be performed.
∆v Budget: Due to the high number and complexity of the maneuvers computed in
the sizing process, they have been assumed to be instantaneous, and some margins have
been assigned to perform eventual unplanned ones. More detailed maneuvers can be
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studied, excluding the approximation of instantaneous burns, and modelling them more
realistically.
Sizing: The sizing process can be improved as well. First, a multi-phase thermal control
system can be developed, eventually allowing for electric propulsion to be implemented
[41], and more detailed heat exchange mechanisms can be investigated to better size the
components of the TCS. Second, the decrease in performance of the EPS in time shall
be better explored, accounting for the effect of some variables, such as the β angle, which
are not available at this mission design stage, and allowing for more precise estimations
for both batteries and solar arrays. Third, different technologies for DockSys and deorbit
kits can be studied, for instance soft docking mechanisms instead of robotic arms and
drag augmentation devices rather than electrodynamic tethers; moreover, more accurate
atmospheric and ionospheric models for the deorbit can be implemented [268], as well as
for the Earth’s magnetic field, including possible variations in time, solar maxima and
minima. Lastly, the use of more ODCS engines can be explored, and even the use of
turbopumps to feed them might be studied [41].
DPS: Different alternatives to the classical Whipple shields can be explored as well, by
using different materials and geometries, optimizing the shield distances and thicknesses
[145]. Furthermore, special shielding for pressurized tanks and vessels can be studied
[269, 270], considering different angles of impact [143].
Launch: Since the high availability of the launcher has been prioritized over other fea-
tures, some vehicles have been excluded from the analysis and may be considered in
future examinations. Moreover, the geopolitical and social impacts of different launch
sites’ locations shall be considered in further studies.
Re-entry: In future re-entry analyses, both debris and satellites can be modelled more
accurately in order to determine the possibility of a controlled or uncontrolled atmospheric
re-entry. Moreover, research about more effective D4D techniques and materials can be
done, allowing for a lower on-ground casualty risk; also, more complex dynamics (such
as explosions, which can heavily affect re-entry dynamics and on-ground casualty risk)
shall be included in the deorbit simulations. Lastly, different end-of-life maneuvers can
be explored, allowing for faster or slower orbital decays.
LCA: The limitations of the current LCA shall be studied, and further works can be
done in order to overcome and reduce them, allowing for more exhaustive analyses to be
performed. Also, the ground segment impact and the orbital emissions shall be analysed.
Lastly, RD and testing shall be investigated as well, allowing for a comprehensive impact
assessment of the mission.
LCC: A more accurate cost model can be implemented to better estimate the economic
impact of the missions’ development. Also, costs related to different launch sites shall be
defined if that possibility is explored.
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Appendix A

Detailed Sizing Process

∆v Budget

Regarding orbit transfers, the approach described in Section 4.2.1 is here explained [69].
The time variation of the RAAN caused by J2 is given by:

dΩ
dt

= −3
2

√︃
µ

a3
J2 cos i

(1 − e2)

(︃
rE

a

)︃2
(A.1)

where Ω is the RAAN, µ the Earth’s gravitational constant, a the orbit’s semimajor axis,
i the orbit’s inclination, e the orbit’s eccentricity and rE the Earth’s radius. The time
required for the optimal transfer (minimum ∆v) is then:

topt = Ωk(t = 0) − Ωk+1(t = 0) + 2Kπ

Ω̇k+1 − Ω̇k

(A.2)

where the subscripts k and k + 1 identify the parameters of the initial and final orbits
respectively, K is the smallest integer (in module) allowing for topt > 0 and Ω̇ is the time
rate of the RAAN, evaluated by using Equation A.1. After defining the optimal transfer
time, the ∆v consumption is evaluated as follows:

∆v

v
=

√︄(︃0.5∆a

a

)︃2
+ ∆i2 + (0.5∆e)2 (A.3)

where a is the average value of the semimajor axis of the two orbits, v the corresponding
speed associated to the circular orbit with radius equal to a and ∆ represents the differ-
ences between the COE of final and initial orbits.
If topt is too high and the time for the transfer is given beforehand, the ∆v consumption
is evaluated as follows [69]:

∆v =
√︂

∆v2
a + (0.5∆ve)2 +

√︂
∆v2

b + (0.5∆ve)2 (A.4)

where: ⎧⎪⎪⎪⎨⎪⎪⎪⎩
∆va =

√︂
(sxx)2 + (syy)2 + (szz)2

∆vb =
√︂

(x − sxx − ∆x)2 + (y − syy)2 + (z − szz)2

∆ve = 1
2v0
√︂

∆e2
y + ∆e2

x.

(A.5)
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The parameters for Equation A.5 are obtained from [69].
The re-orbit and deorbit maneuvers are modelled as single-burns aiming at lowering the
perigee of the starting orbit, and are performed at the apogee to be most effective [70].
Starting by evaluating the specific energy associated to the starting orbit at its apogee:

εi = − µ

2ai
=

v2
ap,i

2 − µ

rap,i
(A.6)

where ai is the semimajor axis, vap,i the velocity at apogee and rap,i the apogee altitude
(from Earth’s center), and introducing rap,i = ai(1 + ei), it is possible to obtain the
starting apogee speed:

vap,i =
√︄

µ

ai

(︃1 − ei

1 + ei

)︃
(A.7)

Since only the perigee changes while the apogee remains constant, the final semimajor
axis is given by af = (rpe,f + rap,i)/2, where rpe,f is the new perigee. It is then possible
to evaluate the new apogee speed:

vap,f =

⌜⃓⃓⎷2µ

(︄
1

rap,i
− 1

2af

)︄
(A.8)

The cost of the maneuver is ∆v = |vap,f − vap,i|, where the module has been considered
since both an increase and a decrease in the perigee are possible using this method. For
re-orbit maneuvers varying the apogee, the procedure is the same: once the energy of
the orbit has been defined at its perigee, the initial and final speeds in that position are
evaluated as vpe,i and vpe,f respectively:

vpe,i =
√︄

µ

ai

(︃1 + ei

1 − ei

)︃
vpe,f =

⌜⃓⃓⎷2µ

(︄
1

rpe,i
− 1

2af

)︄
(A.9)

where af = rpe,i + rap,f . The cost of the maneuver is then ∆v = |vpe,f − vapi |.

Telecommunication System

The link budget formula (Equation 4.6) can be expanded as follows [71, 79, 80]:

Eb

N0
= Pt + Gt + Lt + Lpr + Lα + LS + G

T
+ 228.6 − 10 log10 R (A.10)

Lt are the losses related to the transmitting antenna’s line, and a typical value of 1 dB
has been considered [271]. Lpr are the antenna pointing losses, assumed to be 0 dB. LS

are the free space losses: ⎧⎨⎩LS = −22 + 20 log10
λ
S

S =
√︂

(rE + h)2 − r2
E

(A.11)
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where λ is the wavelength, h the satellite’s altitude and rE the Earth’s radius [71]. To
correctly evaluate LS , the highest value of h during the mission shall be considered (worst
case scenario) [79]. Lα are the atmospheric losses:

Lα = Lpm + Lgas + Lrain + Lclouds + Lion (A.12)

where Lpm are the polarization mismatch losses (assumed to be 0.3 dB [71]), Lgas the
atmospheric gas losses, Lrain the rain-induced losses, Lclouds the clouds-induced losses
and Lion the ionosphere losses [71]; each one of these losses can be evaluated from tables,
given the frequency [272]: for the losses requiring a location, Lisbon has been selected,
supposing the operative center to be located there. Ionospheric diffraction is neglected
in Equation A.10, due to the high frequency of the communications [272].
The directional antenna’s size has been evaluated as follows [73]; by obtaining the gain
Gt from Equation A.10 in [dBi], after converting it to linear units, Equation A.13 can be
applied:

gt =
(︃

πDp

λ

)︃2
ηap (A.13)

where gt is the gain in linear units, Dp the antenna’s diameter and ηap the aperture
efficiency. By considering the highest possible efficiency ηap = 0.81, Dp can be evaluated.
From graphs contained in [73], given ηap and the selected feed system (conical horn), it
is possible to determine f/Dp, where f is the focal distance (between reflector and feed),
using a raised cosine coefficient of n = 2 [73]. By knowing the reflector’s diameter, its
density (Kapton [82], 1.42 g/cm3 [239]) and its thickness [82], the mass can be determined.
Once the reflector’s dimensions have been evaluated, it is possible to find the feed’s
directivity: {︄

d(θ) = d0 cosn(θ)
d0 = 2(n + 1)

(A.14)

where θ is the beamwidth angle [0 < θ < θ0], θ0 the angular aperture of the antenna and
d0 the directivity (in linear units) at θ = 0°. A perfect coverage of the reflector has been
hypothesized (no spillover or taper effects [73]). The radius of the horn antenna has been
determined as follows:

d0 =
(︃2πah

λ

)︃2
(A.15)

where ah is the unknown value. After defining the half-power beamwidth of the cone
[273]

θ =
√︄

4π

d0
(A.16)

its height can be determined:
hh = ah

tan θ
. (A.17)

A 0.1 mm thick copper foil has been considered for the conical horn feed structure [83].
The length of the support sticks has been evaluated as l =

√︂
(Dp/2)2 + f2, where Dp is

the reflector diameter and F the focal distance.
The capacity of the gimbal [85] to rotate the antenna has been proven as well. The
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parabolic reflector has been considered to be a disc, whose inertia moment is I =
1
4m

(︂
Dp

2

)︂2
for a rotation about its diameter (since the thickness is small compared to

the radius, the 1
12ms2 contribute has been neglected). Supposing the antenna pointing at

Nadir while the satellite is at its perigee (most demanding movement in terms of angular
velocity), the time required to move the antenna has been estimated as follows. First,
perigee’s orbital speed and altitude have been evaluated [70]:⎧⎨⎩vpe =

√︂
µ
a

1+e
1−e

rpe = a(1 − e)
(A.18)

where µ is the Earth’s gravitational constant, a the semimajor axis of the orbit and e the
eccentricity of the orbit; the instantaneous angular velocity at which the Nadir moves is
then:

ω = vpe

rpe − rE
(A.19)

where rE is the Earth’s radius. By knowing the torque Mt the gimbal can apply [85], the
time t required for the rotation is calculated:

Mt = Iα = Iω

t
(A.20)

The value of t is then checked to be low enough (< 1 s) for a successful tracking of the
ground station.

Attitude Determination and Control System

To evaluate the time required by CMGs to rotate the system (spacecraft only or space-
craft and debris) of 180°, the inertia of the satellite shall be evaluated first. The spacecraft
is considered to be a cylinder (see Section 4.2.2): Figure A.1 shows the selected reference
frame, while Figure A.2 shows the same frame applied to the system considering both
satellite and debris.

Figure A.1: Satellite Reference
Frame

Figure A.2: Satellite Reference Frame Applied to EN-
VISAT (SCST, left) and Zenit-2 (SCMT, right)

In both cases, the origin of the reference frame coincides with the center of mass of the
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system, and the robotic arm for docking lies on the line connecting the centers of mass of
the satellite and the debris. Once the mass and the dimensions of the satellite are known,
it is possible to evaluate its moments of inertia for rotations about the axes x, y and z.
The moments of inertia of the solar panels have been calculated separately, considering
two rectangles whose long sides are twice the length of the short sides. Lastly, the inertia
of the debris is added: data for ENVISAT and Zenit-2 are taken from [274] and [250]
respectively. No coupling between rotations is considered (Ixy, Ixz, Iyz ≪ Ixx, Iyy, Izz).
Once the moments of inertia of the system have been evaluated, the angular accelera-
tion α is obtained by dividing the output torque Mt of the CMGs (only one per axis
considered) by the moment of inertia I. The time required for the full 180° maneuver is
then:

t =
√︄

2θ
1
α + 1

δ

(︃ 1
α

+ 1
δ

)︃
(A.21)

where δ = α is the angular deceleration, to guarantee the rotation to stop at exactly 180°,
and θ = 180°.
To model the amount of propellant required by attitude control thrusters, a fixed burn
time has been considered: 1 s when the satellite is not docked to the debris and 10 s
when the satellite and the debris are linked (since the inertia is much larger, a longer time
interval has been considered to speed up the maneuver). The number of the considered
maneuvers changes depending on the mission architecture: whenever the spacecraft docks
or separates from a debris, two full rotations of 180° about each axis (x, y and z) are
considered as a first conservative approximation (one rotation without debris, and the
other one considering docking with the target). To determine the consumed hydrazine
for each burn, the mass flow rate of the engines has been calculated from ṁ = F

vex
, where

F is the thrust, vex = Ispg0 is the exhaust speed and Isp is the engine’s specific impulse;
the fuel consumption for each engine is then mp = ṁtb, where tb is the burn time. The
disposition of the attitude control thrusters is shown in Figure A.3. For each maneuver,

Figure A.3: ADCS Thrusters Disposition (only Visible Ones are Included, the remaining
Two Arrays are Symmetrical with respect to the Center of Mass of the Satellite)

only the engines generating a moment about the selected axis are considered to be active.
The overall torque applied by the engines on the system is Mt = ∑︁

j Fjbj , where F is
the thrust and b the distance between the application point of F and the rotation axis.
The angular acceleration of the system is α = Mt

I where I is the moment of inertia for
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a rotation about the chosen axis, and by knowing the burning time tb, the final angular
velocity is ω = αtb. Once the rotation angles of the system during acceleration (θa) and
deceleration (θd) have been determined through the kinematic equations, the overall time
required by the maneuver is t = 2tb + π−θa−θd

ω .

Orbit Determination and Control System

Tanks and vessel’s wall thicknesses have been evaluated by using Equation A.22:

2πRtsσ = 1.2πR2
t p0 (A.22)

where Rt is the tank’s radius, s is the unknown wall thickness, p0 is the internal pressure,
σ is the maximum tension before rupture and 1.2 is a safety factor [104]. The internal
pressures considered for the tanks are: the highest of the maximum inlet pressures of
ADCS and ODCS thrusters for the hydrazine tank, the maximum inlet pressure of the
ODCS thruster for the nitrogen tetroxide tank and 310 bar for the helium vessel [108].
Values for σ and ρ (density) of Ti6Al4V are taken from [104]. No friction losses are
considered in the pipelines connecting tanks and engines.
The amount of helium needed to successfully pressurize both fuel and oxidizer’s tanks
considering an adiabatic emptying is determined as follows; first, the 1st thermodynamic
principle shall be applied before and after the transformation:⎧⎪⎪⎨⎪⎪⎩

pVp = Ui − Uf

Ui = cvm0T0

Uf = cvmgTg + cvmT

−→ pVp(γ − 1) = p0V0 − pgV0 − pVp (A.23)

where Vp is the volume of the consumed propellant, p the final pressure inside the tanks
(which is equal to the final pressure inside the vessel), p0 the initial pressure inside the
vessel, V0 the vessel’s volume, pg the final pressure inside the vessel and γ the ratio of
the specific heats: the only unknown quantity is V0. Then, the mass of the pressurant
gas can be evaluated by using Equation A.24 [104]:

m0 = γpVp

1 − pg/p0

1
RHeT0

(A.24)

where RHe is the helium gas constant.

Thermal Control System

Table A.1 contains data regarding components requiring an active TCS to work properly:
C is the specific heat, Tmax and Tmin the maximum and minimum operative temperatures
and η the efficiency.
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Table A.1: Data for Components Requiring an Active TCS

C [J/kgK] Tmax [K] Tmin [K] η

Omni. Antenna (ComSys) 690 [275] 353 [72] 253 [72] 0.95b

Dir. Antenna (ComSys) 690 [275] 353 [72] 253 [72] 0.95b

Modem (ComSys) 690 [275] 323 [86] 273 [86] 0.95b

Transponder (ComSys) 690 [275] 344 [88] 239 [88] 0.95b

Diplexer (ComSys) 690 [275] 353 [89] 233 [89] 0.95b

Gimbal (ComSys) 604.56e 353 [85] 233 [85] 0.95b

Coaxial Cables (ComSys) 690 [275] 358 [90] 228 [90] 0.95b

CMG (ADCS) 604.56c 313 [101] 263 [101] 0.95b

Star Tracker (ADCS) 690 [275] 368 [93] 233 [93] 0.95b

Valves (ADCS and ODCS) 466d 353 [110] 278 [110] 0.95b

OBC (DHS) 690 [275] 358 [111] 233 [111] 0.95b

Pump (TCS) 466d 353 [276] 273 [276] 0.70 [277]
Battery (EPS) 1040 [278] 318 [113] 253 [113] 0.95 [279]

Solar Arrays (EPS) 330a 383a 123a 0.32 [113]
Gimbal (EPS) 604.56e 353 [126] 233 [126] 0.95b

Wiring (EPS) 690 [275] 473 [197] 73 [197] 0.95 [91]
Switches (EPS) 690 [275] 363 [127] 223 [127] 0.95 [91]

Regulation (EPS) – – – 0.80 [91]
Camera (DockSys) 690 [275] 313 [75] 243 [75] 0.95b

Electric Motor (DockSys) 690 [275] 313 [280] 253 [280] 0.89 [281]
Electric Motor (Kits) 690 [275] 313 [280] 253 [280] 0.89 [281]

Switches (Kits) 690 [275] 363 [127] 223 [127] 0.95 [91]
a Typical value for GaAs.
b Assumed value for η.
c Assuming 1/3 aluminium and 2/3 steel [10].
d Assuming steel [193].
e Assuming same C of CMGs, due to their similar composition.

Considering the satellite to reach the maximum LEO temperature TMAX (+77°C) at the
end of its exposure to sunlight and assuming a linear increase of the temperature during
that time, the total energy to subtract is:

Ecool =
∑︂

j

Cjmj(TMAX − Tmax,j) (A.25)

where mj is the mass of the j-th component, Cj its specific heat and Tmax,j its maximum
operative temperature. Meanwhile, the subsystems of the satellite are active and they
dissipate energy as well; the power dissipation is given by:

Pdiss =
∑︂

j

Pj(1 − ηj) (A.26)
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where Pj is the electrical power flowing through the j-th component and ηj its efficiency.
The overall power to subtract to the satellite by active cooling is then:

Pcool = Pdiss + Ecool

tSun
(A.27)

where tSun is the exposure time at sunlight, evaluated in Appendix A. Since solar panels
are external to the spacecraft, they are excluded from this process and are cooled down
by tilting them instead (see Section 4.2.2).
When the satellite crosses the Earth’s shadow cone, its temperature is assumed to decrease
linearly until it reaches the minimum LEO temperature TMIN (-22°C) at the end of the
eclipse time. The energy to add to the subsystems to warm them up is:

Ewarm =
∑︂

j

Cjmj(Tmin,j − TMIN ) (A.28)

where Tmin,j is the minimum operative temperature of the j-th component. Also in this
case, power dissipation is considered and the heat produced can be exploited to warm up
the spacecraft. The total power required to warm up the spacecraft is then:

Pwarm = Ewarm

teclipse
− Pdiss (A.29)

where teclipse is the eclipse time. Since solar arrays are external to the satellite, they have
been excluded from the evaluation of Pdiss. Pwarm also considers the power to avoid the
coolant fluid to freeze during the eclipse phase (since water is used).
Once Pcool has been determined, supposing no losses between the cold plates and the
radiator, the heat shall be irradiated outside the spacecraft. The surface A of the radiator
is sized by using the Stephan-Boltzmann law:

Pcool = εrσSA(T 4
fluid − T 4

space) (A.30)

where εr is the emissivity of the radiator (assuming a value of 0.51 [282]), σS the Stephan-
Boltzmann constant, Tspace the outer temperature (supposed to be equal to TMIN =
−22°C), and Tfluid the temperature of the coolant fluid entering the radiator. Tfluid has
been estimated as follows; first, the power subtracted by the j-th cold plate (associated
to the j-th component) has been transformed in an increase in the temperature of the
mass-flow rate of coolant:

Pcool,j = ṁcoolant,jCcoolant(Tmax,j − Tmin) (A.31)

where Tmax,j is the maximum operative temperature of the j-th component and Tmin the
initial temperature of the coolant entering the cold plate; Equation A.31 is then solved for
ṁcoolant, allowing for the evaluation of the mass flow rate passing through the j-th cold
plate. The overall thermal power associated to the mass flow rate entering the radiator
is given by:

Prad =
∑︂

j

ṁcoolant,jCcoolantTmax,j =

⎛⎝∑︂
j

ṁcoolant,j

⎞⎠CcoolantTfluid. (A.32)
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Tfluid can then be evaluated:

Tfluid =
∑︁

j ṁcoolant,jCcoolantTmax,j

(∑︁j ṁcoolant,j)Ccoolant
=
∑︁

j ṁcoolant,jTmax,j∑︁
i ṁcoolant,j

(A.33)

During the whole estimation process, losses are neglected, and pipelines have been con-
sidered not to interfere during thermal exchanges.

Electrical Power System

A simple procedure to evaluate the eclipse time of an orbit is here presented [113], which
might be useful not only during EPS sizing, but also to determine the solar exposure for
the TCS. First, considering a circular orbit, it is possible to define the semi-amplitude of
the shadow cone of the Earth, ρs, as follows:

ρs = arcsin
(︃

rE

rE + h

)︃
(A.34)

where rE is the Earth’s radius and h is the orbit’s altitude. Then, by proportion, the
eclipse time of the orbit is given by:⎧⎨⎩teclipse = 2ρs

2π Torb = ρs

π Torb

Torb = 2π
√︂

(rE+h)3

µ

−→ tlight time = Torb − teclipse (A.35)

where µ is the Earth’s gravity constant and Torb the orbital period at altitude h.

DockSys

A basic approach to verify the structural requirements for the robotic arm is reported.
First, knowing the geometry and the mass of the robotic arm, we can define the thickness
of the tubes that compose it. The volume V of the carbon fiber material of the arm is
given by its mass divided by the density [142]. Knowing the external radius Re of the
outer section, the internal radius of the inner tube can be defined:

Ri =
√︄

R2
e − V

lπ
(A.36)

where l is the length of each section (or the overall length of the retracted arm). The
thickness of each tube is then:

s = Re − Ri

6 . (A.37)

Three different analyses are performed on the arm’s structure: bending during attitude
control maneuvers, torsion during attitude control maneuvers and buckling during accel-
erations (since the arm extends between the centers of mass of spacecraft and debris, and
an acceleration of the system leads to its compression).

• Bending: During attitude control maneuvers about axes x and y (Figure A.1),
the robotic arm connecting the satellite and the debris shall withstand the applied
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bending. First, the inertia moment of each section of the arm shall be evaluated
[283]:

Ix = Iy = π

4 (R4
e − R4

i ) (A.38)

Equation A.38 applies on ring sections, such as the ones of the telescopic arm. A
beam with fixed-free edges represents the worst case configuration for the structural
analysis, allowing for the maximum value of the moment to be applied at the fixed
end [283]. Then, using the Navier formula (Equation A.39), the maximum value of
σzz has been calculated:⎧⎨⎩σzz,x = N

A + Mx
Ix

y + My

Iy
x = Mx

Ix
y

σzz,y = N
A + Mx

Ix
y + My

Iy
x = My

Iy
x

(A.39)

where N is the normal stress, A the section’s area, Mx and My the moments
generated by the maneuvers about the x and y axes respectively, and x and y the
coordinates along the x and y axes. To be conservative, the maximum value of Re

I
has been considered for y

Ix
and x

Iy
. The obtained values of σzz are then compared

to the module of rupture of the arm’s material [142]. No torsion is applied to the
arm during these maneuvers, since its section is bi-symmetrical.

• Torsion: During attitude control maneuvers about the z axis (Figure A.1), the
robotic arm connecting the satellite and the debris shall withstand the applied
torsion. The De-Saint-Venant beam theory is applied (Equation A.40) [284]:

τmax = Mz

Ip
s (A.40)

where Mz is the torque, Ip = Ix + Iy the polar moment of inertia of the section and
s the section’s thickness. To be conservative, the minimum Ip has been considered
for the sizing process (since s is assumed to be constant among the arm’s sections).
τmax is then checked to be smaller than the maximum allowable shear stress [285].
During the process, the arm is supposed to be perfectly aligned with the center of
mass of satellite and debris (pure torsion case).

• Buckling: During orbital control maneuvers, the robotic arm connecting the satel-
lite and the debris shall withstand the applied compression force. Supposing the
engine to be perfectly aligned with the robotic arm (so, a pure compression is gener-
ated), buckling shall be avoided. The critical load for a compressed rod is obtained
from Equation A.41 [286]:

Fcr = κ
π2EI

l2
(A.41)

where κ is a factor depending on the external constraints, EI = 7000 Nm2 [133],
and l is the length of the arm. The worst case scenario (smallest Fcr) consists of
a fixed-free rod (κ = 0.25). Fcr is then compared to the thrust generated by the
engine, verifying the buckling resistance of the structure.

150



Detailed Sizing Process

Debris Protection System

The sizing process of the Whipple shields is taken from [143]. To determine the thickness
of the rear wall for a single Whipple shield, Equation A.42 is applied:

swall = 0.167F ∗
2 ρ1/6

s m1/2
p v

√︄
482
Sσy

(A.42)

F ∗
2 =

{︄
1 if ts

d > 0.2
5 − 40

(︁ ts
d

)︁
+ 100

(︁ ts
d

)︁2
if ts

d < 0.2
(A.43)

where ρs is the shield’s density [g/cm3], ts the shield’s thickness [cm], mp the projectile’s
mass [g], σy the yielding tension of the rear wall [ksi], v the projectile’s relative speed
[km/s], d the projectile’s diameter [cm] and S the distance between shield and wall [cm].
For a double Whipple shield, Equation A.44 is used:

swall = 0.167F ∗
3 K3ρ

1/6
s,1 m1/2

p v

√︄
482

Stotσy
(A.44)

K3 = 0.395
(︃

d − dB

dB

)︃0.25
(A.45)

dB =

⎛⎝ 8.29ts,2

F ∗
2 ρ

1/6
s,1 ρ

1/2
p v

√︄
S1σy

482

⎞⎠2/3

(A.46)

F ∗
3 =

⎧⎨⎩1 if
ts,1
d > 0.15

5 − 53.33
(︂

ts,1
d

)︂
+ 177.78

(︂
ts,1
d

)︂2
if

ts,1
d < 0.15

(A.47)

where the subscripts 1 and 2 refer, respectively, to the inner and the outer shields, and
Stot refers to the sum of the spaces between the two shields and between the inner shield
and the rear wall [cm].

De-Orbit Kits

The sizing process of the tether aims at verifying which length is more convenient to have
a fast disposal of the debris and a low overall mass. Different lengths (from 10 to 20 km)
have been considered. To determine the Lorentz force acting on the cable, the average
current flowing through the wire is evaluated [46]:⎧⎨⎩Iav = 3

5ηtetherIch

Ich = 4w
3π Ne

√︂
2Er
me

q3
e l3

(A.48)

where w is the tether’s width, Ne the electron density, Er the projection of the local
motional electric field along the tether’s line, me the electron’s mass, qe the electron’s
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charge and l the tether’s length; ηtether is the Ohmic efficiency of the tether, evaluated
as in Equation A.49 [146]: ⎧⎨⎩ηth = 1

1+2
√

Γ
Γ = αρ

βσE2
m

(A.49)

where α = 2.25, β = 6 kg/kW, σ = 3.5 · 107 Ωm and ρ = 2.7 · 103 kg/m3 are referred
to an aluminium tether [146]. The value considered for Er is estimated by developing
the cross product in Equation A.50, considering the radial component of the electric field
only (which develops along the tether’s line, supposing a perfect Nadir deployment):⎧⎨⎩Er = |E · êr| = |(B × v) · êr| = vφBt =

√︂
µ

rE+h cos (i)Bt

Bt = k0
(rE+h)3 cos Λ

(A.50)

where B is the magnetic field’s vector, v the velocity vector of the debris, vφ the speed
component of v in the azimuthal direction, Bt the transversal (North-South) component
of the Earth’s magnetic field [287] (approximating it as a dipole, where k0 = 8 · 1015 Tm3

[287]), Λ the current latitude and êr the radial unit vector. For the evaluation of Er, Bφ

has been considered to be zero (according to [287]). The final Lorentz force acting on the
tether is then:

|F| = |IavBl(êr × êB)| = IavBtl (A.51)

since êB is the magnetic field’s unit vector, and Bt is the only component of B perpen-
dicular to the tether’s direction line êr due to the dipole approximation [46, 287].
The Lorentz force is applied together with the aerodynamic drag, modelled from Equation
A.52:

D = 1
2CDρ(h)Av2 (A.52)

considering A as the sum of the exposed area of the (tumbling) debris and the tethers’
surface [39]. CD = 2.2 [288] has been considered. The time required to deorbit the
satellite can be evaluated, solving the Ordinary Differential Equation (ODE) A.53 [289]:⎧⎨⎩

dv
dt = −F +D

m
d
dt

(︂
− µm

2(rE+h)

)︂
= D · v + F · v

−→

⎧⎨⎩
dv
dt = −F +D

m
dr
dt = dh

dt = − (D+F )v
µm/[2(rE+h)2] .

(A.53)

The models used for the simulations are:

• Atmospheric Model: the atmospheric density has been evaluated as a function
of the altitude, considering an average value between the Solar Maxima and Solar
Minima periods from [290] (see Figure A.4);

• Ionospheric Model: the electron density Ne for Equation A.48 has been evaluated
using the International Reference Ionosphere (IRI), considering a day of medium
solar activity (01/01/2026), during early morning, averaging the values for different
latitudes [291] (see Figure A.5). Only the latitudes smaller than the orbit inclination
have been used each time. Ne is then divided by 10, to better account for the interval
of times where the electron density drastically drops (night-time and Solar Minima);
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• Magnetic Field Model: a simple dipole model has been implemented [287],
considering the mean integral value between the maximum and minimum latitudes
that the debris covers during its orbit.

Figure A.4: Atmospheric Model Figure A.5: Ionospheric Model

Once the current flowing through the tether has been evaluated, it is possible to deter-
mine whether or not an end-mass is needed for the deployment. A maximum allowable
current before the Lorentz force is no longer balanced by the gravity gradient’s effect can
be obtained through Equation A.54 [292, 293]:

Imax = 3ω2
0

B⊥

(︃
mendmass + 1

2mtether

)︃
= 3µ

k0 cos(Λ)

(︃
mendmass + 1

2mtether

)︃
(A.54)

where B⊥ = Bt. The maximum current without an end-mass can be evaluated by con-
sidering mendmass = 0; if max(Iav) > Imax, a value for the end-mass is then obtained by
substituting Imax with max(Iav) and solving Equation A.54 for mendmass.
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Appendix B

1st Level Functions Sequence for
the Selected ADR Architectures

In Figures B.1, B.2 and B.3 are contained the main phases of the missions (top), and the
sequence of the identified 1st level functions for the whole mission duration (bottom).

Figure B.1: Phases and 1st Level Functions for SCST
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Figure B.2: Phases and 1st Level Functions for SCMT

Figure B.3: Phases and 1st Level Functions for SCMK
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Appendix C

Detailed N2 Diagrams

The next pages show the detailed N2 diagrams for each subsystem, highlighting the in-
terfaces of each component with the others of the satellite: for each picture, red lines
represent the items of the subsystem in analysis, while the others are kept in blue.

Figure C.1: N2 Diagram for the EPS

Figure C.1 shows the N2 diagram for the EPS: it becomes evident how the wiring is the
medium for the electrical energy transfer, and the support function of the structure is
again underlined. The solar arrays are not mechanically connected to the structure but
to the gimbals, which are then linked to the satellite’s frame. The control provided by the
DHS is important for the relays (switches) management, and for the correct orientation
of the solar panels as well. The TCS plays a crucial role, allowing for the correct tem-
perature range to be applied to each component (without considering the solar arrays,
whose temperature can be controlled by changing their orientation with respect to the
Sun).
In Figure C.2 is represented the N2 diagram for the ComSys: all the components requiring
electrical energy to exploit their functions (MODEM, transponder, etc.) are connected
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Figure C.2: N2 Diagram for the ComSys

to the EPS, and the structure acts as the support frame. The items requiring a cooling or
heating system are interfaced to the TCS, and the DHS manages the data flux through
the entire ComSys. Antennas are mechanically connected to the gimbals if necessary, and
are responsible of the deployment of the deorbit kits on the debris (justifying the control
interface with the "Kits" subsystem). Lastly, every component managing communication
data is considered to be connected through coaxial cables, which represents an exclusive
ComSys interface.

Figure C.3: N2 Diagram for the ODCS

The N2 diagram presented in Figure C.3 reports the interfaces of the ODCS. The connec-
tions are mainly mechanical, both between the components and the structure. Electrical
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interfaces are present, mainly regarding valves (inside and outside the thruster), while
thermal interfaces interest tanks and vessel (MLIs), and also other electrical components.
DHS is connected to the thruster and the valves, allowing for propellant transfer when a
maneuver is started.

Figure C.4: N2 Diagram for the ADCS

Figure C.4 shows the interfaces of the ADCS. All the components are mechanically
linked to the structure and get electrical power from the EPS, while the DHS receives
signals from the sensors and orders corrective maneuvers to the actuators. Thrusters are
mechanically interfaced to the ODCS, since the pipelines are responsible of delivering
hydrazine, and the TCS is connected to the components having a restricted operative
temperature range, such as CMGs and star trackers.
In Figure C.5 the interfaces of the TCS with the other subsystems are presented. As
usual, the structure represents the frame that mechanically links the components to-
gether while the items requiring electrical energy to work are connected to the EPS (and
to the DHS to collect data or command their switch on and off). All the subsystems
whose components require a restricted operative temperature range are thermally (and,
as a consequence, mechanically) connected to heaters and cold plates; the pump of the
TCS itself is connected to heaters and cold plates as well. Another thermal interface is
located between the pipes and the radiator, allowing for heat exchange with the exterior
of the spacecraft. Lastly, the structure and the tanks of the ODCS are thermally con-
nected to the passive TCS, consisting of coatings and MLIs.
The graph shown in Figure C.6 is the N2 diagram of the DockSys. The camera, the elec-
trostatic pads and the electric motor require electrical power to work, and are connected
to the EPS as a consequence; moreover, they are controlled by the DHS, which also re-
ceives data from the camera itself. The electrostatic pads are mechanically connected
to the telescopic arm, which is linked to both the structure and the electric motor. The
TCS is interfaced with the electrical components requiring active thermal control, such
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Figure C.5: N2 Diagram for the TCS

Figure C.6: N2 Diagram for the DockSys

as the camera and the arm’s electric motor.
In Figure C.7 is shown the N2 diagram for the deorbit kits’ subsystem (for SCMK archi-
tecture only). The only mechanical connection with the structure is the telescopic arm
with its electric motor, while the other mechanical links are developed among the com-
ponents of the subsystem itself. The electric motor, as well as the electrostatic pads and
the control switches are interfaced with both EPS and DHS, to receive electrical power
and control commands. Moreover, the electric motor and the switches are thermally and
structurally connected to the TCS, allowing for active thermal control to be provided if
necessary. Lastly, a control interface is developed between the kits and the ComSys, since
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the kits’ deployment can be directly commanded from the satellite itself.

Figure C.7: N2 Diagram for the Deorbit Kits’ Subsystem

Figure C.8: N2 Diagram for the Own Deorbit Kit’s Subsystem

Figure C.8 reports the N2 diagram for the own deorbit kit: this subsystem is not included
in the final architectures, but it has been explored as a potential alternative to the burn
to disposal maneuver, as presented in Section 5.2.2. The own deorbit kit is mechanically
connected to the structure, while it is interfaced with both EPS and DHS to receive
electric power and commands.
The least interfaced subsystem is the DPS: as represented in Figure C.9, it is only me-
chanically linked to the satellite’s structure, without any electrical, thermal and control
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connections with the other subsystems.

Figure C.9: N2 Diagram for the DPS

Figure C.10: N2 Diagram for the DHS

The last analysed subsystem is the DHS, which is shown in Figure C.10. The OBCs are
mechanically linked to the structure, which acts as a support frame as usual; both the
OBCs and their buses are connected to the EPS, while the OBCs are also linked to the
TCS for active thermal control to be provided. The computers send the control signals
through the buses, which are then connected to all the other subsystems, allowing for
commands to be effectively delivered.
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