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Abstract

Abstract

In recent years, the Space Industry has been focusing on reusable launch vehicles demon-
strating their feasibility and emphasizing their advantages in terms of costs and sustainabil-
ity. Although United States is leading the development of this kind of launchers, Europe
is beginning to invest and research in this sector, in order to increase its capacity to access
the space autonomously.

In 2022 Politecnico di Torino research team, under the supervision of the European Space
Agency, launched the “iDREAM” project with the objective of developing a comprehen-
sive methodology for the conceptual design of space systems, with a particular focus on
expendable Micro-Launchers and Human Landing System. As part of this initiative, the
researchers at Politecnico di Torino developed “ASTRID-H”, a Python-based tool specif-
ically designed to support fast and efficient preliminary design process in these domains.
The next phase of the project aims to enhance ASTRID-H to broaden its applicability to
the conceptual design of launch vehicles of all sizes.

In this thesis, a new methodology is proposed concerning the Vehicle Design Routine, a
module dedicated to the conceptual design of the launcher in terms of geometry, dimen-
sions and performance. This methodology builds upon the previously developed approach
and introduces significant modifications in targeted modules to make it applicable to the
preliminary design of medium to heavy class launchers.

This new methodology starts from a more accurate initial estimation of the mission ∆V
performed using semi-empirical and interpolative formulations, which allow for a more pre-
cise characterization of the major contributors to mission ∆V requirements. Then follows
the capability to determine the optimal staging for both serial and parallel launcher con-
figurations. This is achieved through a modified staging strategy specifically tailored to
handle parallel configurations, and an optimization process based on Lagrange multiplier,
adapted to overcome typical limitations of this classical method when applied to multi-stage
launch vehicle design. The integrated engine design module supports both Liquid Rocket
Engines and Solid Rocket Motors, enabling effective early-phase engine characterization
using a minimal set of additional input data and a library of performance-based analytical
formulations. The mass and dimension estimation module computes all dimensional char-
acteristics of the vehicle primarily through the use of interpolative formulas Finally, the
aerodynamic module estimates the drag coefficient profile, incorporating specific modifica-
tions to properly support the design of parallel-staged launchers.

To support the methodology, a Python tool has been developed to implement the entire
design process, which is ultimately used to test the overall reliability of the methodology.
Using this, two case studies will be simulated for the different configurations: Ariane 5 for
the parallel configuration and Vega-C for the serial one. The methodology will be validated
by analysing the generated outputs to highlight its strengths and areas for improvement
to increase reliability. The work will conclude with a discussion about the achieved results
and future planned development.
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Introduction

1 Introduction

Since the dawn of civilization, humanity has looked to the skies with a profound desire to
explore the unknown.
Space has long represented both a mystery and a frontier, challenging our technological
limits and expanding our scientific understanding.
Driven by curiosity and the pursuit of knowledge, space exploration has evolved into a
precise and strategic discipline. Each mission contributes to this legacy, demanding careful
planning, especially when it comes to the selection and optimization of orbital paths.

1.1 Background and Generalities

1.1.1 Access to Space

Space launchers are among the most crucial technologies for the exploration and utilization
of space. These devices are designed to transport payloads such as satellites, human crews,
or scientific modules from the Earth’s surface to the desired orbits, whether low, medium,
or geostationary.
Without the use of launchers, access to space would be impossible, making their role es-
sential in modern space missions. In the current context, the evolution of space launch
vehicle is leading to a greater diversification of technologies, aimed at reducing costs and
increasing launch frequency.

Launch Vehicles can primarily be divided into two categories: Expendable Launch Ve-
hicles (ELVs) and Reusable Launch Vehicles (RLVs).
The difference between these two types of launchers lies in the fact that, while expendable
rockets are used only once for each launch, reusable rockets are designed to be used for
multiple launches, thus reducing the overall costs of space access. Both types of launchers,
however, must follow a series of well-defined phases during launch, ensuring the proper
placement of the payload in the desired orbit. [36]

To reach the target orbit (and potentially return to Earth in the case of RLVs), the launch
vehicle goes through a series of flight phases, which are described below. It is important
to note that the ascent phases are essentially identical for both ELVs and RLVs.
The main difference between the two architectures lies in the operations following payload
deployment: while ELVs become passive debris that burns up upon atmospheric re-entry,
RLVs are designed to perform an active, controlled descent for recovery and reuse. How-
ever, until the payload has been released into its intended orbit, the launch profiles of ELVs
and RLVs remain fundamentally similar.
The typical ascent of a launch vehicle can be broken down into the following sequential
phases: [19]

1. Lift Off : the launch sequence begins with the Lift-Off, during which the rockets lifts
off vertically from the launch pad. Maintaining a purely vertical trajectory in this
initial stage is essential to ensure stability and avoid any horizontal deviations that
could compromise the structural integrity of the vehicle. The engines must provide a
thrust exceeding the gravitational pull to achieve lift-off. The purpose of this phase
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is to gain initial altitude and speed while stabilizing the vehicle’s trajectory.

2. Kick Phase: upon clearing the tower, the vehicle initiates a gradual pitch maneuver,
commonly referred to as the Kick-Phase. During this transition, the rocket performs
a controlled rotation of a few degrees relative to the vertical axis, aligning its velocity
vector slightly off-vertical.
This phase is governed by the interplay between the thrust vector and the gravi-
tational component acting along the flight path, inducing a gradual and controlled
tilt. Accurate management of this rotation is critical to ensure the trajectory evolves
towards the optimal profile required for orbital insertion.

3. Zero-Lift Gravity Turn: following the kick, the rocket enters the zero-lift gravity
turn regime. In this phase, the rocket’s thrust remains aligned with its velocity
vector, minimizing the generations of aerodynamic lift.
This condition is crucial to prevent the occurrence of lateral aerodynamic forces that
could destabilize the vehicle or impose undesired loads on its structure.
The alignment is typically achieved through thrust vector control mechanism, such
as gimbaled engines or actuated nozzles. However, careful regulation is necessary to
avoid introducing spurious torques that could perturb the flight attitude.

4. Fairing Jettison: as the rockets ascends beyond the denser layer of the atmosphere,
aerodynamic forces become negligible. At this point, the protective payload fairing,
no longer required, is jettisoned to reduce the mass of the vehicle and enhance the
efficiency of the subsequent ascent.
The timing of the fairing separation is a critical parameter, balancing the need to min-
imize aerodynamic stress on the payload with the imperative to discard unnecessary
mass at the earliest safe opportunity.

5. Main Engine Cut Off (MECO): the MECO marks the moment when the engines
are switched off, the first stage is re-launched and the upper stages of the vehicle are
in a condition to continue the ascent.

6. Powered Flight Toward the Target Trajectory: after the fairing separation,
the vehicle continues to ascent under propulsion, carefully following a predefined
trajectory designed to achieve the required orbital parameters.
Precise control of the thrust direction and magnitude during this phase is essential
to optimize fuel consumption and ensure accurate insertion conditions.

7. Coasting Phase: upon the desired conditions for partial orbital insertion, the ve-
hicle may enter a coasting phase. During this segment, the engines are shut down,
and the rocket continues to travel along a ballistic trajectory, propelled solely by the
momentum acquired during powered ascent.
The coasting phase serves to position the vehicle correctly for the final orbital inser-
tion maneuver.

8. Orbital Injection: finally, the rocket executes a final propulsion phase, the orbital
injection, aimed at stabilizing the payload into the intended orbit. During this ma-
neuver the engines are reignited to impart the additional velocity necessary to finalize
the orbit, marking the completion of the ascent sequence.
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Following the MECO, the operational trajectories of ELVs and RLVs diverge significantly.
In the case of ELVs, the first stage is passivated immediately after the MECO, becoming
an uncontrolled body that re-enters the atmosphere at very high velocities. Due to the
extreme aerodynamic heating and mechanical stresses encountered during atmospheric re-
entry, the first stage is destroyed without any attempt at recovery. This passive re-entry
strategy reflects the expendable nature of these systems, which are designed for single use
missions.

Conversely, for RLVs, the post-MECO sequence is designed to actively manage the descent
in order to enable stage recovery and reuse. The descent process typically follows four key
phases [24]:

1. Boostback Burn: for reusable vehicles planning a Return to Launch Site (RTLS)
landing, the first critical maneuver is the boostback burn. In this phase, the vehicle
performs a controlled burn to reverse its horizontal velocity component, redirecting
its trajectory back toward the launch area.
The burn is executed with throttled engines, not all engines are ignited simultaneously
to optimize control and efficiency. During this maneuver, the thrust vector is directed
between 90° and 180° relative to the velocity vector, effectively slowing the vehicle
and altering its course to prepare for the re-entry. Precise control of the boostback
burn is essential to ensure that vehicle follows a safe and accurate return trajectory.

2. Re-entry Burn: the re-entry burn is conducted to further reduce the vehicle’s
velocity before it encounters the denser layers of the atmosphere. This controlled
deceleration serves to mitigate the intense aero-thermo mechanical loads that would
otherwise occur during hypersonic atmospheric flight.

In addition to slowing down the vehicle, this burn phase allows for fine adjustments
to the descent trajectory, compensating for any dispersions accumulated during the
previous flight phases. Typically, the re-entry burn is initiated around 70km altitude,
although the exact initiation point depends on mission parameters. Completing this
maneuver prepares the vehicle for the aerodynamic glide phase, ensuring that struc-
tural and thermal loads remain within design limits.

3. Aerodynamic Glide: after the re-entry burn, the vehicle enters a phase of unpow-
ered flight, relying only on aerodynamic forces to control descent. During this glide,
the primary objective is to slow the vehicle from hypersonic through supersonic, and
eventually subsonic speeds, without consuming additional propellant.
Careful management of the aerodynamic attitude (the orientation of the vehicle rel-
ative to its velocity vector) is critical to ensure effective deceleration and to maintain
stability under the intense aerodynamic and thermal conditions encountered. This
phase also serves to correct residual trajectory errors and prepare the vehicle for the
final landing maneuver. The aerodynamic glide ends as the vehicle approaches a new
peak of dynamic pressure (Q-max), beyond which active landing preparations are
made.

4. Landing Burn: in the final phase, the vehicle reignites one or a few engines to
perform the landing burn.
The objective is to reduce the vertical and horizontal velocities to near-zero just prior
to touchdown. Typically, only the central engine is used during this burn to allow
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for precise control of descent rate and landing accuracy.
Maximum throttle is applied to arrest the descent in a controlled and gentle man-
ner, enabling a safe vertical landing on a designated recovery platform or landing pad.

Figure 1: Falcon 9 Launch Phases [40]

1.1.2 Launch Vehicles Classification

There are three main methods for classifying space launchers [36]:

1. Classification by Size:
Space launchers can be classified based on the payload they are capable of carrying to
LEO (Low Earth Orbit). These include:

• Sounding Rocket: Can only perform suborbital flights.

• Micro-Launcher: Up to 500 kg in LEO.

• Small Lift Launch Vehicle: Up to 2 ton in LEO.

• Medium Lift Launch Vehicle: Up to 20 ton in LEO.

• Heavy Lift Launch Vehicle: Up to 50 ton in LEO.

• Super-Heavy Launch Vehicle: more than 50 ton in LEO.
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2. Classification by Staging:
Space launchers can be designed with stages in either parallel or serial mode:

• Parallel: Multiple stages activated simultaneously.

• Serial: Separation of stages in a sequential order.

Figure 2: Serial & Parallel Staging Configuration [36]

3. Classification by Country:
currently, space is utilized by many countries in downstream activities, but only a few
nations have the capability to reach space. This is why it is possible to classify space
launchers based on the country of origin.
Major countries with space launch capabilities include:

• Brazil

• China

• Europe

• India

• Japan

• Russia

• Ukraine

• USA

• United Kingdom

• Iran

• South Korea

• North Korea
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1.1.3 Overview of Commercial Launchers

In recent years, the commercial launch sector has experiences significant growth, driven
by the increasing demand for satellite constellations, scientific missions and interplanetary
exploration.
To better understand the current landscape and the technological trends that characterize
launch vehicles, a selection of some of the most relevant commercial rockets that have been
operational or are still in service over the past few years will be presented.
Through the analysis of their main characteristics such as mass at launch, payload capacity,
propulsion systems, and operational reliability a broader overview of the state-of-the-art
in space launch technology can be obtained. [22]

Ariane 5
Ariane 5 was one of the world’s leading heavy-lift launch vehicles, developed for the Eu-
ropean Space Agency and manufactured by ArianeGroup. Its maiden flight occurred in
1996, and after over a hundred missions, the launcher was officially retired in 2023. Origi-
nally designed to transport heavy payloads into GTO and to support high-profile scientific
missions, it was initially intended to launch European Hermes spaceplane, a project that
was later cancelled [4].
Ariane 5 had a maximum take-off mass of approximately 780 tonnes in its ECA configura-
tion. It was capable of delivering up to 10.5 tonnes to GTO and about 20 tonnes to LEO.
The vehicle was powered by cryogenic Vulcain 2 engine in the first stage, using liquid hy-
drogen LH2 and liquid oxygen LOX as propellants, supplemented by two powerful solid
rocket boosters EAP employing HTPB solid propellant. The upper stage was also cryo-
genic, featuring the HM7B engine fueled by LOX/LH2 [7].

Ariane 5 achieved an outstanding reliability record of approximately 95.7%, establishing
itself as one of the most dependable heavy-lift vehicles in service during its operational life.

Figure 3: Ariane 5 [4]
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Ariane 6
Ariane 6 is the next-generation launcher developed to succeed Ariane 5, aiming to offer a
more cost-competitive solution in the increasingly commercialized launch marker. Devel-
oped by ArianeGroup. the vehicle is available in two configurations: Ariane 62, equipped
with two solid boosters for medium payload missions, and Ariane 64, featuring four solid
boosters for heavy payload missions.

The maximum take-off mass is about 540 tonnes for Ariane 62 and 860 tonnes for Ariane
64. Payload capacities are around 4.5 tonnes to GTO for Ariane 62 and up to 11.5 tonnes
for Ariane 64, while in LEO the former can transport a payload of 10.3 tonnes and the
latter 21.6 tonnes. The primary propulsion is provided by the Vulcain 2.1 cryogenic engine
burning liquid hydrogen and liquid oxygen LH2/LOX [9].
Solid propulsion is supplied by two or four P120C boosters, which also serves the Vega-C
launcher. The upper stage is powered by Vinci cryogenic engine, designed for multiple
reignitions during flight.

At present, Ariane 6 has completed only two launches: the inaugural flight, which took
place on July 9, 2024, ended with a partial success due tu a malfunction of the Vinci engine
during the final phase of the mission; the second launch on March 6, 2025, was successfully
completed, placing the CSO-3 satellite into orbit.
Based on these first two missions, the current success rate of Ariane 6 stands at 50%. How-
ever, given the limited number of flights performed, this value cannot yet be considered
statistically significant.
In the coming years, the Ariane 6 program aims to increase its launch rate to approxi-
mately ten missions per year by 2027, in order to consolidate the vehicle’s reliability and
achieve the same success levels as its predecessor, Ariane 5 [5].

Figure 4: Ariane 62 & Ariane 64 [9]
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Falcon 9
The Falcon 9, developed by SpaceX, stands as one of the most successful commercial launch
vehicles to date. Introduced in 2010 and progressively improved through several iterations
culminating in the Block 5 version, Faclon 9 revolutionized the industry by pioneering the
recovery and reuse of first stage, thereby significantly reducing launch costs.

The vehicle has a maximum take-off mass of approximately 550 tonnes. It can deliver
up to 22.8 tonnes to LEO and approximately 8.3 to GTO. The first stage is powered by
nine Merlin 1D engines plus two boosters, each composed of nine other Merlin 1D, burning
RP-1 and LOX, while the second stage utilizes a single Merlin Vacuum engine optimized
for operation in space.

Falcon 9 has achieved an exceptionally high reliability rate, with a success percentage
exceeding 98%, solidifying its position as the most frequently launched and trusted com-
mercial rocket in the world. [41]

Figure 5: Falcon 9 possible configurations [40]

Vega and Vega-C
Vega and its successor Vega-C are lightweight launchers developed by Avio for the Euro-
pean Space Agency, aimed at serving the growing demand for small satellite deployments
into LEO. Vega’s first flight occurred in 2012, while Vega-C successfully completed its
maiden flight in 2022.

Vega has a maximum take-off mass of around 137 tonnes, while Vega-C increases this
to approximately 210 tonnes. The payload capacity for Vega is about 1.5 tonnes to LEO,
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with Vega-C capable of lifting up to 2.3 tonnes.

The propulsion system relies heavily on solid rocket motors for the first three stages, fol-
lowed by a liquid-propellant fourth stage called AVUM. The first stage is powered by the
P80 (for Vega) or the upgraded P120C motor (for Vega-C), followed by Zefiro 23/40 and
Zefiro 9 solid stages [8].

Vega’s overall reliability has been recorded at approximately 90%, considering a few notable
mission failures. Vega-C’s reliability is still under evaluation due to the limited number of
flights conducted so far. [6]

Figure 6: Vega-C [6]

Electron
Electron is a lightweight, small-satellite launch vehicle developed by Rocket Lab, a private
aerospace company operating from the United States and New Zealand. Introduced in
2017, Electron was specifically designed to meet the growing demand for fast, flexible, and
affordable launch services for small payloads into LEO.

The maximum take-off mass of Electron is about 13 tonnes, with a payload capacity of up
to 300 kilograms. The launch vehicle features two stages powered by liquid-propellant en-
gines. The first stage employs nine Rutherford engines, while the second stage is equipped
with a single Rutherford Vacuum engine. Rutherford engines are notable for using electric-
pump-fed technology, the first of their kind in the launch industry. The propellants used
are RP-1 and LOX [34].
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Electron’s reliability is relatively high for a new-generation launcher, with a success rate
of over 90%, although a few early-stage mission failures have occurred. Rocket Lab is also
working on enabling first-stage recovery operations, although Electron remains primarily
an expendable system [26].

Figure 7: Electron [26]

Long March 5
The Long March 5 (Chang Zheng 5) is currently China’s most powerful heavy-lift launch
vehicle, developed by the China Academy of Launch Vehicle Technology (CALT). It con-
ducted its maiden flight in 2016. Long March 5 was designed to support the deployment
of large payloads, including components for China’s space station, interplanetary missions,
and massive communication satellites.
The maximum take-off mass of Long March 5 is approximately 870 tonnes. The vehicle
can carry up to 25 tonnes to LEO and around 14 tonnes to GTO.

The first stage is powered by two YF-77 engines, fueled by cryogenic liquid hydrogen
and liquid oxygen LH2/LOX. The vehicle also features four side-mounted boosters, each
equipped with two YF-100 engines burning RP-1 and LOX.
Long March 5 has demonstrated good performance, although the reliability percentage,
currently estimated at around 85-90%, is still improving as more flights are completed and
operational experience increases [44].

Figure 8: Long March 5 [44]
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1.2 Aim of the research

The main objective of this thesis is to develop a methodology able to implement the
conceptual design of medium and heavy expendable launch vehicles.

The basis on which this work has its foundation is the analysis of design methodologies
developed at Politecnico di Torino, particularly those implemented within the proprietary
software ASTRID (Aircraft on-board Systems sizing and TRade-off analysis in Initial De-
sign).
ASTRID enables the conceptual and preliminary design of aircraft, sizing and integration
of onboard systems, applicable to a wide variety of platforms-ranging from conventional
aircraft to innovative configurations in subsonic, supersonic and hypersonic regimes.
The reliability of the tool has been validated through several case studies, and its capabil-
ities have been integrated into the Multidisciplinary Optimization Framework established
under the Horizon 2020 Agile project (Aircraft 3rd Generation MDO for Innovative Col-
laboration of Heterogeneous Teams of Experts) [24].

In response to emerging needs in space system design, the research group at Politecnico di
Torino has been working on extending ASTRID-H’s capabilities to space-related applica-
tions. Two routines have already been developed: one dedicated to Micro-Launchers (ML)
and another for the Human Landing System (HLS). The current work aims to expand the
former application to the design of medium and heavy expendable launchers [28].

The thesis is therefore developed to address the following research question:

”Is it possible to develop a methodology on which to base a software tool capa-
ble of rapidly generating the conceptual design of a medium-heavy expendable
launch vehicle?”

1.2.1 Thesis Contents

This thesis presents in detail the methodology developed for the conceptual design of
medium-heavy expendable launch vehicles.
In addition, to support the methodology, a set of tools was developed using Python, en-
abling the assessment of its effectiveness through application to several case studies.

This work aims to modify specific aspects of the methodology previously developed in
iASTRID-H, which, in brief, consists of two main modules: the Vehicle Design Routine
and the Mission Design Routine [28].
The focus of this thesis has been placed in particular on the first module, as specific modifi-
cations were required to support the design of larger-class launch vehicles, especially those
featuring parallel staging configurations.
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The methodology developed for the creation of the new Vehicle Design Routine will be
detailed in the following chapters, including the description of the supporting tools imple-
mented.

Briefly, the main innovations introduced are as follows:

• the introduction of a Preliminary ∆V evaluation module

• the integration of a dedicated methodology for parallel staging configuration
management

• the development of a dedicated module for the design and sizing of both solid and
liquid rocket engines

• modifications to the aerodynamic module to enable the estimation of aerodynamic
characteristics for launch vehicles featuring parallel staging configurations.

1.2.2 Thesis Organization

This thesis will begin by presenting the overall structure of the methodology, introducing
the various modules that compose it and illustrating how they are interconnected.
Subsequently, each module of the methodology will be described in detail following the
strategy outlined below:

• Description of the required inputs for the development of each module

• Implementation strategy and description of the modules

• Validation of the module

As previously mentioned, for each of these modules, dedicated support tools were devel-
oped in Python by implementing them as functions so that they are more versatile, easily
maintainable and reusable, and can also be used as standalone tools.

Therefore, once all the modules have been described and integrated into the vehicle design
routine, the entire methodology is tested on two different case studies:

• Vega-C: to evaluate the performance on a medium-class launch vehicle with a serial
configuration.

• Ariane 5 (ECA): to assess how the methodology approximates the design of a
heavy-class launch vehicle with a serial configuration.

Finally, after the analysis of the results, the concluding chapter proposes some improve-
ments that can be implemented in future versions of the methodology, aiming to increase
its effectiveness and level of detail.
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2 Methodology

In the early phases of space system development, having access to a structured and efficient
methodology for the rapid conceptual design of vehicles is of critical importance. These
initial stages often define the feasibility, cost, and overall direction of a program, making
it essential to establish a reliable design framework capable of supporting timely and in-
formed decisions.

A robust methodology ensures a comprehensive overview of the vehicle configuration, allow-
ing engineers and decision-makers to explore the design space efficiently while maintaining
a consistent level of fidelity. The process generally begins with a set of high level input data
which are used as drivers for the entire design workflow. These inputs are typically sparse
and uncertain in early stages, further underlining the need for a flexible and generalizable
approach.

To address this, the methodology integrates insights from Multidisciplinary Design Anal-
ysis studies, enabling the simultaneous consideration of multiple disciplines, such as aero-
dynamics, propulsion and mass estimation. Additionally, curated databases are leveraged
to provide reference values, scaling laws, and empirical correlations that enhance model
accuracy maintaining rapid execution times.

Multidisciplinary Design Analysis (MDA) is an integrated approach to the design of com-
plex systems, in which multiple engineering disciplines are considered simultaneously to
assess and optimize the overall performance of the system. In the context of launch vehicle
design, this type of analysis allows starting from an initial set of design inputs (such as
target performance, general configuration, and many others) to carry out detailed evalua-
tions across several key areas [23].

Specifically, these analysis typically includes:

• Mass estimation of various subsystems such as propulsion system, structures, avionics
and many others.

• Sizing of main components for example stages, tanks and engines nozzle for launch
vehicles, or in case of MDA developed for aircrafts for instance it can be used to size
engines, wings and control surfaces.

• Propulsion performance, as the engine Thrust.

• Cost estimation, using the ”Cost Estimation Relationship” (CERs) to estimate com-
ponents costs based on their physical characteristics such as the mass.

• Mission analysis, evaluating the system’s capability to perform a specific mission,
in the case of a launcher it could estimates the ability of the vehicle to maintain a
determined trajectory and reach the target orbit.

This multidisciplinary framework ensures a more accurate and physically consistent con-
ceptual design, enabling better-informed decisions during the early phases of development
[23].
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The final objective of this methodology is the creation of a solid and reliable conceptual
design framework that balances accuracy, speed, and usability, capable of generating viable
launcher configurations even under high level constraints. However, some critical challenges
still remain and addressing these limitations is essential to further enhance the robustness
and predictive capability of the methodology.

In the following paragraphs, the methodology of the new Vehicle Design Routine which
aims to rapidly develop the conceptual design of medium and heavy expendable launch
vehicles will be presented in detail.
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2.1 Overview of the Complete Methodology

The Vehicle Design Routine is one of the core routines of a broader iterative methodology
that also includes a Mission Design Routine, presented in the fig.9

Figure 9: Summarized i-ASTRIDH Methodology

The figure 9 summarizes the complete methodology used to support the conceptual de-
sign of Micro-launchers in the previous version of i-ASTRIDH [28]. While this approach
yielded excellent results for the aforementioned class of launchers, substantial modifica-
tions are required if it is to be applied to support the conceptual design of medium-heavy
launch vehicles. The first fundamental step is therefore to analyze how to adapt the Vehicle
Design Routine, which represents the core objective of this thesis.

It should also be noted that the tools developed were specifically designed for the ex-
pendable launcher category.
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The logic behind the whole figure is as follows:

• User Inputs & Database: the designer must provide some inputs manually and
select other from databases.

• ∆V Preliminary Evaluation: a preliminary evaluation of ∆V is made. This is
necessary to initiate the Vehicle Design Routine, whose starting point is the Tsi-
olkowski Equation. At the end of the Preliminary Mission Design Routine this
value of ∆V will be replaced with the updated ∆V computed by the mission module.

• Vehicle Design Routine: this is the phase in which all features of the Launch
Vehicle are calculated. This is an iterative process, which include the Optimal
Staging, Engine Design, Mass & Dimensions Estimation andAerodynamics
modules. All these modules will be discussed in detail later on.

• Preliminary Mission Design Routine: once the launcher has been sized, the
results enter in the mission module that will perform the launch vehicle mission anal-
ysis and update the ∆V .

Each of these modules is based on a specific methodology, for which dedicated support
tools have been developed.
The modular nature of the overall approach represents one of its key strengths, as it allows
for the straightforward extraction of individual modules and their integration into other
potential projects.
Moreover, this structure simplify the incremental enhancement of the methodology through
the addition of new modules, thereby enabling a more comprehensive characterization of
the entire vehicle.

To ensure flexibility, reusability, and ease of integration, the support tools have been pri-
marily developed using Python Functions as previously said.

As it can be observed in fig.9, the complete methodology essentially consists of two nested
iterative loops.

The inner loop takes as primary inputs a preliminary estimate of the ∆V and initial
guesses for the MTOM and Structural Ratios, the ratio between the structural mass and
the total mass of each stage, along with numerous other inputs (which will be detailed
throughout the discussion).
Subsequently, the full Vehicle Design Routine is executed, that is a multidisciplinary pro-
cess in which the launcher’s performance, mass, geometry and aerodynamics are computed.
At the end of this routine, the structural ratios are updated based on the calculated mass
contributions of all launcher components. Consequently, the MTOM is also updated, ini-
tiating the first iterative cycle, which continues until a convergence criterion is met.
This criterion is imposed on the MTOM, by defining a tolerance: when the difference be-
tween successive iterations falls below the specified threshold, the vehicle design loop is
considered converged, and the results are passed to the Mission Design Routine.
The Mission Design Routine performs a more refined analysis of the mission to be carried
out by the launcher and returns an updated and more accurate ∆V estimation. The Vehi-
cle Design Routine is then executed again using this updated ∆V value, and the launcher
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sizing is repeated accordingly.
For this outer loop as well, a convergence criterion is defined based on the MTOM. If,
at the end of the vehicle design routine performed with the updated ∆V , the resulting
MTOM is sufficiently close to the value obtained in the previous iteration, the method is
considered to have reached convergence and the process can be terminated.
In the previous version of the methodology, from this point onward, there was also the pos-
sibility to perform design and trajectory optimization within the ASTOS environment [28].

As explained, the first step to adapt the entire methodology for the design of medium
and heavy class launch vehicles is to appropriately modify certain aspects of the Vehicle
Design Routine, in order to expand its capabilities to launcher classes different from
those it was originally developed for.

2.2 Vehicle Design Routine Overview

This section will present a general overview of the methodology behind the new Vehicle
Design Routine, and all the modules will be explained thoroughly.
As shown in fig.10, the modules that make up the Vehicle Design Routine are the following:

1. ∆V Preliminary Evaluation: this is a module able to calculate an accurate esti-
mation of ∆V fundamental to start the Optimal Staging as it is the main input of
the Tsiolkovski Equation.

2. Optimal Staging: this allows for the optimal distribution of masses among the
different stages of the launch vehicle. In order to support the design of both serial
and parallel launchers, two different strategies have been developed.

3. Engine Design: this section was implemented to allow the user to better charac-
terize the launch vehicle’s Propulsion System. It currently support the design of
LRE and SRM engines; a possible upgrade is the integration of a design routine for
HRE engines.

4. Engine - Stages Integration: this module essentially allows the integration of
the preliminary sizing of the launch vehicle provided by the Optimal Staging Module
with the performance of the stages engines computed by the Engine Design Module.
This enables the calculation of the required number of engines and provides a better
characterization of the thrust of the various stages.

5. Mass & Dimension: this module allows for the estimation of dimensions and masses
of the stages and boosters (if present) through empirical formulations and numerical
interpolations based on statistical data.
Thanks to this module, it is therefore possible to estimate all structural masses and
consequently update the structural ratios.

6. Aerodynamic: finally, after the estimation of the dimensions of the launcher, it is
essential to estimate the CD profile as a function of Mach Number, which is carried
out by the Aerodynamics module, that use empirical formulations to estimate the
Drag Coefficient.
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Figure 10: Vehicle Design Routine Tool Flow-Chart

31



Methodology

As shown in the figure, the vehicle design routine is an iterative process that enables the
development of the conceptual design of the entire launch vehicle through a multidisci-
plinary analysis that includes the estimation of the propulsion system performance, mass
and dimensional estimation, and the vehicle’s aerodynamics. By subsequently integrating
this routine into the complete methodology, it becomes possible to obtain more accurate
estimations of all relevant parameters.
All the modules and inputs shown in Figure 10 will be explained in detail in the next sec-
tion, and Chapter 4 presents two examples of how the routine operates, from the required
inputs to the outputs it provides.

2.3 Inputs Management

To operate correctly, the methodology naturally requires a set of input data.
The user has the possibility to manually input any parameter shown in Figure 10. How-
ever, several databases have been developed to facilitate the insertion of certain inputs.
Specifically:

• Orbital Inputs – Launch Site: among the orbital inputs required for the prelim-
inary ∆V estimation, the latitude of the launch site is needed. Instead of entering it
manually, the user can select the launch site from the database, which automatically
retrieves the required value.

• Propellant Type – Propellant Characteristics: to develop most of the modules,
it is essential to know various properties of the propellants used in the different stages
(Isp at sea level, Isp in vacuum, density, etc.). In this case as well, the user can
manually input the propellant characteristics or simply select one of the propellants
available in the provided database.

• Tank Material: similarly, for the estimation of structural mass and dimensions,
some material properties of the tanks are required. The user can either manually in-
sert these properties or select one of the materials available in the developed database,
which includes all the necessary characteristics required by the module.

Other inputs, on the other hand, as will be shown, must be entered manually by the user.
For the more complex inputs to be entered during the conceptual design phase, the tool
suggests optimal ranges to enable the development of a detailed and consistent design.

The description of the inputs required for each module is a fundamental part of the method-
ology, and it also allows to understand how many assumptions and estimations are required.
In the first phases of the design of a Launch Vehicle the data available are a few, so a good
methodology for the creation of a conceptual design must require low number of inputs.

To facilitate both the development of the thesis and the explanation of the modules, the
input parameters required by each of them have been included directly in their respective
sections. In this way, better continuity is ensured between the required inputs and the
corresponding outputs of each module.
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3 Vehicle Design Routine

In this chapter, the modules on which the Vehicle Design Routine is based are shown.
As previously mentioned, each module was developed independently, effectively establishing
a dedicated sub-methodology for each one. Consequently, the support tools were designed
to function as stand-alone components and were individually validated prior to being in-
tegrated according to the methodological framework described in the previous chapter.
Starting from the available databases to the aerodynamics module, all the modules the
methodology is composed of will be explained in detail.

3.1 Databases

To simplify the selection of certain inputs, dedicated support databases have been devel-
oped. In the next sections, it is specified whenever a module explicitly requires an input
that can be entered from these databases. [28]

Launch Site Database

Table 1: Launch Sites Database

Table 1 presents the main launch sites worldwide, and this database can be used by the
designer to directly input the site name without manually entering the coordinates. This
information is required for the preliminary ∆V estimation, where the Vgain contribution
appears, a term that primarily depends on the latitude of the launch site.
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Propellant Main Characteristics Databases

Table 2: LRE Bi-Propellants main charateristics

Table 3: LRE Bi-Propellant Molar Masses

Table 4: SRM Propellants Main Charateristics

The databases in tables 2, 3 and 4 contain information regarding the main liquid and solid
propellants. With regard to the propellants used for Liquid Rocket Engines (LREs), only
bi-propellant combinations have been considered in this work. Two separate databases
have been developed: the first included the main characteristics of each propellant, such
as the specific impulse, which is a key parameter employed in most of the computational
modules; the second contains the molar masses of both the fuel and the oxidizer, which
are used in the propulsion module to calculate the average molar mass of the combustion
products.
While for the solid propellants used in Solid Rocket Motors (SRMs) only the database
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with the main characteristics has been developed, since a simplified approach has been
developed to design the propulsion system of SRM stages.
All the data about SRMs and the main characteristics of LRE propellants were derived
primarily from [42], while for the mixture ratios, reference was primarily made to the data
reported in [35].

Tank Material Database

Table 5: Tank Materials

Finally, the database of the main materials used for tank construction is essential to stream-
line the input process for parameters such as material density and yield strength. These
inputs are crucial in the Mass & Dimensions Estimation Module, where the mass and di-
mensions of all components, including the tanks, are estimated. All the data in table 5
comes from the previous version [28]

Additionally, interpolative formulation [24] derived from a previous statistical analysis con-
ducted by the research team at Politecnico di Torino were used. These were fundamental
in the first part of the process, since were used to estimate the ∆V from which the whole
routine started.
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3.2 ∆V Preliminary Evaluation Module

The calculation of ∆V is a fundamental step in the methodology employed within this tool.
As the core parameter that determines the trajectory and efficiency of a Launch Vehicle,
∆V represents the change in velocity required for a spacecraft to achieve its intended mis-
sion.
Accurately estimating ∆V is crucial for ensuring that the Launch Vehicle can reach the
desired orbit, overcome gravitational forces, and achieve the necessary velocity increments
during various phases of the mission.
This first step provides a preliminary approximation of the vehicle’s performance, which
then serves as the foundation for further design and optimization routines throughout the
methodology. This initial calculation not only defines the feasibility of the mission, but
also guides the adjustments required for optimizing the launch vehicle’s architecture.

In the previous ”iASTRID-H” versions, the values of many ∆V contributions were as-
sumed based on typical values found in the literature [28]. In this thesis a more detailed
analysis has been conducted on some of these contributions, in order to develop a better
approximation.

∆V equation can be written as it follows:

∆Vlaunch = ∆Vgravity +∆Vorbit +∆Vdrag +∆Vsteering −∆Vgain +∆Vmargin (1)

Where:

• ∆Vlaunch: this is the total ∆V Launch Vehicle must provide to reach the target
orbit and overcome velocity losses.

• ∆Vgravity: this contribution accounts for velocity losses caused by gravitational force
[30].

• ∆Vorbit: this term is calculated using the ”Vis-Viva” equation and describes the
velocity a spacecraft needs to remain in the target orbit.

• ∆Vdrag: this represents the ∆V caused by atmospheric drag. This is the only term
not analyzed in this thesis due to the numerous assumptions required to calculate it
with sufficient accuracy. It was set at 350m/s [28].

• ∆Vsteering: these are velocity losses due to steering, which can become significant
for the upper stages [30].

• −∆Vgain: this term refers to the additional velocity Launch Vehicle can obtain due
to the rotational speed of the Earth at the launch site.

• ∆Vmargin: this is a safety margin contribution. In this thesis it is considered equal
to 200m/s [28].
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3.2.1 ∆V Preliminary Evaluation Module Inputs

To describe all the contributions shown in the previous paragraph, the ”∆V Evaluation
module” needs some inputs.
The inputs are listed below:

1. Target Orbit Inclination: it describes the inclination of the orbit. Note that is
not possible to enter an inclination lower than the latitude of the launch site.

2. Target Orbit Height: the variable describes the altitude of the target orbit with
respect to Earth Surface. Note that only LEO circular orbits insertions are
considered.

3. Payload Mass: this represents the payload mass that the launcher must carry.

4. Number of stages: this parameter identifies the number of serial stages the Launch
Vehicle will be composed of. For this methodology, the upper limit for serial config-
uration is 4, while for parallel Launch Vehicles is 3.

5. Stages Specific Impulses: these variables, denoted as Ispi represent specific im-
pulse of each stage and booster (if any). The designer indirectly enters them by
selecting propellant type, from databases of tables 4 and 2, of each stage and booster

6. Launch Site Coordinates: these inputs derived from the selection of a Launch Site
from the database shown in table 1. This module, in particular, uses the Latitude of
the Launch Site.

7. First Stage Thrust - to - Weight Ratio: it is a preliminary value of the T
W of

the 1° stage. T
W for each stage are not required, as for upper stages it is estimated

by applying correction factors to the first stage T
W 1

.

The correction factors are the following: 2ndStage : 0.75, 3rdStage : 0.625 and
4thStage : 0.47

And then, in the ∆V Preliminary Evaluation module the following fixed values were
assumed:

1. Estimated value of 1° stage Mass-Ratio: Λ1 is an estimated value of the mass-
ratio of the first stage. It is defined as Λ1 =

mpay1

m1
. This value typically range

between 2.25 to 5.5. In this module, the preliminary mass ratio is assumed equal to
2.5 [30].

2. Steering angle: αsteer [°] is the angle due to steering. For the implementation of
the module, a constant value equal to 15° has been assumed as stated in [30].

3. Burn-Out Angle: γbo it the Burn-Out Angle relative to the horizontal axis of the
first stage. A typical value of 25° [30] has been assumed to estimate this parameter.
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Tables 6 and 7 summarize all the previously described inputs and fixed parameters, which
also specifies the type of input and, if available, the corresponding reference database.

Table 6: ∆V function inputs

Table 7: ∆V Fixed Parameters

Operational Orbits
The choice of the target orbit is crucial for the estimation of the ∆V , and although for the
purposes of this thesis it is sufficient to consider a LEO orbit, a brief overview of the orbits
commonly used for space applications is presented below [27]:

• LEO (Low Earth Orbit): located between 160 and 2,000 km from Earth, low
Earth Orbit is the most common for satellites and the most accessible in terms of
cost and energy consumption. Many recent space missions, including flights to the
ISS, occur in this orbit.
Satellites for Earth observation, communication, and navigation are often placed in
LEO, as this orbit allows for high-resolution imagery and reduces communication
latency.

• MEO (Medium Earth Orbit): located between 2,000 and 35,700 km from Earth’s
surface, medium Earth Orbit is commonly used for satellite navigation systems like
GPS.
Because satellites in MEO have a broad view of the Earth, they are ideal for global
navigation and communication applications. The Galileo system from EU and Rus-
sia’s GLONASS also operate in this orbit.

• GEO (Geostationary Earth Orbit): at approximately 35,700 km in altitude,
geostationary orbit is used for satellites that need to provide continuous service over
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a specific point on Earth’s surface. Satellites in GEO move at the same speed as
Earth’s rotation, maintaining a fixed position relative to the ground. This makes
them ideal for applications like satellite communication and weather forecasting.

• GTO (Geostationary Transfer Orbit): this is an intermediate orbit used pri-
marily as a launch point for satellites that are to be subsequently positioned in
geostationary orbit. Launch vehicles can typically carry payloads into GTO, and
then an additional maneuver allows the satellite to be transferred to its final position
in GEO. GTO is also used for telecommunications and weather missions.

• SSO (Sun-Synchronous Orbit): this orbit, which has a particular inclination rel-
ative to the equator, allows satellites to maintain a consistent position relative to
the Sun. In other words, satellites in SSO always obtain images of Earth with the
same solar illumination. Sun-Synchronous orbits are used for scientific observations,
including environmental monitoring, climate studies, and Earth change research.

Figure 11: Operational Orbits [27]
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3.2.2 ∆V Contributions

∆V GRAVITY LOSSES

Gravity Losses are referred to those ∆V losses due to Gravitational Force and represent
critical factor in the overall performance of a launch vehicle. They refer to the velocity
losses that occur due to the gravitational force acting on the vehicle during its ascent
through the atmosphere.
These losses are particularly important during the early phases of flight when the vehicle
is most affected by Earth’s Gravitational pull. Understanding and accounting for gravity
losses is essential for accurately predicting the ∆V requirements and ensuring that a rocket
has sufficient velocity to reach the desired orbit and, as will be seen, these will be the losses
of greatest magnitude.

The concept of gravity losses stems from the basic of principles of mechanics. As a rocket
ascends, it is continuously subjected to the gravitational force exerted by the central body.
Gravity pulls the rocket downward, requiring the rocket’s engines to counteract this force
by providing thrust not only in the direction of the intended flight path, but also to oppose
the downward pull of gravity.
In the early stages, particularly during the first phase of ascent, the vehicle is moving rela-
tively slowly compared to its nominal speed. As a result, a significant portion of the rocket’s
thrust is used to overcome gravitational force in order to move it upward. This causes a
loss of potential energy, as part of the energy provided by the engines is used to counter-
act gravity rather than contributing to change in velocity required for orbital insertion. [15]

To quantify these losses during the early phase of the design, empirical formulations [30]
and statistical analysis [24] were used and are shown below.

∆Vgravity = (g0 · tB1 −Kgg)−Kg[(1−
1

Λ1
)(
γbo
90

)2] (2)

Where [30]:

• g0: is the acceleration of gravity at Sea-Level, g0 = 9.81m/s2

• Λ1: is the assumed mass-ratio of the first stage. it is defined as Λ1 =
mpay1

m1
. 1

• γbo: is the Burn-Out Angle relative to the horizontal axis of the first stage.

• tB1: is the ”Burn Time” of the first stage. This can either be assumed based on lit-
erature values of calculated using statistical analysis [24], starting from other inputs.

• Kg & Kgg: those are two coefficients that depend on Thrust - to - Weight ratio, and
their formulations are shown in the next page.

In this first approximation, it is assumed that the ∆Vgravity are entirely associated with
the first stage; therefore, the parameters involved pertain to the first stage of the launcher.

1mpay1 is the payload mass of the first stage, in other words is the total mass of all upper stages plus
the payload mass
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if Isp1 < 300s → Kg = 0.730325 · ( T
W

)−1.00766 · ln( T
W

) + 0.405136 (3)

if 300s ≤ Isp1 < 380s → Kg = 0.702575 · ( T
W

)−0.81712 · ln( T
W

) + 0.424864 (4)

if 380s ≤ Isp1 < 480s → Kg = 0.745695 · ( T
W

)−0.82590 · ln( T
W

) + 0.433951 (5)

if 480 ≤ Isp1 < 550s → Kg = 0.793051 · ( T
W

)−0.83491 · ln( T
W

) + 0.43644 (6)

Kgg = 3.2506 · 10−6 · ( T
W

)2.79025 − 5.29021 (7)

The formulations shown above [30] allow to compute the coefficients Kg and Kgg in dif-
ferent cases based on the value of the specific impulse of the propellant used.

To compute tB1 the following calculations were executed:

MTOM = e9.76 ·m−0.12
pay · e0.05·[ln(mpay)]

2

(8)

T1 =
T

W 1
·MTOM ∗ g0 (9)

ṁ1 =
T1

Isp1 · g0
(10)

e1.78 ·m0.15
dry1 · e0.05·[ln(mdry1)]

2

− T1

1000
= 0 (11)

From the last equation [24] mdry1 has been calculated2, and finally is possible to find tB1

as it follows:

tB1 =
(m1 −mdry1)

ṁ1
(12)

2Using ”fsolve” as it is a transcendental equation
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In order to understand how parameters variations affect the behaviour of gravity losses,
the trend of ∆Vgravity as a function of T/W has been plotted while varying Isp1, Λ1, tB1

and γbo.
To highlight the dependence on tB1 more clearly, the following graphs were developed by
arbitrarily assigning values to tB1, therefore, in this case it was not derived using equations
from (8) to (12).

Figure 12: ∆Vgravity(
T
W , γbo) Diagram

For the creation of fig.12, a value of Isp1 = 400s, Λ1 = 2.5 and tB1 = 150s was chosen,
while γbo was varied as shown in the legend.

It can be observed that:

• ∆Vgravity exhibit a monotonically decreasing trend as T/W increases.3

• Increasing the burn-out angle leads to a moderately significant increase in ∆Vgravity.

• γbo = 0 results in a constant trend, as the second term of equation (2) cancels out
and the other parameters have been assumed constant.

3This observation will also hold true for the following graphs.
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For drawing fig.13, Isp1 = 400s, γbo = 12.5◦ and tB1 = 150s were chosen, while Λ1 was
varied as illustrated in the legend.

Figure 13: ∆Vgravity(
T
W ,Λ1) Diagram

It can be observed that:

• Increasing the mass ratio Λ1 helps reduce ∆Vgravity, since the second term of equation
(2) is reduced .

• The decrease in ∆Vgravity due to the increase in mass ratio is minimal
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Figure 14: ∆Vgravity(
T
W , tB1) Diagram

From fig.14 the following considerations can be made:

• Higher values of tB1 lead to higher gravity losses, this happens because the LV is
subjected to gravitational force for longer periods

• tB1 is the most relevant parameter, as the differences between the curves are signifi-
cant.
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Figure 15: ∆Vgravity(
T
W , Isp1) Diagram

In fig.15 is shown the diagram of ∆V Gravity losses at different values of Isp1. It is possible
to note:

• Lower values of Isp1 lead to higher losses for gravity

• The difference between the curves is not so relevant, so the ∆V Gravity contribution
doesn’t change significantly with Isp1
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∆V STEERING LOSSES

In the context of spaceflight dynamics, steering losses represent a significant component of
a Launch Vehicle’s overall energy budget. These losses arise from the fact that the vehi-
cle’s actual flight path deviates from an ideal, purely vertical or planar trajectory. During
ascent, the launcher must continuously adjust its orientation and thrust vector to follow a
curved trajectory that ensures proper orbital insertion, accounting for constraints such as
atmospheric drag, structural limits, and mission specific targeting requirements.

This necessary redirection of thrust, commonly achieved through gimbaling engines or
reaction control systems, means that not all to the propulsion force is aligned with the
instantaneous velocity vector. As a result, a portion of the available thrust does not con-
tribute to increasing the vehicle’s kinetic or potential energy but is instead ”lost” in chang-
ing its direction. Although these steering losses are typically small compared to gravity or
drag losses, they become increasingly relevant in high-precision missions or when optimiz-
ing launch efficiency. [30]

As for the Gravity Losses, empirical formulations [30] and statistical analysis formula-
tions [24] have been used to estimate these losses.

∆Vsteering =

NstagesX
k=2

Z tb,k

0

2Tk

mdryk

sin2(
α

2
)dt (13)

To find Tk, it was necessary to compute an approximation of MTOM (called mtot in this
algorithm) using the interpolating equation eq.8.
Starting from mtot an estimation of the mass distribution among the stages was made using
constant coefficient as showed in the following equations.

if Nstages = 1

(
m1 = mtot

m2 = m3 = m4 = 0
(14)

if Nstages = 2


m1 = 0.7 ·mtot

m2 = 0.3 ·mtot

m3 = m4 = 0

(15)

if Nstages = 3


m1 = 0.65 ·mtot

m2 = 0.25 ·mtot

m3 = 0.1 ·mtot

m4 = 0

(16)

if Nstages = 4


m1 = 0.65 ·mtot

m2 = 0.2 ·mtot

m3 = 0.1 ·mtot

m4 = 0.05 ·mtot

(17)
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Proceeding with the following approximation of the T/W ratios of the upper stages, starting
from the T/W1 in input: 

T
W 1

= T
W 1

T
W 2

= 0.75 · T
W 1

T
W 3

= 0.625 · T
W 1

T
W 4

= 0.47 · T
W 1

(18)

it was finally possible to compute Tk

Tk =
T

W k
·mk · g0 (19)

where g0 is the gravity acceleration at Sea-Level.

Then the mdryk
for each stage have been computed using the equation eq.11 and the

integral 13 has been solved for each stage using the ”integrate - quad” method.
Once all integrals have been solved, the algorithm sum them and ∆Vsteering losses have
been computed.

Figure 16: ∆Vsteering(αsteer, tB3) Diagram

Fig.16 represent an example of steering losses variation. It was taken a 3-Stages configu-
ration and it was plotted the losses while varying the steering angle αsteer and the burn
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time of the 3rd stage tB3.
It is possible to state the following observations:

• Steering losses increase as αsteer increases. This is due to the fact that the maneuver
is more demanding, the thrust is used also to perform it without increasing the rocket
velocity, so losses increases.

• If burn times of upper stages increase, losses increases as well. This is due to the
direct contribution of tbk as it is the upper limit of the integral in eq.13.

The ∆V function integrated in the main algorithm has a fixed value of αsteer = 15 accord-
ing to [30].

∆V DRAG & MARGIN
Drag losses are quite difficult to compute in a preliminary phase because of lack of inputs.
In this algorithm they were assumed constant at a value of ∆Vdrag = 350m/s according to
[28].

For what concern the margin, it was assumed equal to ∆Vmargin = 200m/s. It was
included for safety reasons. [28]

∆V ORBIT
This contributions originates from the Vis-Viva Equation and it is related to the ∆V nec-
essary to reach and maintain a defined orbit around the Earth.

∆Vorbit =

s
2 · µearth

rp
− µearth

a
(20)

Where it was assumed circular LEO orbits, so rp = a = Rearth + h in km, and µearth =
398600km3/s2 is the Earth Gravitational Parameter

∆V GAIN
When launching eastward, a LV benefits from Earth’s rotational speed, which adds to the
initial velocity of the launcher. This natural ∆V gain reduces the propulsion required
to reach the orbit. This effect decreases with latitude, making eastward launches from
low-latitude sites more efficient. This is the last contribution taken into account in this
algorithm and to estimate it, the following equations have been used. [28]

∆Vgain = ∆Vorbit −
q

(∆Vorbit · sin(Az)− Vϕ)2 − (∆Vorbit · cos(Az))2 (21)

Where: (
Vϕ = ωearth ·Rearth · cos(LatLS)

Az = arcsin( cos(i)
cos(LatLS) )

(22)
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3.3 Optimal Staging Module

In launch vehicle design, staging plays a crucial role in maximizing payload mass and over-
all mission efficiency.
The goal of optimal staging is to determine the most effective distribution of mass, propul-
sion, and structural parameters across multiple stages in order to meet mission requirements
with minimal total launch mass or cost. [22]

This section introduces the strategies developed to compute the optimal staging configu-
ration for a given mission profile that comes from the previous Preliminary ∆V evaluation
module.

This module, includes two different staging strategies, the former for Serial Staging
Configuration and the latter for Parallel Staging Configuration.

3.3.1 Optimal Staging Module Inputs

The Optimal Staging Module requires a set of inputs in order to function properly.
Some of these inputs can be selected by the user from available databases, others must be
entered manually, and some are provided by other modules.
The following is a list of the inputs required for algorithm to operate correctly.

• Nstages: in this algorithm it is a crucial input. It determines how many Serial stages
the LV is composed of, so it plays a key role in optimal distribution of masses among
stages.

• Ispi: this is another fundamental input for this module. For Serial Staging con-
figuration it is sufficient to enter Ispi for each serial stage. For Parallel Staging
Configuration an additional parameter, called Ispb must be entered by the designer
by selecting the propellant for the boosters of the parallel first stage.

• ϵi: these are the Structural ratios of each stage. It is defined as
→ ϵi =

mstructuresi

mstructuresi
+mpropellanti

and its management, especially for Parallel Staging

Configuration, will be explained later on.

• ∆V : it originates from the ”Preliminary ∆V evaluation module and represent a key
parameters to create the optimization function based on the Tsiolkowski Equation.

• boostfactor: this is a parameter specific to the Parallel Staging Configuration included
following the content reported in [17]. It represents the estimated ratio between the
propellant mass of the boosters and that of the core while they are firing simultane-
ously during the initial phase of the launch, up until booster burnout, which is called
”Parallel Phase” in this thesis.
It can be obtained from the Mass-Flow Rate of boosters and core engines required
for the Engine Design Module → boostfactor = ṁboost

ṁcore
. If this module is used as

stand-alone, the user must provide the input as → boostfactor =
mpboost

mpcore|parallel−phase

.
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The following table provides a summary of the required inputs, specifying whether they
must be entered manually or can be derived from databases or other modules.

Table 8: Optimal Staging Inputs

3.3.2 Serial Optimal Staging

Serial Staging is a commonly employed configuration in launch vehicle design, where stages
are arranged one after the other along the vehicle’s longitudinal axis and activated in se-
quence during flight.
After each stage completes its burn, it is discarded, thereby reducing the vehicle’s mass
and increasing the efficiency of the following stages.
This configuration maximized performance by leveraging the exponential sensitivity of the
rocket equation to mass reduction.

Notable examples of launch vehicles utilizing serial staging include the Vega-C [8] for
small to medium payloads, and Electron [34].
Both systems demonstrate the effectiveness and scalability of the serial staging approach
in different mission profiles.

To enable the methodology to support the design of launch vehicles with a serial staging
configuration, a dedicated staging strategy was developed.
This approach is based on the Tsiolkowsky Rocket’s Equation and the application of
Lagrange Multipliers to optimize the distribution of performance across the different
stages [28].
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According to [17], the staging scheme adopted for the formulation of the problem is shown
in figure 17, which provides an example for a four-stage configuration.

Figure 17: Serial Staging Scheme

As illustrated, each stage can be decomposed into structural mass msi and propellant mass
mpi

. The arrows on the side represent the total mass ot the launch vehicle at the ignition
of the i-th stage (m0i).
It is therefore straightforward to observe that the payload mass of the i-th stage corre-
sponds to:

mpayi = m0i+1 (23)

Based on this scheme, the following dimensionless parameters can therefore be introduced,
which will subsequently be computed through the optimization function [22].
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Mass-Ratio
It is defined as the ratio between the total mass at the ignition of the i-th stage and the
total mass at the burnout of the same stage, that is, when all the propellant of the i-th
stage has been consumed. Therefore, the denominator will mainly consist of the total mass
of the upper stages plus the structural mass of the i-th stage.

Λi =
m0i

msi +m0i+1

(24)

Structural Ratio
This parameter is an index of how much of the stage mass is structural mass. It is simply
described as the ratio between the structural mass and the total mass of the stage.
This parameter will be updated through the development of the routine, the designer must
provide a first guess of the structural ratios of the stages, then, after the mass estimation
module they will be updated automatically.

ϵi =
msi

msi +mpi

(25)

Propellant Ratio
This is the index of the propellant mass of the stage. It is complementary to the structural
ratio, and it is not influent for the methodology.

ζi =
mpi

msi +mpi

(26)

So, for each stage:
ζi + ϵi = 1 (27)

Payload Ratio
It is defined as the ratio between the payload mass and the total mass of the i-th stage, so
the following equation can be written.

λi =
mpayi

msi +mpi

(28)

From the equation written above, it is also possible to find a relationship between Λi, λi

and ϵi:

Λi =
1 + λi

ϵi + λi
(29)

At this point, the optimization function can be introduced. It is based on the total ∆V
the launch vehicle must provide to reach the target orbit and overcome losses, computed
by the Preliminary ∆V estimation module.
The objective of this staging optimization problem is to find the optimal mass ratios of
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stages which will minimize the Maximum Take Off Mass (MTOM) of the launch vehicle.
It is possible to define the MTOM as [17]:

MTOM = m01 =

NX
i=1

mi +mpay (30)

Dividing eq.(30) by mpay, and using eqs.(25) and (24) one can find:

MTOM

mpay
=

NY
i=1

(1− ϵi)Λi

1− ϵiΛi
(31)

Then is more convenient using the natural logarithm to solve this equation, so eq.(31)
becomes:

ln
MTOM

mpay
=

NX
i=1

ln
(1− ϵi)Λi

1− ϵiΛi
(32)

Finally, the equation which describe the ∆V the launch vehicle must provide is shown.

∆V =

NX
i=1

Ci · lnΛi (33)

In which the term Ci = Ispi · g0 is the exhaust velocity of each stage.

The optimization problem is composed by the eqs. (33) and (32), as shown below.
Objective Function f =

PN
i=1 ln

(1−ϵi)Λi

1−ϵiΛi

Constraint Function g =
PN

i=1 Ci · lnΛi −∆V = 0

(34)

Optimization Function Solution
Starting from the eqs. (34), applying the Method of Lagrange Method, introducing the
Lagrange Multiplier (p) is possible to find the optimization function to solve in order to
compute the mass ratio of each stage [17].

f∗ =

NX
i=1

ln
(1− ϵi)Λi

1− ϵiΛi
+ p · (

NX
i=1

Ci · lnΛi −∆V ) (35)

Which can be rearranged in:

f∗ =

NX
i=1

ln(1− ϵi) + lnΛi − ln(1− ϵiΛi) + p · (
NX
i=1

Ci · lnΛi −∆V ) (36)
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Differentiating eq. (36) respect to Λi and set it equal to zero one can find the minimum of
the optimization function:

∂f∗

∂Λi
=

1

Λi
+

ϵi
1− ϵiΛi

+ p · Ci ·
1

Λi
= 0 (37)

And it leads to

Λi =
1 + p · Ci

p · Ci · ϵi
(38)

Finally, from the substitution of eq.(38) in the Constraint Equation (34) is possible to
determine p from the resolution of the following equation.

NX
i=1

Ci · ln
1 + p · Ci

p · Ci · ϵi
= ∆V (39)

It can be observed that the equation is a transcendental equation, so it can be solved using
numerical methods. For the development of the supporting tool, the Bisection Method
has been implemented, with an active control of the initial bounds in which the solution
is searched.

In conclusion, after the computation of the Lagrange multiplier p, using eq.(38) Λi can
be found.
Then rearranging the eq.(29) is possible to find also λi.

λi =
Λiϵi − 1

1− Λi
(40)

Once the payload ratios have been computed, all the masses can be calculated starting
from the last stage. 

mN =
mpay

λN

mN−1 =
mpay+mN

λN−1

.

.

.

m1 =
mpay+mN+mN−1+...+m2

λ1

(41)

And MTOM can be computed from the sum of all those contributions and the payload
mass, as described in eq.(30)

In the end, the structural and propellant masses of each stage can be calculated easily.(
msi = ϵi ·mi

mpi
= (1− ϵi) ·mi

(42)
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3.3.3 Parallel Optimal Staging

Parallel staging is a launch vehicle configuration in which multiple propulsion elements
operate simultaneously during the early phase of flight. This approach is often used to in-
crease the initial thrust while optimizing the overall mass and performance of the launcher.

Examples of launch vehicles employing parallel staging include Ariane 5 [7] and Ariane
6 [9], which utilize solid rocket booster in conjunction with a central core stage.

The strategy adopted in this methodology to formulate the parallel optimal staging prob-
lem is shown in fig.18 and it consists briefly in treating the phase in which the Parallel
Phase (in which core and boosters operate simultaneously until boosters burnout) as a
single equivalent stage [17].

Figure 18: Parallel Staging Scheme

This strategy creates a ”Virtual Stage” composed by the remaining part of the core after
the boosters burnout, now called Core 1st Stage, while the ”Parallel Phase” is carried
out through both core and boosters, and is called 0th Stage.

Based on what is shown in the figure 8, the following dimensionless parameters can be
defined [17]. Note that for the upper stages the parameters are the same shown in the
paragraph 3.3.2.
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Mass Ratio 0th Stage
It is defined now as follows.

Λ0 =
m00

msboost +m01

(43)

Indeed, in the denominator, one can observe the appearance of the structural mass of the
boosters and the total remaining mass after their burnout.

Structural Ratio 0th Stage
The structural ratio of the equivalent stage is described by the following equation.

ϵ0 =
msboost

msboost +mpboost
+mpcore0

(44)

Where mpcore0
is the propellant mass consumed by the core during the Parallel Phase until

boosters burnout.
Note that mpboost

represent the total propellant mass of all boosters. In this phase the
number of booster is unknown yet.

Payload Ratio 0th Stage
The payload ratio of the 0th stage is now defined by eq.45

λ0 =
m01

msboost +mpboost
+mpcore0

(45)

Mass Ratio Core 1st Stage
For the remaining part of the core, the Mass Ratio can be defined as it follows.

Λ1 =
m01

mscore +m02

(46)

At the denominator, is possible to observe the structural mass of the core.

Structural Ratio Core 1st Stage
The structural ratio of the ”Virtual Stage” is shown below.

ϵ1 =
mscore

mtotcore −mpcore0

(47)

Where in the denominator is reported the difference between the remaining total mass of
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the core after the boosters burnout.

Payload Ratio Core 1st Stage
The last parameter to introduce is reported in eq.48

λ1 =
m02

mtotcore −mpcore0

(48)

Additional Equation for Parallel Staging
To represent the Equivalent 0th Stage and additional parameter must be introduced [17].
In this thesis it is called Boost Factor and it is based on the eq.49.

C0 = g0 ·
Ispb

·mpboost
+ Isp1·mpcore0

mpboost
+mpcore0

(49)

Where, Ispb
is the Specific impulse of the boosters, while Isp1

is referred to the core one.
This equation is fundamental to divide the propellant mass between boosters and core
while they are burning simultaneously. Estimating an equivalent exhaust velocity for the
parallel stage, in fact, will be crucial in the definition of the optimization function.

However, in the early design phases, it is not possible to know the propellant mass in
the core and boosters. Therefore, to estimate the equivalent exhaust velocity C0 of the 0-
th stage, a Boost-Factor was used, defined based on the propellant mass flow rates of the
boosters and the core. As will be shown in a later section, these are inputs to the Engine
Design Module. Using this parameter make possible to distribute the propellant among
boosters and core [17].

boostfactor =
˙mpboost

˙mpcore

(50)

Thanks to this new parameter, the C0 can be estimated as follows.

C0 = g0 ·
Ispb

· boostfactor + Isp1

1 + boostfactor
(51)

Subsequently, as for the optimization function, it remains the same as already shown in
eq.36, since with this approach, parallel staging can effectively be treated as serial, once
the ”Equivalent 0-th Stage” and the ”Virtual 1-st Stage” have been defined.
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3.3.4 Weaknesses of Optimization Function

This section presents some critical issues encountered in the use of the optimization func-
tion based on the Lagrange multiplier method.

Numerical Method Weakness
The first weakness of this function is related to implementation and concerns primarily the
stability of the numerical method used to find the root. In fact, most numerical methods
employed to solve Non-Linear Equations require the definition of an initial search inter-
val and an initial guess from which the method starts.
Since the function involved logarithmic, with a root close to zero, it is necessary to initialize
the method with a very small value. This, however, risks making the logarithm undefined,
thereby preventing the method from functioning properly.
For numerical methods that require root localization, the search interval must be properly
defined so that the function changes sign within it.
In summary, both the interval and the initial guess must be chosen so that the logarithm
is defined and the function changes sign within the selected range.

Regarding the Bisection Method used in this thesis the management of the search in-
terval is crucial, thus, a strategy based on the following key points was adopted in order
to stabilize it.

• Velocities Adjustment: the velocities appearing in eq.36 were converted from m/s
in km/s. In this way, the value of the Lagrange Multiplier increased by three orders
of magnitude, allowing the use of a higher minimum value for the lower bound of
search interval. This allow to avoid the logarithm becoming undefined.

• Conservative choice of the lower bound: as will be shown, the value of the
Lagrange Multiplier varies significantly depending on the distribution of the specific
impulse across the stages. This can result in a function that does not change sign if
the lower bound is set to high. Therefore, a conservatively low value was used, which
is automatically increased in case the logarithm becomes undefined.

Lagrange Multiplier Method Weakness
Another weakness of this optimization function lies in the fact that only a single Lagrange
Multiplier is calculated for all stages, which directly affects the Mass Ratio according to
eq.24.
In particular, the mass ratio of the first stage (0-th stage for parallel staging and 1-st stage
for serial staging) can become lower than 1, which has no physical meaning.

This limitation of the optimization function becomes particularly relevant when there is
a significant discontinuity in the specific impulse among the various stages. To illustrate
this issue more rigorously from a mathematical point of view, a representative example is
presented.

Consider now a three-stage serial launch vehicle, characterized by specific impulses Isp1 =
270s, Isp2 = 450s, Isp3 = 450s. This configuration may represent, for instance, a solid
propellant first stage followed by two upper stages powered by LOX/LH2. Then consider
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the following realistic values for structural ratios ϵ1 = 0.09, ϵ2 = 0.105, ϵ3 = 0.12.
Solving eq.39 for p, one can find p = 0.392833 which lead to the mass ratios shown in the
table 9

Table 9: Λ Results with high variations between Ispi

It is readily observable that the mass ratio of the first stage - characterized by a signifi-
cantly lower specific impulse compared to the upper stages - results to be less than one.
This outcome would imply negative mass values, which are physically meaningless.
This result, although mathematically consistent, highlights a critical limitation of opti-
mization function. The computed value of the Lagrange Multiplier (p) is relatively small
due to the high specific impulses of the upper stages. However, this value is insufficient
to yield a mass ratio greater than one for the first stage, since C1 (determined by the low
Isp1

), is too small. In contrast, C2 and C3 are large enough to ensure that Λ2 and Λ3

remain greater than 1.

To better analyze this condition, a plot of Λ12 as a function of Isp2 for different values
of Isp3

was generated.

Figure 19: Trend Λ1 f(Isp2, Isp3)
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From figure 19, it is evident that the assignment of specific impulse significantly influences
the mass ratio of the first stage, which displays a decreasing trend as the Ispi

of the upper
stages increases.
The following conclusions can therefore be drawn:

1. The optimization function performs most effectively when the difference in specific
impulse among the stages is moderate.

2. The optimization function is more robust when the number of stages with moderate
Isp exceeds that of the stages with high specific impulse.

3. A gradual distribution of specific impulse across the stages allows the optimization
function to operate under more favorable conditions.

It is important to highlight that this limitation of the optimization function is rarely ob-
served in the case of launch vehicles with a serial configuration, as the operating conditions
under which the function performs optimally are generally met. In fact, serial staging
typically features a gradual progression of specific impulse values across the stages, which
naturally supports the stability and validity of the optimization process.

The same cannot be stated for parallel staging configurations. These often involve the
use of solid-propellant side boosters, while the core and upper stages typically employ liq-
uid propulsion systems. As a result, the significant disparity in specific impulse between
stages may cause the aforementioned limitation of the optimization function to manifest.
One of the most representative examples is provided by the Ariane 5 [7] and Ariane
6 [9] launch vehicles, which utilize solid boosters powered by AP/Al/HTPB, yielding a
Isp ≈ 270s [42]. In contrast, the core and upper stages are fueled with LOX/LH2, and
achieve Isp ≈ 450s [42]. This substantial difference creates unfavourable conditions for the
application of the optimization method based on a single Lagrange multiplier.

To address the previously discussed issue, a vector of Lagrange Multipliers was introduced
by assigning appropriate weights to the ”p” obtained from the solution of eq.39. Specifi-
cally, when an unfavourable configuration is detected, the optimization method is adjusted
by arbitrarily applying corrective weights that favor the stages with lower specific impulse
and penalize those with higher specific impulse.
In this study, a configuration was defined as unfavourable when the following condition is
met:

Isp2 ≥ Ispcore && Ispcore − Ispbooster > 80 (52)

Note that this conditions could happen only if there are at least 3 stages, and it should be
reminded that for parallel staging the strategy create an additional virtual stage!
Through a sensitivity analysis, it was observed that the application of these weights helps
restore the physical consistency of the model, yielding valid mass ratio values for the stage
with lowest specific impulse. The optimal weights were found to lie within the following
ranges:

• 0-th Stage: weight value = 1.3− 1.7

• Upper Stages: weight value = 0.75− 0.95
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3.3.5 Optimal Staging Module Validation

To conclude the analysis of the optimal staging module, a validation is carried out by ap-
plying real data from two commercial launch vehicles. For the case of serial staging, data
from Vega-C [8] is used, whereas for the parallel staging configuration, the Ariane 5 [7]
in its ECA version is selected.

Parallel Staging Validation
The validation of the parallel optimal staging stand-alone routine is carried out using Ari-
ane 5 Data as reference, presented in table 10

Table 10: Ariane 5 Optimal Staging Data

The tool output are:

• A simple visual representation of the launch vehicle in which total mass of each stage
is reported

• A preliminary mass breakdown table, in which propellant and structural mass of each
stage are shown

Figure 20: Ariane 5 Optimal Stag-
ing Tool Graphical View Table 11: Ariane 5 Optimal Staging Validation
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Serial Optimal Staging Validation
The stand-alone routine for serial staging has been tested using data from Vega-C, reported
in table 12

Table 12: Vega-C Optimal Staging Data

The results obtained from the tool are shown in table 13 and fig.21

Figure 21: Vega C Optimal Stag-
ing Tool Graphical View

Table 13: Vega-C Optimal Staging Validation

It should be noted, however, that the structural ratio value of the fourth stage, equal to
ϵ = 0.44 in the real case, inevitably leads to physically unacceptable results due to the
limitations of the optimization algorithm, which have been thoroughly explained in the
previous paragraph.
Therefore, the fact that the structural mass of the upper stage differs by 50% from the
actual value is related to the use of a structural ratio of 0.3 instead of 0.44.
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As can be observed from the results obtained in tables 11 and 13, the methodologies
developed for both modules yield outputs that deviate from actual values by no more than
22%, and in most cases the deviation is well above 15%, except for the 4-th stage of the
Vega-C launcher4.
This level of accuracy is to be considered satisfactory, given that this methodology is
applied during the conceptual design phase, where various simplifications - some of them
significant - are necessary to enable the initial definition of the vehicle design.

4The stage lengths shown in the visualization of the staging are not representative of the actual dimen-
sions but are instead proportional to the total mass of each stage. This graphical representation has been
included solely to provide an intuitive visual interpretation of the data presented in the table.
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3.4 Engine Design Module

In the context of launch vehicle development, the propulsion system plays a pivotal role
in determining overall performance, feasibility and mission success. This methodology
presents the implementation of a dedicated Engine Design Module aimed at the con-
ceptual and preliminary design of propulsion systems for Liquid Rocket Engines (LRE)
and Solid Rocket Motors (SRM).
The introduction of this module allows the new methodology to more accurately charac-
terize the engines of each launch vehicle’s stage, enabling the calculation of the number
of engines to be installed based on the thrust and dimensions of each engine, as obtained
through a more detailed design process.
It should be noted that only LREs and SRMs have been introduced in this methodology;
therefore, a possible development point is the addition of a dedicated module for HREs.

In this section, the modules related to LRE and SRM engines will be described in detail,
each of which has been developed following two distinct design strategies.
For the LREs, a more in-depth module was implemented, based on an estimated molar mass
of the selected bi-propellant, calculated through an approximate analysis of the combustion
reaction. This approach also serves the additional purpose of laying the groundwork for
future development of the methodology concerning launcher emissions analysis, making it
suitable for preliminary considerations on the vehicle’s environmental sustainability.
Conversely, for SRMs, a simplified approach was adopted, which does not account for
chemical reactions but instead relies more heavily on inputs provided by other modules.

The main outputs provided by this module are the thrust, nozzle exit diameter, and expan-
sion ratio. In the previous version, the latter two were essentially inputs, while the thrust
was calculated by dividing the total thrust of each stage by the number of engines, which
was also given as an input. This strategy, as explained later, allows for better stabilization
of the iterative cycle but results in less detailed engine characterization.
The purpose of this new module is to enable a more refined engine design while still keeping
the number of inputs to a minimum by adopting highly simplified approaches. The aim
is to evaluate whether the results produced by this method are sufficiently accurate to be
included in the overall routine.
It is important to emphasize that the key output is the thrust, which underpins many of
the interpolated formulas used in the ”Mass & Dimensions Estimation Module”. Since
thrust is computed using the formula T = ṁp · Isp · g0, it can generally be estimated with
sufficient accuracy. Therefore, it is highlighted that the overall functionality of the tool is
not compromised by this module. However, as it can be observed, a reliable method has
been developed for the characterization of the engines.

3.4.1 Rocket Engine Classification

Rocket engines can be classified into three main types, based on the nature of their pro-
pellant and the principles of their operation:

1. Liquid Rocket Engines (LRE): Liquid rocket engines use propellants in liquid
form, typically consisting of a fuel and an oxidizer that are stored separately and
mixed in the combustion chamber. This configuration allows for precise control over
the engine’s thrust, including the ability to throttle, shut down, and restart the
engine during flight. LREs are highly efficient, offering a high specific impulse, and
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are typically employed in the upper stages of launch vehicles due to their performance
and flexibility in mission profiles [42].

2. Solid Rocket Motors (SRM): Solid rocket motors operate with propellants in a
solid state, where the fuel and oxidizer are chemically combined into a single, stable
mixture. These engines are simpler in design compared to LREs, with fewer moving
parts, which contributes to their reliability and robustness.
However, SRMs lack the ability to be throttled or shut down once ignited, making
them less versatile for certain mission requirements. Solid rocket motors are com-
monly used as boosters or for the first stages of launch vehicles, where high thrust is
required in a short duration [42].

3. Hybrid Rocket Engines (HRE): Hybrid rocket engines combine aspects of both
liquid and solid propulsion systems by using solid fuel and a liquid oxidizer. This
configuration offers some of the advantages of liquid engines, such as controllability
and safety, while maintaining the simplicity and reliability of solid propulsion. Hybrid
engines are seen as a promising alternative for future space missions, offering a balance
of performance, efficiency, and operational flexibility [42].

3.4.2 Engine Design Module Inputs

Within these methodologies for the conceptual design of stages and boosters propulsion
systems, particular attention was given to minimizing the number of required inputs. This
choice reflects the early phase in which the process is situated, where the designer may
have limited access to detailed data.
The input parameters differ slightly between the LRE and SRM modules and are presented
below.

LRE Design Inputs
In the following lines the inputs related to the LRE module are listed:

• Propellant Type: it is related to the propellant and it can be selected from
databases. Based on this input, all the data shown in Tables 2 and 3 are known.
In particular, the molar masses and mixture ratios are fundamental for this
module. This allows also to estimate a typical chamber temperature.

• Engine Stage: this input enables optimization of the engine design according to
its intended application, either as a first-stage or upper stage, allowing the sizing to
be carried out using Atmospheric or Vacuum reference conditions accordingly. In
particular, this identifies and suggests the optimal exhaust pressure ranges for upper
stage engines, whereas for lower stage engines the optimal pressure ranges are further
handled through the ”Vacuum Optimization” input.

• ṁp: it represents the propellant mass flow rate that flows into the combustion cham-
ber, and the designer should enter it manually.

• Engine Type: this parameter is related to the engine feed system architecture,
which can be of the Pressure-Fed type or based on Turbopump, this input allow
only to identify typical chamber pressure ranges for the two technologies (Turbopump
3 - 27 MPa) (Pressure-Fed 0.6 - 1.5 MPa) [16] in the case the user is not provided
with this input.
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• pc: it is the combustion chamber pressure and depends on the Engine Type. However
it should be entered by the designer manually.

• pe: it is the gases exhaust pressure, it is a required input, necessary to accurately
compute the expansion ratio, especially for the first stage. If the designer can not
provide this input, the tool is able to suggest an optimal range to guide the selection
of this parameter.

• Vacuum Optimization: this input is particularly useful when the exact value of
the exhaust pressure is not available. It allows the tool to identify and suggest a
suitable range of exhaust pressures, tailored to the type of engine the user intends
to design, whether optimized for low-altitude performance or for operation at higher
altitudes.

A summary table of the input parameters for the LRE Design Module is provided below.

Table 14: LRE Design Module Inputs

In this table it can be observed that the number of inputs is significantly limited, and
many of them can be suggested by the tool, thus simplifying the engine design and making
it more flexible for a conceptual design phase, where only a few data points are usually
available.
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In relation to the selected propellant type, typical combustion chamber temperatures were
assumed and fixed accordingly, as reported in Table 15.

Table 15: Typical LRE Chamber Temperature

The temperatures reported in table 15 refer to the results obtained in [35], confirmed also
by data reported in [42].
It should also be noted that, based mainly on the performance equations provided in [42],
the highly simplified approach proposed in this study aims to develop a method for esti-
mating the molar mass of the reaction products (and consequently recalculating the specific
impulse), without accounting for the actual conditions in the combustion chamber.
Anyway, as reported in [42] these temperatures referred to adiabatic combustion.

SRM Design Inputs
For the SRM Design module, the following inputs are required.

• Propellant Type: the main difference with respect to LREs is that this input is
linked to the SRM Propellant Main Charateristics Database (Table 4), from which
only the Specific Impulse is selected, since this module does not need the combustion
chamber temperature.

• pc: as for the LREs, it represents the chamber pressure.

• ṁp: this parameter represent a mean propellant flow-rate, since the mass flow rate
is not constant in this type of engines.

• pe: is the exhaust pressure as already explained for the inputs of LREs engines.

• Vacuum Optimization i: it is the same described for LRE inputs. It helps the
user to better characterize the expansion ratio also for SRMs engines when pe is not
available. The difference is that for SRMs this type of optimization is available also
for upper stages, in order to better characterize the expansion ratios of SRMs used
in stages above the first, on the basis of the data reported in [31].
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Table 16, on the other hand, provides a summary of the input parameters for the SRM
Design module.

Table 16: SRM Design Module Inputs

As previously mentioned for LRE input parameters, observing the table above is possible
to note that also for SRMs only a limited number of inputs is required. This is particularly
advantageous in the context of conceptual design, where it is often difficult to provide a
large and detailed set of parameters. As stated before, the aim of this analysis is to assess
whether this highly simplified approach can still provide satisfactory results despite the
very limited number of input parameters, an ideal scenario considering the early design
phase in which this methodology is intended to be applied.

3.4.3 LRE Design Module

This module handles the design of Liquid Rocket Engines through the use of the input
parameters listed in table 14, which are fed into the typical performance equations for
LREs [42].

The primary objective of this module is to obtain key data required for the proper de-
velopment of the overall methodology, namely the Engine Thrust, Expansion Ratios
Ae

At
and Nozzle Throat & Exit Diameters.

These outputs are integrated with the other modules, enabling the calculation of the num-
ber of engines needed to generate the required thrust, and consequently updating the T

Wi
of each stage. Additionally, the thrust and the expansion ratio are directly used in the
Mass & Dimensions Estimation Module to characterize the mass and physical dimensions
of the engines.

From the ”Engine stage” input, it is determined whether the expansion ratio should be op-
timized for operation in atmospheric or vacuum conditions. Essentially, this input is used
to identify and suggests the ranges of exhaust gas pressure at the nozzle exit for upper
stages if the user is not able to provide it.

For upper stages engines, optimized for vacuum conditions, if the user can not provide
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the pe input, the tool suggests an optimal range of exhaust pressure for vacuum opera-
tions. This range is 0.0013MPa− 0.0035MPa, and it was estimated from the nozzle exit
pressure of the HM7B engine, which of course operates in vacuum conditions, as reported
in [16].

As for engines operating in the first stages and thus subjected to various external pressure
conditions, additional considerations are required if the designer is not able to provide the
pe input.
An initial analysis for these engines was carried out using sea-level ambient pressure as the
nozzle exit pressure, assuming nozzle adaptation conditions that optimize the very early
phase of the launch. However, this led to suboptimal results regarding expansion ratios,
which were significantly underestimated.
Furthermore, it must be noted that there is no well-defined trend for the expansion ratios
of first-stage engines. For example, the Merlin 1C [16] has an expansion ratio of 14.5,
while the Vulcain 2 reaches 58.5 [18]. This is due to the fact that the Falcon 9 first stage
has a burn time of 145 seconds [40], whereas the Ariane 5 EPC continues operating up to
altitudes of around 200 km as reported in [7]. Therefore, depending on the type of mission
and launcher, even first-stage engines may be designed considering operation during the
vacuum phase.
It is clear that the condition of perfect adaptation for first-stage engines occurs only at
a specific altitude. During the remaining phases of flight, the nozzle will be either over-
expanded or under-expanded, as also reported in [25]. Thus, the proposed strategy, when
the designer is unable to provide the value of pe, is precisely to identify and suggest a range
for selecting the adapted pressure levels for engines designed to operate more efficiently at
low or high altitudes.

The devised strategy is simple yet effective, and it is mainly based on the pressure data
from the ISA standard atmosphere table and the result obtained for the HM7B engine
operating in vacuum, as reported in [16].
If the designer expects the first stage engine to optimize performance under atmospheric
conditions, then the adaptation pressure is assumed to be within a range around the av-
erage of the atmospheric pressures up to an altitude of 10 km. This results in a value of
pe = 0.0578MPa suitable to ensure good performance at low altitudes. Since, as men-
tioned earlier, it is not easy to identify an exact adaptation pressure, the input ”Vacuum
Optimization” suggests the user a range of pressures around the estimated value, in order
to provide a reasonable degree of flexibility. Specifically, if ”Vacuum Optimization” is set
on ”no”, the range suggested is 0.03MPa− 0.07MPa.

On the other hand, if the designer expects the engine to provide better performance at
higher altitudes and near vacuum, the adaptation pressure is within a range around a value
calculated as the average between:

• the mean atmospheric pressure of the ISA Standard up to 20 km altitude

• the vacuum exit pressure value obtained from [16].

Thus resulting in pe = 0.019MPa which is similar to the result reported in [37] that un-
derline as the Vulcain 1, for instance, has its adaptation pressure at padapt = 0.018MPa
at an altitude of 15km.
This allowed to find a range between 0.011MPa− 0.027MPa to better characterize the
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design of engines that will operate optimally at higher altitude.

Although the formulas used to derive the expansion ratio (eq.68) are presented later, figure
22 is shown here to immediately highlight how this strategy has yielded excellent results
in terms of expansion ratio characterization.
Note that this same reasoning also applies to SRM engines; therefore, the considerations
discussed previously and the trends shown in figure 22 are also valid for the characterization
of the expansion ratio of this type of engine.

Figure 22: Ae

At
(β) trend for different values of pe

In figure 22 is possible to observe that the assumption of pe = 0.101325MPa leads to
underestimation of the expansion ratio, while the pe = 0.0578MPa provide better approx-
imation for low altitude operations optimization and in the end pe = 0.019MPa leads
to appropriate values of expansions ratio for engines designed to operate better at higher
altitude.

After these considerations about the expansion ratio, the explanation of how the mod-
ule works is continued. Once the pe value is entered, the compression ratio is obtained.

β =
pc
pe

(53)

From the selected propellant type, the Combustion Chamber Temperature is deter-
mined according to table 15 [35], and theMolar Mass of the combustion reaction products
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is calculated using a simplified approach based on the assumption of stoichiometric equi-
librium.
Knowing the molar mass of the combustion products is fundamental to calculate the ex-
haust velocity c which allows for computing a new value of the specific impulse by also
considering data related to the technological limits of the engine itself. It should be noted
that, since the specific impulse is an input required at the beginning of the methodology
(through the propellant selection), a further simplified version can be used that computes
the exhaust velocity c starting from Ispi

as c = Isp · g0, thus allowing an accurate thrust
estimation in case the specific impulse value recalculated by this module turns out to be
significantly different from the actual one provided in the database.
To explain how this sub-module operates, the example involving LOX/LH2 is presented.
The analysis initially considers the combustion reaction under stoichiometric conditions
(eq. 54), and the molar mass of the resulting product is determined.

2H2 +O2 → 2H2O (54)

As a result, the molar mass of the product is obtained; in this specific case, for water, it is
equal to 18 g/mol.

The next step involves calculating the available moles of oxidizer and fuel by means of
the mixture ratio. 

nH2
= 1

MH2

nO2
= Mixratio

MO2

(55)

In which the mixture ratio is the ratio of oxidizer mass to fuel mass in a rocket engine, while
MO2

and MH2
are the molar masses of the oxidizer and the fuel before the combustion.

Then, using the available reactant moles, the excess reactant quantities, indicated with n∗

and the product moles, written easily as nH2O, determined by stoichiometric relations, are
computed as shown in the following equations.



if nH2
≥ 2nO2

(
nH2O = 2 · nO2

nH2∗ = nH2 − 2 · nO2

else

(
nH2O = 2 · nH2

nO2
∗ = nO2

− 0.5 · nH2

(56)

Of course, in eq.56 it can be seen that the moles of H2O are equal to the moles of the
reactant present in the smaller amount.

Finally, the total mass and the total number of moles of the products are calculated,
whose ratio yields the molar mass of the products as shown below, in which is possible to
observe how the total number of moles of the products is obtained summing the moles of
the excess reactant (n∗

H2
or n∗

O2
) and the moles of the main product (nH2O). Then the

average molar mass can be calculated as shown in equation 58.

72



Vehicle Design Routine



if nH2 ≥ 2nO2

(
ntotprod = nH2O + n∗

H2

masstotprod = nH2O ·MH2O + n∗
H2

·MH2

else

(
ntotprod = nH2O + n∗

O2

masstotprod = nH2O ·MH2O + n∗
O2

·MO2

(57)

Mprod =
masstotprod
ntotprod

(58)

In the equation above, ntotprod is the total number of moles of the products, in other words
is the sum of the excess reactant and the main product moles, while Mprod is the average
weighted molar mass of the products.

This procedure was carried out also for N2O4/MMH and N2O4/UDMH. Below are the
simplified complete combustion reactions that were considered for the calculation, while the
handling of excess fuel or oxidizer was carried out as shown in the previous example about
LOX/LH2. Note that these reactions were developed based on the concepts explained in
[13], starting from the basic formulas of the reactants found in [42] and developing the
stoichiometric equilibrium as previously described.

N2O4/UDMH

(CH3)2N2H2 + 2N2O4 → 3N2 + 2CO2 + 4H2O (59)

N2O4/MMH

2 · CH3NHNH2 + 2N2O4 → 3N2 + 2CO2 + 4H2O (60)

In the reactions mentioned above, the one concerning LOX/RP-1 is notably absent. This
is because the simplification of its chemical reaction yielded results that are not compa-
rable to real data, leading to the conclusion that for more complex compounds like RP-1,
this method is not even applicable. Therefore, to recalculate the specific impulse for this
propellant, the value of MLOX/RP−1 = 23g/mol reported in [35] was used directly.

Table 17 shows the results obtained from this procedure in terms of the average molar
mass of the reaction products. The tabulated ”CEA” values refer to the results reported
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in [35], calculated using NASA’s CEA software. However, it should be noted that the value
related to N2O4/UDMH was derived from the data reported in [42]. Nevertheless, it can
be observed that the results are unfortunately not optimal in terms of average molar mass,
except for the LOX/LH2 case. Indeed, errors of up to 29% can be observed, which could
lead to a poor estimation of the recalculated specific impulse.

Table 17: LRE Combustion Reaction Products Average Molar Masses

Once the average molar mass of the combustion products has been calculated, it is thus
possible to find the effective exhaust velocity as follows [21].

c =

s
(
2 ·R
M

) · ( γ

γ − 1
) · Tc · (1−

1

β
γ−1
γ

) (61)

Where M is the average molar mass of the products, Tc is the chamber temperature, β is
the compression ratio, γ =

cp
cv

≈ 1.23 is the ratio between specific heats (assumed constant

for this study [42]) and R = 8314 J
kmol·K is the perfect gas constant.

And consequently:

Isp =
c

g0
(62)

Therefore, after recalculating the specific impulse, it is possible to evaluate how the error
on the molar mass of the products affects it, and thus make some considerations on the
matter, in table 18 the results are presented.

Table 18: Isp re-calculation using molar mass computed by the tool
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It can be observed that, apart from the LOX/LH2 case, the other specific impulses are
not accurately approximated, both in vacuum and at sea level. This could lead to an
underestimation of the thrust; therefore, it is clear that this approach cannot be reliably
used within the tool due to its low maturity level.
However, several solutions have been identified. The first, as previously discussed, is to
avoid recalculating the specific impulse and instead use the value provided in the database.
The second involves using the molar mass results obtained in [35], through analysis per-
formed with the NASA CEA software. By entering into the tool the molar masses listed
in the CEA column of table 17, the following results are obtained, as shown in table 19.

Table 19: Isp re-calculation using molar mass from [35] and [42]

Therefore, from table 19, it can be observed that these results are significantly more ac-
curate than the previous ones. As a result, it is possible to directly use the engine design
module by assuming these molar mass values simplifying the process.

However, it should be noted once again that equations 61 and 62 could also have been
omitted, since it is possible to calculate c as in eq.63, knowing the Isp from the database
value.

c = Ispdatabase
· g0 (63)

Subsequently, by calculating the corrected mass flow rate under sonic conditions at the
throat (eq.64) and the characteristic velocity (eq. 65), it is possible to obtain the first fun-
damental output, the Nozzle Throat Area, using the formulation provided in equation
66 [21].

Γ =

s
γ · ( 2

(γ − 1)
(γ+1)

2·(γ−1)

) (64)

In eq.64 Γ is the correct mass flow-rate in nozzle section [21] and γ is again the ratio
between specific heats. So it is possible to observe that Γ is a constant value as the as-
sumption of γ = const is made [21].

c∗ =

q
R·Tc

M

Γ
(65)

In equation above, c∗ is the characteristic velocity, a parameter that depends solely on
the thermodynamic properties of the combustion products and is useful for comparing the
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efficiency of the combustion process independently of the nozzle geometry [42].

At =
ṁp · c∗

pc
(66)

In equation 66 the throat area At is computed starting from the propellant mass flow-rate,
the chamber pressure and the characteristic velocity.
After these calculations, it is possible to compute the Mach Number of the gases exiting
the nozzle (eq.67), thus the Expansion Ratio can be determined (eq. 68) [21].

Me =

r
β

γ−1
γ · 2

γ − 1
(67)

In which it is noted that Me depends only by the compression ratio β, thus depends on pc
and pe.

Ae

At
=

1

Me
·
( 2
γ+1 ) · (1 +

γ−1
2 ) ·M2

e

2 · (γ − 1)
(68)

From the eq.68 it can be observed as the expansion ratio (Ae

At
) is only a function of Mach

of exhaust gases, which typically ranges between 3 and 6 as reported in [42].
And consequently the Nozzle Exit Area can be found as follows:

Ae =
Ae

At
·At (69)

And finally the Diameters can be computed:
dthroat = 2 ·

q
At

π

dExit = 2 ·
q

Ae

π

(70)

At last, it is possible to compute the Engine Thrust with the simplified formulations that
follows.

T = ṁp · c (71)

It should be noted that this is a simplified model which does not account for fluid dynamic
losses, as these are difficult to evaluate at such an early stage of the design process. In a
future development of the methodology, it could be of interest to introduce a loss model
already in this preliminary design stage, in order to characterize the propulsion system in
a more detailed way.

From the poor results obtained in table 18, it was concluded that, in order to prevent
the error from propagating to the thrust calculation (which would subsequently lead to
inaccurate estimates in the ”Mass & Dimensions Estimation” module), it is preferable to
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modify the module by directly implementing the molar masses reported in [35]. This allows
for more accurate specific impulse calculations (as highlighted in table 19), leading to more
reliable thrust estimates and, consequently, to a more satisfactory estimation of mass and
dimensions.

3.4.4 SRM Design Module

This module is the dual of the one previously shown and offers a simplified approach to
sizing Solid Rocket Motors based on the performance formulations of end-burning mo-
tors [42].

For this module as well, the main objective is to calculate the Thrust of the single motor,
the Expansion Ratio Ae

At
and the Throat and Exit Areas and Diameters

For the development of this module, a simplified approach was adopted, which, for ex-
ample doesn’t account for the grain geometry of the propellant and does not consider the
variability of mass flow rate (and consequently Thrust), but instead assumes an average
value. Moreover, given the complexity of the chemical reactions in this type of propulsion
system, a more straightforward method was used compared to LREs, starting directly from
the Specific Impulse of the propellant to calculate the thrust.
It should also be noted that for this type of engine, this thesis does not consider optimiza-
tion exclusively for vacuum operations. However, as reported in [31], SRMs such as the
Zefiro 23 (second stage) and Zefiro 9 (third stage) of Vega launcher, have expansion ratios
of 25 and 56, respectively, indicating that their design pressure is suited for high-altitude
operation.
Therefore, even for this type of engines, if the value of pe is not known, it is possible
to better characterize the expansion ratio by using the ”Vacuum Optimization” input for
solid-propellant powered stages in order to identify and suggest the appropriate pe range,
as shown in figure 22.

This module therefore begins by calculating the Compression Ratio as in equation 53
by entering the chamber pressure (that ranges typically from 4 to 12 MPa [29]) and the
exhaust pressure, and computing the Correct Mass Flow-Rate as in eq.64; subsequently
the Ideal Thrust Coefficient is obtained [21].

CTideal
= Γ ·

s
2γ

(γ − 1)
· (1− β

γ−1
γ ) (72)

In which Γ is the correct mass flow rate, γ ≈ 1.23 is the ratio between specific heats,
assumed constant to simplify the study [21], and β is the compression ratio.

Subsequently, the exit gas Mach Number is also calculated from the compression ratio,
in accordance with equation 67. Starting from the Exhaust Gas Mach Number is then
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possible to compute the Expansion Ratio Ae

At
in the same way as reported in equation 68.

Alongside this, the choice of propellant determines the specific impulse, from which the
effective exhaust velocity is obtained.

c = Isp · g0 (73)

Where Isp is obtained directly from the database. It is worth noting that this procedure
could also be applied to LREs, thereby enabling a simplified treatment of their analysis as
said in the previous paragraph.

As a result, the Thrust can be easily computed based on the average mass flow rate input.

T = ṁp · c (74)

Using the effective exhaust velocity and the thrust coefficient, the characteristic velocity is
then calculated, as shown in the following equation [21].

c∗ =
c

CTideal

(75)

Consequently, the throat area of the engine can be readily calculated using the character-
istic velocity c∗, the mean propellant mass flow rate ṁp and the chamber pressure pc [21].

At =
ṁp · c∗

pc
(76)

And finally, the Exit Area is obtained.

Ae =
Ae

At
·At (77)

In the end the diameters can be found using the circle surface formulation, shown in
equation 70.
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3.4.5 Engine Design Module Validation

To conclude and validate the results obtained, several tests were carried out by entering
real values from some commercially available engines. This was essential in order to assess
the accuracy of the results generated by the tool.

It is also recalled that, given the results shown in table 18, the LRE engine design module
was developed using the molar masses derived from [35], which provided highly accurate
Isp values, as confirmed in table 19.

Vulcain 2
The first test of the LRE module was carried out on the Vulcain 2 engine, which powers
the core stage of Ariane 5 in ECA configuration [7].
This is a gas-generator cycle turbopump engine, powered by LOX/LH2 [16]. The propel-
lant mass flow rate was estimated using the propellant mass and combustion time data
provided in the user manual [7], while the chamber pressure was assumed based on the
value reported in [16]. The results in terms of thrust, expansion ratio, and exit diameter
are compared with the reference data reported in [16].
In table 20 are shown the inputs used for testing the tool in the estimation of performance
of this engine.

Table 20: Engine Design Module Validation: Vulcain-2 Input Data

It can be observed that for this engine is available the exhaust pressure, so the input
”Vacuum Optimization 1st” is not required. The exhaust pressure data has been obtained
from the result shown in [16].
Additionally, it should be noted that from the selection of the propellant type, the product
molar mass and the chamber temperature are derived as explained previously [35]. In the
LREs module the specific impulse is recalculated starting from these data, thus it is not
necessary to extract it from the database.
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The tool results for the Vulcain 2 engine are shown instead in the following table.

Table 21: Engine Design Module Validation: Vulcain-2 Results using real pe

It can be observed that the results obtained provide an excellent estimate of the engine’s
performance, with deviations of no more than 10% from the actual values reported in [16].
The biggest error of 10% comes from the fact that the exhaust pressure used as input is
related to the result obtained in [16] and it not precisely the exhaust pressure of the real
engine. In particular, note the high level of accuracy achieved by the tool in calculating
the thrust, which is crucial to mitigate error propagation in the subsequent modules once
the engine design module is integrated into the overall routine.

An additional test was performed for this engine to specifically evaluate the accuracy
of the expansion ratio estimation in the absence of an exact value for the exhaust pressure.
The results obtained using the pressure value pe = 0.0115MPa, in the range of pressure
derived through the strategy previously described, are presented below.

Table 22: Engine Design Module Validation: Vulcain-2 Results using pe = 0.0115MPa

It can be observed that the results are even more accurate in terms of nozzle exit diameter
and expansion ratio, confirming that providing the user with a reference range to guide the
selection of the exhaust pressure is an effective method for achieving accurate outcomes.
This result therefore suggests a further potential enhancement to the module: replacing the
input ”Vacuum Optimization” with the altitude at which the engine is expected to operate
under adapted conditions (on the basis of the concepts reported in [37]). From this input,
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the corresponding ambient pressure could be retrieved from tabulated data (such as ISA
values below 20 km used for this study). This input would likely be more intuitive than
directly specifying a desired exhaust gas pressure, and would allow for greater flexibility in
the engine design process.

Merlin 1C
The second test of the tool was carried out on the Merlin 1C, which is the engine model
used in the first stage of the Falcon 9. This engine is TurboPump-fed using a gas generator
cycle and runs on LOX/RP-1 [16]. The input values used are listed in table 23 and have
been found from data reported in [16], the results of course, are also compared to data
presented in [16].

Table 23: Engine Design Module Validation: Merlin 1C Input Data

In the table above it is possible to observe that in this case the pe is not available and
since this engine is designed to optimize its performance at low altitude, so the ”Vacuum
Optimization” is set on ”No” and the tool suggests the range pe = 0.03MPa− 0.07MPa
as described before, thus a pe = 0.031MPa is selected.

The following table instead presents the output results obtained from the tool for the
Merlin 1C case study.

Table 24: Engine Design Module Validation: Merlin 1C Results
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It can be observed that the results produced by the tool are highly accurate in this case
as well, further confirming that the adopted strategy is effective in supporting the design
of these engines.

Vinci
The Vinci engine is optimized to operate in vacuum conditions, and therefore features a
much higher expansion ratio compared to first-stage engines. Vinci powers the second stage
of Ariane 6 and Ariane 5 in its ESC-B configuration and is a TurboPump-fed engine using
an expander cycle and powered by LOX/LH2 [16]. As with other engines, the input data
are obtained from [16] and the results will be compared to data also reported in [16].

Table 25: Engine Design Module Validation: Vinci Input Data

In table 25 it can be observed as the tool suggests the range of exhaust pressure for vac-
uum optimization since ”Engine Stage” input is set on ”2nd”, this allows to characterize
engines for upper stages as explained before. Thus an exit pressure is of pe = 0.00135MPa
is selected from this range.

And finally, the results obtained for this case study are shown in table 26.

Table 26: Engine Design Module Validation: Vinci Results
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Also in the case of engines designed for vacuum operations, it can be observed that the
results are estimated with very high accuracy, with errors that not exceed 2.5%. Note that
the thrust at sea level is not computed for the engines optimized for vacuum operations.

P-241 Boosters
The following example focuses on the SRM Design module test. This case study involves
the P241 used for the two side boosters of Ariane 5 in ECA configuration. These engines
are fed with AP/Al/HTPB and provide the main contribution to the total thrust of the
launcher’s first stage. The input data used for the test are reported in table 27 and ob-
tained from [32].

Table 27: Engine Design Module Validation: P-241 Input Data

Since the burn time of these booster is approximately 140s it has been assumed to optimize
the performance for low altitude operations, so the ”Vacuum Optimization” input suggests
the range between 0.03MPa and 0.07MPa, in which an exhaust pressure of 0.042MPa has
been selected. The mean mass flow-rate has been computed starting from values reported
in [32], while the chamber pressure was obtained from [33].

And finally, the results obtained are listed below.

Table 28: Engine Design Module Validation: P-241 Results

From table 28, it can be observed that the results are extremely accurate in this case as
well, however, it should be noted that the simplification of using the propellant mean mass

83



Vehicle Design Routine

flow-rate requires a precise estimation of this parameter, in order to avoid excessive errors
in the Thrust value. Note that the specific impulses were also compared, even though
they were taken directly from the database, in order to assess potential uncertainties in
the initial input data. All reference data were obtained from [32], except for the expansion
ratio, which was sourced from [33], and the nozzle exit diameter, which was taken from
[16]. Additionally, it can be observed that the value of the thrust is a ”mean” thrust, since
it was considered a mean propellant mass flow-rate. Additionally, note that the Thrust
is computed using Ispvac

since the formulation of the ”Mass & Dimensions Estimations
Module typically use the vacuum thrust [16].
These results confirm the reliability of the module, which proves capable of performing also
SRM engine design with a high degree of accuracy.

3.4.6 Engine Design Module Integration

Like the other modules, the Engine Design Module must also be integrated into the Vehicle
Design Routine. To provide the necessary inputs to the Mass & Dimensions Module, it is
essential to know certain parameters, such as the number of engines per stage, the thrust
of individual engines, and several others that will be detailed in the dedicated section.

Serial Staging
For launch vehicle with a serial configuration, the integration of the engine design module
is relatively straightforward, and the following inputs are required (table 29)

Table 29: Inputs for Engine Design Module Integration - Serial Staging

Where the residual masses of the launch vehicle correspond to the m0i values shown in
figure 17, and for the first stage is equal to MTOM. The T

W i
are the thrust to weight

ratios entered as inputs, they are necessary to initiate the first cycle of the routine, and
are fundamental to compute the number of engines needed for each stage. While Tengine

is the thrust of the single engine designed for the specific stage. It is the main output of
the ”Engine Design Module” previously described.
The thrust to be provided by each stage is then calculated using the following equation:

Ti =
T

W i
·Massresi · g0 (78)
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Thus, equation 78 give the total Thrust per each stage, multiplying the T
W i

by the weight
of the residual mass of the launcher (Massresi · g0).
Therefore, knowing the thrust of a single engine, it is possible to compute the number of
engines required to provide the total thrust. The ”ceil” function was used to round up the
number of engines to the nearest next integer, ensuring that the required thrust is fully met.

nenginei = ceil(
Ti

Tenginei

) (79)

In which nenginei is the number of engines per each stage, Ti is the total thrust required
and Tenginei is the thrust of the single engine.
Subsequently, the total thrust and the T/Wi ratio of each stage were updated using the
following equations.

Ti|update
= nenginei · Tenginei (80)

Where Ti|update
is the updated total thrust of the stage, obtained multiplying the actual

number of engines by the thrust of a single

T

W i|update

=
Tenginei|update

Massresi · g0
(81)

And finally, the T
W i

is also updated, allowing the correct functioning of the iterative cycle.

Parallel Staging
Additionally, a different integration strategy was developed for the first stage of launch
vehicles with a parallel configuration. In this case, an input is required to distribute the
total first-stage thrust between the side boosters and the core. The designer is therefore
required to provide a percentage value to divide the thrust between the boosters and the
core. In this thesis, the focus was primarily on configurations with SRM boosters, which
typically provide higher thrusts than LREs. Based on the thrust data of the Ariane 5
boosters [32] and the Vulcain 2 engine of the core stage [16], it can be observed that the
boosters provide approximately 85%-90% of the total thrust. Therefore, this input can be
defined with greater awareness after completing the engine design process, relying on the
thrust results obtained.
The inputs needed to integrate the module in the case of a parallel configuration are shown
in table 30
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Table 30: Inputs for Engine Design Module Integration - Parallel Staging

In table 30 it can be observed that the residual mass of the launcher and the first guess
of T

W i
are required as the previous case, but now are necessary both the thrust of the

core stage and the boosters, in order to compute how many engines are needed to meet
the total thrust designed for the core and how many boosters are necessary to reach the
boosters total thrust. Finally, as said before, the Tparalleldistribution

allows to distribute
thrust contribution among core and boosters.

The total thrust of the first stage is thus calculated.

T1 = MTOM · T

W 1
(82)

Here it can be observed as the T
W 1

is related to the first stage only, as the parallel staging
configuration is typically used for the lower stage.
And then the thrust is distributed between the boosters and the core as shown in the
following expressions. 

Tbooster = Tdistributionparallel
· T1

Tcore = T1 − Tbooster

(83)

It should be noted that in eq.83 the Tparalleldistribution
represent the percentage of boosters

thrust, and thus the core thrust is determined as the complementary value to the total
thrust of the first stage.
Subsequently, the number of core engines and the number of required boosters are cal-
culated. For the latter, a minimum value of 2 has been set to prevent single-booster
configurations which would result in asymmetric thrust and suboptimal performance.

nbooster = ceil( Tbooster

Tenginebooster
)

ncore = ceil( Tcore

Tenginecore
)

(84)
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In which, of course, the number of boosters is computed dividing the boosters total thrust
by the single booster thrust and the number of engines of the core is computed in the same
way.

Finally, as done for the serial configuration module, the thrust and T
W 1

of the first stage
are updated using the equations shown below.

T1|update
= (nbooster · Tenginebooster ) + (nenginecore · Tenginecore)

T
W 1|update

=
T1|update

MTOM ·g0

(85)

In this case as shown in eq.85 the total thrust is obtained from the sum of the thrust of
the single booster multiplied by the number of boosters and the thrust of the single core
engine multiplied by the number of engines of the core.

However, the integration of this module within the Vehicle Design Routine has made
the methodology more sensitive to the input parameter values required to initialize the
routine. This is related to the fact that the previous methodology involved providing the
number of engines per stage as an input and then calculating the thrust of each engine
by dividing the required total thrust by the specified number of engines. Although this
strategy allowed for less detailed characterization of the propulsion system, it was optimal
because it stabilized the results obtained in the subsequent Mass & Dimensions Estimation
Module. For example, it ensured that the number of engines and side boosters remained
fixed, thus preventing the iterative cycle from diverging or converging to a different engine
and booster configuration than expected.

The application of this methodology to a real case study revealed critical issues precisely
due to the different approach to calculating engine performance. Allowing the number of
engines and boosters to vary meant that the total structural mass of the launcher could
vary significantly, especially in the parallel staging configuration, leading to results that
differed from the actual case study values, or in the worst case, to divergence of the itera-
tive cycle.
Therefore, this methodology with the Engine Design Module applies reasonably well to
case studies if the input data on T

W i
and structural ratios (ϵi) are sufficiently accurate, and

providing plausible and physically consistent results in the case of free design.

In conclusion, as evidenced by the results obtained, this module allows for a more in-depth
and accurate characterization of the propulsion system design. However, it also makes the
entire routine more sensitive to the initial values of ϵi and

T
W i

, thereby requiring their more
meticulous calibration.
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3.5 Mass & Dimensions Estimation Module

The Mass & Dimensions Estimation Module is essential for calculating all the contribu-
tions of the various launcher components which, when summed, determine the sizing of
the vehicle. Specifically, this module uses formulations already employed in the previous
version of the methodology [28].
This module is therefore necessary to perform the mass breakdown and dimension break-
down of each stage, and consequently update the structural ratios provided as input, thus
allowing the entire process to iterate until a predefined convergence criterion is met.

Like the previous module, this one also supports the estimation of mass and dimensions of
stages with LRE and SRM engines. The HRE type has not yet been included in this version
of the methodology, but it can be easily integrated by reusing the one previously developed.

3.5.1 Mass & Dimensions Estimation Module Inputs

As mentioned earlier, this module handles both stages equipped with LRE engines and
those with SRM engines. The formulations presented for the two types are, of course, very
different and therefore require different input data.
This section presents the inputs required by the module to accurately estimate the masses
and dimensions of the launcher for the two cases.

LRE Mass & Dimensions Inputs
To estimate the dimensions of stages powered by LRE engines, a greater number of inputs
is required, which are summarized in the table 31.
As can be seen from the table, many of the inputs are derived from the previous modules
and databases, while others must be provided by the designer and are mostly optional.
Regarding the latter, we can mention the following:

• Dcasei
: it is the combustion chamber case diameter, this parameter can be used to

more accurately characterize the length and mass of the engine. However, if the
designer does not have this data, the tool uses interpolation formulas to estimate
these parameters, and it should be considered as optional.

• Nozzletypei
: this input specifies the nozzle type of the engine, and the designer can

choose between a ”Cone” or ”Bell” configuration. This parameter is also considered
optional and serves to better characterize the engine’s properties. However, as before,
if the designer does not have this information, the tool is still able to estimate the
engine’s mass and length characteristics.

• ptanki
: this is actually a fixed parameter and represents the tank pressure. Depending

on the engine type, recommended ranges are 0.3 to 0.5 MPa for TurboPump Engines
and 3 to 5 MPa for Pressure-Fed Engines [28]. In this study, it is assumed both the
oxidizer tank and the fuel tank operate at the same pressure.

• Di: it is the stage overall diameter, it is the only input strictly required to the
designer in order to ensure proper operation of this module.
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Table 31: Inputs for LRE Mass & Dimensions Estimation Module

Another important input is the so called Engine Cycle that underline the thermodynamic
cycle the engine perform, the graphical schemes of the cycles mentioned in the following
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lines are shown in figure 23. Among LREs, two widely adopted thermodynamic cycles are
the Expander Cycle and the Gas-Generator Cycle.
The former (used for example in the Vinci engine of Ariane 5 and 6 [16]), relies on the
heating of the propellants via the engine cooling system to drive the turbine, offering high
efficiency and low contamination of the working fluids. However, it is generally limited in
terms of achievable thrust due to thermal constraints.
In contrast, the Gas-Generator cycle burns a small portion of the propellants in a sepa-
rate pre-burner to power the turbopumps. While this approach is less efficient than the
expander or staged combustion cycles, it allows for greater design flexibility and higher
thrust levels, making it a common choice for first stage or booster engines.
In addition to expander and gas-generator cycles, another prominent propulsion architec-
ture is the Staged Combustion Cycle. In this configuration, a pre-burner partially
combusts propellants to generate high-pressure hit gases that drives the turbine before
being injected into the main combustion chamber for complete combustion process. This
closed-loop approach allows for extremely high combustion chamber pressures and overall
efficiency, at the cost of increased system complexity and thermal constraints.[42]
It should also be noted that all inputs labeled with ”Press” refer to the pressurant tank,
which is sized using helium as the pressurizing gas. This approach is consistent with the
methodology adopted in the previous version of the tool [28].

Figure 23: Engine cycles: Gas generator, Staged combustion and Expander [14]
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SRM Mass & Dimensions Inputs
The section concerning the sizing of the stages with SRM engines requires a smaller number
of inputs, which are listed in table 32.

Table 32: Inputs for SRM Mass & Dimensions Estimation Module

The inputs are similar to those previously described, with the simplification introduced by
the use of solid propellants, which do not requires a distinction between oxidizer and fuel
tanks. Finally, the only parameter that differs from the LRE submodule is the TVC.
Thrust vector Control (TVC) is a system used to steer a launch vehicle by deflecting the
thrust vector generated by the engine. As described in [42], TVC enables control over
pitch, yaw, and sometimes roll, particularly during phases of flight where aerodynamic
surfaces are ineffective or unavailable.
In LREs TVC is almost always present, typically implemented via gimbaled engines actu-
ated by hydraulic or electromechanical systems. This setup allows precise control, lever-
aging the throttleability and flexibility of liquid propulsion systems. This is why the tool
does not require the ”TVC” input, it is always present and fixed in the formulations that
will be explained in the following paragraph.
In SRMs TVC is more constrained but still commonly used, especially in booster stages.
Solutions include flexible nozzles, jet vanes, or secondary fluid injection. Due to the in-
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herent rigidity and fixed thrust of SRMs, TVC must be simple, robust and reliable [42].

3.5.2 LRE Stages Mass & Dimensions Estimation

The estimation of mass and dimensions relies on formulations previously developed in the
literature [35] [16], which were also implemented in the earlier version of the methodology
[28], having been previously validated.

Engine Length Equations
The first parameter to be estimated is the engine length, which can be obtained through
the interpolative formulations presented in [35], in the absence of additional inputs such
as the case diameter and nozzle type.

Lengine = 0.88 · T 0.255
vac · n−0.4

engine · (
Ae

At
)0.055 for TurboPump

Lengine = 1.4921 · lnTvac · −13.179 for Pressure− Fed

(86)

Important observations can be drawn from these, using the two graphs presented in figures
24 and 25.

Figure 24: Engine Length Low Thrust TurboPump
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Figure 25: Engine Length Low Thrust Pressure-Fed

From the figure 24, it can be observed that the interpolative formulation provides phys-
ically acceptable values even at low thrust levels. It is also evident that the dominant
contribution comes from the engine thrust, while the expansion ratio, being raised to a
power of only 0.055, has a relatively low impact on the final result. It should also be noted
that in this analysis, the number of engines was set to 1.

Very different considerations can be drawn from figure 25, which refers to case studies
involving low-thrust pressure-fed engines. It can be observed that for thrust values below
6853N, the formulation yields negative engine lengths. Therefore, for engines providing
thrust below 9kN, this formulation is unlikely to produce reliable results.

An alternative is provided by the formulations presented in [16] and shown below, which,
however, require knowledge of the nozzle type and the combustion chamber case diameter.

Lengine = Lfeed + Lconv + Ldiv (87)

Where Lconv is the length of the convergent part of the nozzle, calculated as:

Lconv =
Dcase −Dthroat

2tan(ζ)
(88)

In which, ζ is the convergent half angle, that typically ranges between 30◦ − 60◦ from
literature [16].
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While, Ldiv is the divergent part of the nozzle and it is calculated as follows.

Ldiv = K
Dexit −Dthroat

2tan(ξ)
(89)

In which: 
K = 0.8 for ′Bell′ Nozzle

K = 1 for ′Cone′ Nozzle

(90)

While ξ typically ranges between 12◦ − 18◦ and is the divergent half-angle [16].

The characteristic combustion chamber length is then estimated using the following strat-
egy. 

Lcc = 0.89 for ′Cryogenic′ Propellant

Lcc = 1.15 for ′Cryo− Storable′ Propellant

Lcc = 0.74 for ′Storable′ Propellant

(91)

And is then possible to estimate the length of the feed system Lfeed from the equation 92.

Lfeed = Kft · (Lcc + Lconv) (92)

Where Kft is a constant value, estimated as follows:
Kft = 1 for TurboPump

Kft = 0.6 for Pressure− Fed

(93)

Subsequently, the engine mass can be computed using the following formulations, which
are distinguished between TurboPump and Pressure.Fed systems.

TurboPump Gas-Generator Engine Mass Equations [16]

mengine = 7.54354 · 10−3 · T 0.885635
vac + 20.2881 Cryogenic [0kN < Tvac < 8000kN ]

mengine = 3.75407 · 103 · T 0.0705627
vac − 8.8490 · 103 Cryo− Storable [200kN < Tvac < 2000kN ]

mengine = 6.37913 · T 0.353665
vac − 148.832 Storable [0kN < Tvac < 3000kN ]

(94)
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Figure 26: Engine Mass for TurboPump Gas-Generator and Cryogenic Propellant

These formulations have already been validated multiple times; however, also in this dis-
cussion is possible to highlights how the equation yields excellent results (figure 26) when
applied for example to the Vulcain-2 engine [16]. This example also further demonstrates
how the ”Mass & Dimensions Estimation Module” can also be employed as a standalone
tool, as it provides accurate and physically consistent results within the identified opera-
tional ranges.

TurboPump Staged-Combustion Engine Mass Equations [16]

mengine = −1.17899 · 108 · T−0.7380845
vac + 6098.05 Cryogenic [500kN < Tvac < 5000kN ]

mengine = 1.65368 · T 0.569842
vac − 4.3789 · 103 Cryo− Storable [2050kN < Tvac < 10000kN ]

mengine = 8.51852 · 10−3 · T 0.852826
vac − 1.06632 · 102 Cryo− Storable [0kN < Tvac < 2050kN ]

mengine = 4.74445 · 10−1 · T 0.535755
vac − 7.73681 Storable [0kN < Tvac < 5000kN ]

(95)

It can be observed that also in the case of the staged combustion cycle, the interpolating
formulas depend solely on thrust. However, these were of lower interest in this study, as
the focus was primarily on the analysis of the other engine cycles.
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TurboPump Expander-Cycle Engine Mass Equations [16]

mengine = −9.76421 · 104 · T−0.427622
vac +897.980 Cryogenic [50kN < Tvac < 300kN ] (96)

Figure 27: Engine Mass for TurboPump Expander Cycle and Cryogenic Propellant

From figure 27, it can be observed that the curve, when applied to the Vinci engine [16]
(which powers the upper stages of Ariane 6), yield results that are extremely close to the
actual values. Thus it can be assumed that the outputs provided are consistent, confirming
the general reliability of the formulation.

Pressure-Fed Engine Mass Equations [16]

Cryo− Storable [0kN < Tvac < 400kN ]

mengine = −2.13325 · 10−9 · T 2
vac + 1.7087 · 10−3 + 6.38629

Storable [10kN < Tvac < 150kN ]

mengine = −3.36532 · 10−8 · T 2
vac + 4.74402 · 10−3 · Tvac − 19.3920

(97)
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Figure 28: Pressure-Fed Engine Mass Low for Storable Propellants

Analyzing the second formulation, it is observed that it yields physically unacceptable val-
ues for very low thrust levels, as shown in figure 28. Specifically, for thrusts below 4.2kN,
the calculated engine mass becomes negative. Therefore, this formulation can be consid-
ered reliable only for thrusts exceeding approximately 10kN. In cases where it is necessary
to design a pressure-fed engine providing low-trhust, such as the AVUM+ of the VEGA-C
launcher, an alternative relation developed by adjusting the slope and the intercept of the
previous formulation (eq. 98) can be employed, which has shown satisfactory results for
engines with thrust in the range of 1.5kN to 4kN.

mengine = −3.36532 · 10−8 · T 2
vac + 10.7440 · 10−3 · Tvac − 11.3920 (98)

From Figure 29, it can be observed that the model provides physically acceptable and
satisfactory values, when characterizing low-thrust engines. In particular, this ensured an
accurate estimation of the AVUM+ engine mass in the following chapter, whereas the pre-
vious formulation would have yielded a negative and thus physically meaningless result.
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Figure 29: Pressure-Fed engines with very low thrust

Pressurant Tank Sizing
After completing the engine sizing, the focus shifts to the pressurant tank, for which He-
lium has been selected as the pressurant gas. For this estimation, the following fixed
parameters have been used, as outlined in [28].

phelium = 286 bar

Thelium = 293 K

Rhelium = 2077 J
kg·K

γhelium = 1.667

ρhelium = phelium·105
(Rhelium·Thelium)

Kg
m3

(99)

Where phelium is the initial pressure in pressurization gas tank, Thelium is the pressurant
tank temperature and ρhelium is the helium density and is computed from the perfect gas
equation.

Subsequently, the mass of helium and the mass of the pressurant tank are calculated as
follows.
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
mhelium = 1.1 · ptank·105·(Vfuel+Voxidizer)

R·Thelium
· γ
1− ptank

phelium

mpresstank
= 4π ·D2

presstank
· τpresstank

ρpresstank

(100)

The total mass of the pressurization system is then obtained.

mpresssys
= mhelium +mpresstank

(101)

To calculate the fuel and oxidizer volumes, the respective masses were derived starting
from the total propoellant mass obtained through optimal staging and the specified mix-
ture ratio. 

mfuel =
mp

1+Mixratio

moxidizer = mp −mfuel

(102)

And thus, the volumes, in which also is presented the volume of helium.

Vfuel =
mfuel

ρfuel

Voxidizer = moxidizer

ρoxidizer

Vhelium = mhelium

ρhelium

(103)

For the calculation of Dpresstank
, the pressurant tank was assumed to be spherical in shape,

hence the formulation presented in equation 104.

Dpresstank
= (

6 · Vhelium

π
)

1
3 (104)

Finally, τpresstank
, that is the tank thickness in meters, was obtained from the following

formulation, using a safety factor (SF) equal to 2.

τpresstank
= SF · ptank ·Dpress/2

2 · sigmapresstank

(105)
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Oxidizer and Fuel Tanks Sizing
For estimating the tank length of stages propelled by LREs, the following formulations are
used for ”bi-prop” and ”mono-prop” systems, respectively [28]. It should be noted that in
this work the second formulation was not employed, as only bi-propellant were considered.

Ltanks = (Vfuel + Voxidizer +
π
6 ) ·

4·(1+Ullage)
π·D2

stage
Bi− Prop

Ltank = Vfuel · 4·(1+Ullage)
π·D2

stage
Mono− Prop

(106)

Where Ullage is set at 5% and represents the percentage of empty space inside the tank.

Subsequently, the lengths of the cylindrical parts of the two tanks are determined in the
case of a bi-prop system.

Lcylfuel−tank
= 4 · (Vfuel+Ullage·Vfuel−π

6 ·D3
stage)

π·D2
stage

Lcyloxidizer−tank
= 4 · (Voxidizer+Ullage·Voxidizer−π

6 ·D3
stage)

π·D2
stage

(107)

Consequently, the tank masses can be calculated as follows.

mfuel−tank = 1.2 ·
(ρfueltank

·π6 )·(D3
stage−(Dstage−2·τtankfuel

)3)

π·(Dstage−2·τtankfuel
)2 +

+1.5 · [(Dstage

2 )2 − (
Dstage

2 − τtankfuel
)2] · Lcylfuel−tank

moxidizer−tank = 1.2 · (ρoxidizertank
·π6 )·(D3

stage−(Dstage−2·τtankoxidizer
)3)

π·(Dstage−2·τtankoxidizer
)2 +

+1.5 · [(Dstage

2 )2 − (
Dstage

2 − τtankoxidizer
)2] · Lcyloxidizer−tank

(108)

If a mono-prop is selected, only the first equation is used.

The tank wall thickness τtank is calculated with a safety factor of 2 for oxidizer and fuel
tanks using the equations 109.

τtankfuel
= SF · ptank·Dstage/2

2·sigmatankfuel

τtankoxidizer
= SF · ptank·Dstage/2

2·sigmatankoxidizer

(109)

Also in this case, if a mono-prop is selected, only the first equation is considered.
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In the event that Lcyl of either the oxidizer or fuel tank turns out to be negative, the tank
is designed as a spherical vessel, according to the equation shown below.

mfuel−tank = 1.2 · ρfueltank
· π
6 · [(Dfueltank

+ 2 · τtankfuel
)3 −D3

fueltank
]

moxidizer−tank = 1.2 · ρoxidizertank
· π
6 · [(Doxtank

+ 2 · τtankox)
3 −D3

oxtank
]

(110)

The diameter of the tanks is determined using the following equation.

Dtank = (6 +
(1 + Vullage) · Vtank

π
)

1
3 (111)

While, if a mono-prop is selected, there is no oxidizer tank, so its contributions in terms of
lengths and mass is equal to zero.

Once the contributions of the tanks have been calculated, it is possible to determine the
mass of the thermal protection system (TPS), which is only present for propellants of the
cryogenic and cryo-storable classes.

mTPSfuel−tank
= 1.2695 · (2π · rstage · Lcylfuel−tank

+ 4 · π · r2stage)

mTPSoxidizer−tank
= 0.9765 · (2π · rstage · Lcylox−tank

+ 4 · π · r2stage)
(112)

And finally, the mass and length of the intertank can be computed.

Lintertank = 0.3 · rstage

1◦Stage

mintertank = 5.4015 · 2π · rstage · Lintertank · (3.2808 ·Dstage)
0.5169

Upper − Stages

mintertank = 3.8664 · 2π · rstage · Lintertank · (3.2808 ·Dstage)
0.6025

(113)
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3.5.3 SRM Stages Mass & Dimensions Estimation

As previously done for stages powered by LREs, the relationships reported in [28] are used
for the sizing of SRM stages.

Engine Length Equations
In this case, the engine length essentially coincides with the nozzle length, which consists
of a converging and a diverging section. These can be estimated when data regarding the
diameter of the combustion chamber case and the nozzle type are available (eq.114).

Lengine = Lconv + Ldiv = Lnozzle (114)

Where Lconv and Ldiv are estimated with the same formulations shown in equations 88
and 89.

In the event the designer can not provide these inputs, two interpolative formulations can
be used as well.

Lengine = −2 · 10−11 · T 2
vac + Tvac · 10−5 + 0.8158 if (Tvac ≤ 450kN)

Lengine = 0.9975 · ln(Tvac)− 9.3379 if (Tvac > 450kN)

(115)

In figure 30, the trend of the curve for the thrust value above 450 kN is shown, with some
points of interest marked corresponding to the case studies discussed in the following chap-
ter.

Figure 30: SRM Engine Length for T > 450 kN
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Although the exact values of the actual nozzle lengths of the engines shown in the graph
are not available, the results obtained from the interpolation formula provide acceptable
and physically consistent values.
The P120C and Zefiro40 engines represent, respectively, the propulsion systems of the first
and second stages of the Vega-C launcher. From the formula, it can be observed that the
P120C engine has an estimated length of 5.94 m, while the total length of the stage is 11.7
m [39] (while [3] reports a length of the booster equal to 13.5 m), making the result phys-
ically acceptable. Regarding the Zefiro40 engine, its length is calculated as 4.71 m, with
the total stage length equal to 7.6 m [39], thus the value obtained from the interpolation
formula can also be considered acceptable in this case.

As for the Ariane 5 side-boosters, it can be observed that the P238 motor, used in the
G/GS/ES versions, and the P241, used in the ECA version, have a length of 6.33 m and
6.40 m respectively. These values are also considered fully acceptable when compared to
the total length of the boosters, which is approximately 30 m [7].

Regarding the interpolating formulation for thrust values below 450 kN, the following trend
can be observed.

Figure 31: SRM Engine Length for T ≤ 450 kN

It can be observed that, when applied to the Zefiro-9 engine of the third stage of the
Vega-C launch vehicle, this formulation yields a length of approximately 1.98 m, which is
considered physically acceptable given that the overall stage length is 3.9 [39].
However, the parabolic trend of the curve in this range indicates that there is no well-
defined technological pattern, and therefore it can be inferred that the results obtained
from this formulation may be subject to significant variations
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SRM Engine Mass Equations
Subsequently, using the following formulations [28], it was possible to estimate the engine
mass, which for SRM stages essentially corresponds to the nozzle mass.

mengine = 0.0006 · T 2
vac − 0.3214 · Tvac + 263.82 if (Tvac > 200kN)

mengine = 0.1605 · Tvac + 43.702 if (Tvac ≤ 200kN) and No TV C

mengine = −0.00182 · T 2
vac − 1.004 · Tvac − 1.942 if (Tvac ≤ 200kN) and TV C

(116)

The first formulation, however, was derived for both SRM and HRE engines, and when
applied to high thust values, much greater than 200 kN, it produced results that are far
from acceptable, as shown in the following figure.

Figure 32: SRM Engine Mass for high Thrust

It can be observed that for thrusts above 2000 kN the formulation returns results that are
far from physically acceptable values observing the values obtained for the P120C [39] and
the P241 [2].
The P120C, on the other hand, according to [39], has a nozzle weighting 2.7t.

To achieve more accurate results, a new interpolation function was developed, whose trend
is presented below in figure 33.
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Figure 33: SRM Engine Mass - New Interpolative function

And the formulation is shown below.

mengine = 1000 · (1.25595 · 10−7 · T 2
vac − 4.23568 · 10−5 · Tvac + 0.60512) (117)

In this formulation, the data from the SRM stage engines of Vega-C [39] and the value of
the P241 [2] engine were interpolated. It can be observed that the developed curve yields
results that are much more realistic than those previously shown in figure 32, since they
remain within a range below 5 tonnes, which is more appropriate compared to the tens of
tonnes produced by the previous formulation.
This has therefore made it possible to properly size this type of stage and avoid excessive
overestimations, which would have otherwise led to the failure of the methodology.

And finally, the contribution of the TVC has been added to SRM engines whose thrust is
above 200kN.

mTV C = 0.26 ·mengine (118)

SRM Tanks Sizing
Analogously to the procedure adopted for LRE engines, the estimation of the tank dimen-
sions and dry mass is now carried out by applying the analytical formulations presented in
[28].
At first the volume needed to store the propellant is computed as follows.

Vtank =
mp

ρpropellant
+ Vullage = 1.05 · mp

ρpropellant
(119)
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Then is possible to compute the total length of the tank.

Ltank =
Vtank

π · r2stage
(120)

Subsequently, the tank mass was computed using equation 121.

mtank =
1.2 · ρtank · Ltank · π

4
· [D2

stage − (Dstage − 2 · τtank)2] (121)

Where τtank has been calculated as shown in eq.109.

τtank = SF · ptank ·Dstage/2

2 · sigmatank
(122)

In which, a safety factor SF = 1.2 has been considered.

In the end the last contribution is related to the igniter which serves to provide the energy
required to initiate the combustion process. Thus, the igniter mass is calculated as follows.

migniter = 20.62 · V 0.7368
cavity (123)

Where Vcavity is the volume of the grain internal cavity, and it is found as follows.

Vcavity = Ltank · π · (0.99 · rstage)2 (124)

3.5.4 Fairings, Interstage, Avionics, EPS and Thrust Frame Contributions

By once again applying the formulations from the previous version [28], it is possible to es-
timate the mass and dimensions of the fairings and the interstages, the mass of the avionics
systems, and the mass contributions of the EPS system and the thrust frame.

Mass of the Avionics Systems [28]
For the estimation of the mass of the avionics systems the following formulation has been
used.

mavionics = Krl · (1− TRFavionics) · (246.76 + 1.3183 · StotalLV
) (125)
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Where Krl is the redundancy factor, and its values are the following ones.

Krl = 1 if Redundancy of critical components only

Krl = 0.7 if no Redundancy

Krl = 1.3 if full Redundancy

(126)

While TRFavionics = 0.75 is the technology reduction factor.
StotalLV

is the total surface of the launch vehicle, which will be computed at the end, after
the sizing of the fairings and the interstages.

Mass of the Electrical Power System (EPS) [28]
The estimation of the EPS system is made through the equation 127.

mavionics = Krl · 0.405 ·mavionics · (1− TRFEPS) (127)

Where the TRFEPS = 0.18 for the EPS system.

Fairings Sizing [28]
The following procedure is used to size the fairings.

Lfairing = 0.5 · (L
R
)ogive ·Dpayload + Lpayload (128)

It which:



Dpayload =
rfairing

1.12 =
rlaststage

1.12

(LR )ogivemax
= 2.37

(LR )ogivemin
= 2.23

(129)

Thus, (LR )ogive can assume a maximum or minimum value, and it is the nose ratio.

Then the mass of the fairing can be estimated as stated in equation 130.

mfairing = 4.95 · S1.15
nose (130)

Where Snose can be computed from:

Snose = 2 · π · aogive · [(
rlaststage

2
− aogive) · arcsin(

Lfairing

aogive
) + Lfairing] (131)
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And aogive can be found as follows.

aogive =
(
rlaststage

2 )2 + L2
fairing

rlaststage

(132)

Interstages Sizing [28]
Finally, to conclude the Mass & Dimensions Estimation Module, the lenght and the mass
of the interstages have been calculated using the formulations shown below.

Linterstagei = 0.2 ·Dstagei if Dstagei = Dstagei+1

Linterstagei =
0.5·|Dstagei

−Dstagei+1
|

tan(16.4) if Dstagei > Dstagei+1

Linterstagei =
0.5·|Dstagei

−Dstagei+1
|

tan(12.4) if Dstagei < Dstagei+1

(133)

And finally, the mass of the interstages:

minterstagei = ksm · 7.7165 · Sinterstagei · (2 · 3.20808 · rstagei)0.4856 → Lower Stage

minterstagei = ksm · 5.5234 · Sinterstagei · (2 · 3.20808 · rstagei)0.5210 → Upper Stage

minterstagei = ksm · 25.763 · Spad · (2 · 3.20808 · rstagei)0.5498 → Pad Interface

(134)

In which ksm is a corrective factor for the structural material and it was set at 0.7 for
composite based structure.

After calculating this final contribution, it is then possible to integrate the module into
the Vehicle Design Routine, thereby updating the structural mass contributions and con-
sequently the MTOM. This allows for the replacement of the structural ratios used in the
previous cycle and establishes the starting point for the next iteration, continuing until the
convergence criterion is satisfied. In this thesis, such criterion was defined as the difference
between the MTOM values calculated in two successive iterations.
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3.6 Aerodynamic Module

In the context of launch vehicle conceptual design, the aerodynamic module plays a fun-
damental role in providing accurate estimations of aerodynamic forces and acting on the
vehicle throughout its trajectory. Although detailed Computational Fluid Dynamics (CFD)
analyses or wind tunnel testing are typically employed in later stages of the design process,
during the conceptual phase it is essential to adopt simplified yet reliable models capable
to producing fast and consistent aerodynamic predictions based on limited geometric and
flight data.

The aerodynamic module developed in this methodology serves this purpose by estimating
the drag coefficients along a predefined flight profile.
These coefficients are then used in various part of the design process, including trajectory
simulations and performance estimation. Having an initial estimate of the aerodynamic
drag coefficient profile at this stage is particularly valuable for the development of the
future mission module, as it provides essential input data for trajectory planning, load
analysis and control strategy definition.

In this module, CD-profile is estimated using the analytical formulations derived from
”Missile DATCOM”, a well-established empirical method widely used in the early phases
of aerospace vehicle design, through the consultation of ”Drag Coefficient Prediction” [38].

In this work, the main drag contributions considered are friction drag, base drag, wave
drag, and boattail drag. As a result, the overall drag coefficient is computed as the sum of
these components, as shown in equation 135.

CDtotal
= CDfriction

+ CDbase
+ CDwave

+ CDboattail
(135)

It is important to specify that, for launch vehicles, the estimation of the drag coefficient
CD is typically performed at zero angle of attack (AoA) [38]. Therefore, in this work, an
angle of attack of α = 0◦ is assumed.

A dedicated sub-module has been developed for each contribution; therefore, the terms
presented in the previous equation will be explained in detail throughout this paragraph.
It should also be noted that this aerodynamics module uses inputs derived from the other
modules presented, thus the user does not enter specific inputs.
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3.6.1 Friction Drag Coefficient Contribution

The skin friction drag is the drag resulting from viscous shearing stresses acting over the
surface of the rocket.
A given rocket’s drag will not only be a function of Mach Number, but also altitude. As
altitude changes, so does the air viscosity, speed of sound and air density. Viscosity, density
and speed of sound will play a role in the equations for drag as well as a strong dependence
on Mach Number. [38]. Thus, depending on the altitude selected for the study, the fol-
lowing equations can be used to estimate the kinematic viscosity and the speed of sound.[38]

a = −0.004 · h+ 1116.45 → if h ≤ 37000ft

a = 968.08 → if 37000ft < h ≤ 64000ft

a = 0.0007 · h+ 924.99 → if h > 64000ft

(136)

In which a is the speed of sound in feet per second and h the altitude is intended in ft.
And the kinematic viscosity is computed as follows [38]:

ν = 0.000157e0.00002503·h → if h ≤ 15000ft

ν = 0.000157e0.00002760·h−0.03417 → if 15000ft < h ≤ 30000ft

ν = 0.000157e0.00004664·h−0.6882 → if h > 30000ft

(137)

Where ν is the kinematic viscosity expressed in ft2/s, and h is the altitude in ft.

Subsequently, the Reynolds number can be estimated compressible flow regimes, as the
turbulent flow regime will be dominant during the mission. The laminar and transitional
regime will appear only in the first seconds of flight [38].

Re∗ =
aML

12ν
· (1 + 0.0283M − 0.043M2 + 0.2107M3 − 0.03289M4 + 0.002709M5) (138)

In which, M is the Mach number, while L is the total length of the rocket in inches, and
Re∗ is the compressible Reynolds number.

Then the incompressible skin friction coefficient can be found from [38]:

C∗
f = 0.037036 ·Re∗

−0.155079

(139)

Which is a function of the compressible Reynolds number.
Also the incompressible skin friction coefficient with roughness can be determined as fol-
lows: [38]

C∗
f (term) =

1

[1.89 + 1.62 · log10( L
K )]2.5

(140)
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Where L is the total length of the launch vehicle, while K is the roughness coefficient and
it can assume the following values according to [38].

K = 0 → Smooth Surfaces

K = 0.00002÷ 0.00008 → Polished Metal or Wood

K = 0.00016 → Natural Sheet Metal

K = 0.00025 → Smooth Matte Paint, carefully applied

K = 0.0004÷ 0.0012 → Standard Camouflage Paint

(141)

Subsequently is possible to find the compressible skin friction coefficient with (Cf (term))
and without roughness (Cf ) as follows [38].

Cf = C∗
f · (1 + 0.00798M − 0.1813M2 + 0.036M3 − 0.00933M4 + 0.000549M5)

Cf (term) =
C∗

f (term)

(1+0.2044M2)

(142)

In which is possible to observe that they are functions of their respective incompressible
coefficients.

Finally, the final skin friction drag coefficient is selected following the criterion shown below
[38]. 

Cf (final) = Cf → if Cf ≥ Cf (term)

Cf (final) = Cf (term) → if Cf < Cf (term)

(143)

Consequently, the formulation of the skin friction drag coefficient CDfriction
is obtained,

calculated using equation 144 [38].

CDfriction−Body
= Cf (final) · [1 +

60

(L/d)3
+ 0.0025 · ( L

D
)] · 4SB

πd2
(144)

Where Sb is the total surface of the launch vehicle, L is the total length and d is the max-
imum diameter of the launcher as shown in figure 34.
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Figure 34: CDfriction
Length and Diameter [38]

In the end is possible to add a contribution due to excrescencies.
Excrescencies include features such as scratches, gouges, joints, rivets, cover plates, slots,
and holes. These will be accounted for by assuming they are distributed over the wetted
surface of the rocket. The coefficient of drag for excrescencies is estimated with the equa-
tions below [38].

CDe
= Ke ·

4SB

πd2
(145)

Where SB is the total wetted area, while d is the maximum diameter of the rocket. Ke is a
constant coefficient and it can be found in function of the mach number using the following
equations [38].

Ke = 0.00038 → if M < 0.78

if 0.78 ≤ M ≤ 1.04

Ke = −0.4501 ·M4 + 1.5954 ·M3 − 2.1062 ·M2 + 1.2288 ·M − 0.267171

Ke = 0.0002 ·M2 − 0.0012 ·M + 0.0018 → if M > 1.04

(146)

For this study, CDe
values beyond Mach 3 have been assumed negligible in accordance with

[28], and therefore by adding this to the main body contribution, the total skin friction
drag coefficient is obtained.

CDfriction
= CDe

+ CDfriction−Body
(147)

It should also be noted that, compared to the analysis presented in [38], this study omits
the contributions related to fins and surface protuberances, as at such an early stage of the
design process it is challenging to provide the necessary inputs to estimate these effects.
Furthermore, the case studies to which the methodology has been applied do not include
the presence of the fins.
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3.6.2 Base Drag Coefficient Contribution

Base Drag is a contributor to Pressure Drag, and is attributed to the blunt aft end of
the rocket. Base Drag can be a significant contributor to the rocket’s overall drag during
power-off flight (after engine burnout).
Base drag can be described as a change in mass momentum. Imagine laminar airflow trav-
elling over a smooth gradually contoured body at velocity when suddenly it encounters a
blunt aft end where the velocity drops to zero. The mass momentum changes abruptly,
generating a force that acts opposite to the direction of flight. Most likely, the boundary
layer is not laminar but turbulent and the momentum thickness is well developed. The
change in mass momentum at the blunt end is less severe with the advent of a fully devel-
oped boundary layer. The resulting form drag is less severe as well. The boundary layer is
developed from the presence of viscosity. Recall that viscosity is the culprit that causes skin
friction drag. Generally, as friction drag increases the trend is a reduction in base drag [38].

Base drag is difficult to predict. The method described in this paragraph is divided into
two regimes, the first for Mach Number less than or equal to 0.6, and the second for Mach
Number greater than 0.6 [38].

Base Drag with M < 0.6
The formulation for this contribution in this case of M < 0.6 is shown below [38].

CDb
= Kb ·

(db

d )np
CDfriction

(148)

Where Kb and n are constant values that depends on length and diameter of the rocket,
db is the base diameter at aft end, d is the maximum diameter of the rocket and CDfriction

is the friction drag coefficient presented in the previous paragraph.

Figure 35: Rocket reference dimensions for CDbase
[38]

Referring to the rocket configurations shown in the figure 35, it is possible to calculate the
values of the constants as follows [38]:
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
Kb = 0.0274 · tan−1[(L0

d ) + 0.0116]

n = 3.6542 · (L0

d )−0.2733

(149)

In which, d is the maximum diameter of the rocket and L0 is the length shown in the figure
35 based on the configuration of the rocket.

Base Drag with M ≥ 0.6
For Mach Numbers greater than 0.6, the base drag coefficient is calculated relative to the
base drag value at Mach = 0.6, determined by multiplying the value at M = 0.6 by the
function fb [38].

CDb
= CDb

(M = 0.6) · fb (150)

Where fb is a function of the Mach Number and is based on the sounding rocket data
presented in [43]. This coefficient can be estimated as follows [38].

fb = 1 + 215.8 · (M − 0.6)6 → if 0.6 < M ≤ 1

fb = 2.0881 · (M − 1)3 − 3.7938 · (M − 1)2 + 1.4618 · (M − 1) + 1.883917 → if 1 < M ≤ 2

fb = 0.297 · (M − 2)3 − 0.7937 · (M − 2)2 − 0.1115 · (M − 2) + 1.64006 → if M > 2

(151)

Finally, to complete this contribution, a term related to the boat-tail is added, and it is
calculated as shown below [28].

CDboat−tail
= β · Afore

Aaft
· CDbase

·Kboat (152)

Where Afore and Aaft represent the areas of the fore and aft ends of the boat-tail, respec-
tively [28]. β values instead is considered on the basis of the Mach Number as follows [28].

β = 1 → if M > 0.8

β = 0 → if M ≤ 0.8

(153)

In the end the constant value Kboat is found with the following equations [28].
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

Kboat = 1 → if σ ≤ 1

Kboat =
3−σ2

2 → if 1 < σ ≤ 3

Kboat = 0 → if 1 < σ > 3

(154)

And σ is computed as shown in equation 155 [28].

σ =
lboat−tail

dfore − daft
(155)

In which lboat−tail is the boat-tail length. σ is length to height ratio and dfore and daft
are the diameters of the fore and aft ends of the boat-tail.

3.6.3 Wave Drag Coefficient Contribution

Wave Drag makes its debut during Transonic speeds (about Mach 0.8 to Mach 1.2) and
through Supersonic speeds (above Mach 1.2). Wave Drag is a Pressure Drag resulting from
static pressure components located to either side of compression or shock waves that do
not completely cancel each other [38].
In this analysis, different equations are considered to characterize the wave drag occurring
in the transonic and supersonic regimes.

Transonic Wave Drag
The method presented here constitutes a series of equations that characterize the drag rise
over the transonic region. These equations are curve fits of actual trend data taken from
a variety of rocket configurations, and attempt to predict the drag rise with basic body
dimensional data only. Equations based on curve fits of trend data can be dangerous and
lead to erroneous results if used outside the range of parameters used in their development.
Specifically, the equations presented below should only be used for rockets having a ratio
of nose length (LN in figure 36) to effective rocket length (Le in figure 36) less than 0.6
[38].
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Figure 36: Rocket reference dimensions for CDwave
[38]

Starting from data shown in figure 36 the Transonic Drag Divergence Mach Number can
be estimated as follows [38].

MD = −0.0156 · (LN

d
)2 + 0.136 · (LN

d
) + 0.6817 (156)

Where LN is the nose length and d is the diameter of the rocket.
Then, also the Final Mach Number of Transonic Region can be estimated as in equation
157 [38].

Me = a · (Le

d
)b + 1.0275 (157)

Where Le is the effective length of the rocket as shown in figure 36, while a and b are two
constant coefficients, calculated as follows [38].

a = 2.4 → if LN

Le
< 0.2

a = −321.94 · (LN

Le
)2 + 264.07 · (LN

Le
)− 36.348 → if LN

Le
≥ 0.2

(158)


b = −1.05 → if LN

Le
< 0.2

b = 19.634 · (LN

Le
)2 − 18.369 · (LN

Le
) + 1.7434 → if LN

Le
≥ 0.2

(159)

Therefore, the Maximum Drag Rise over the Transonic Region can be computed using
equations 160, in accordance with [38].
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
∆CDmax

= c · 6g → if Le

d < 6

∆CDmax = c · (Le

d )g → if Le

d ≥ 6

(160)

Where the coefficients c and g have been estimated with the following equations [38].
c = 50.676 · (LN

Lb
)2 − 51.734 · (LN

Lb
) + 15.642

g = −2.2538 · (LN

Lb
)2 + 1.3108 · (LN

Lb
)− 1.7344

(161)

Where Lb is the total length of the rocket.

Finally, the Transonic Drag Rise can be computed using the equations shown below [38].
∆CDT

= ∆CDmax
· F → if MD ≤ M ≤ MF

∆CDT
= 0 → if MD < M or M > MF

(162)

In this formulation F is a function of the actual Mach number M and it can be estimated
as shown in the next equations [38].

F = −8.3474 · x5 + 24.543 · x4 − 24.946 · x3 + 8.6321 · x2 + 1.1195 · x (163)

In which x is calculated as follows: [38]

x =
M −MD

MF −MD
(164)

Thus, the dependency on the Mach number is explicitly within the parameter x. It is also
important to note that the transonic drag rise represents one of the most significant con-
tributions to the overall drag. This phenomenon is directly associated with the transition
from subsonic to supersonic flow regimes. Since this contribution is confined to a relatively
narrow Mach number range, it leads to a pronounced increase in the total drag coefficient
precisely within the transonic region.

Supersonic Wave Drag
For all Mach Numbers greater than MF , the supersonic drag rise is assumed to equal the
transonic drag rise at M = MF . This greatly simplifies calculations, and the results com-
pare well with actual test data. Thus, the Supersonic Drag Rise can be established as
stated in equation 165 [38].

∆CDs
= ∆CDmax

→ if M ≥ MF

∆CDs = 0 → if M < MF

(165)

Where CDmax
is the drag rise computed in equations 160.
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3.6.4 Total Drag Coefficient Analysis

The method used to estimate the aerodynamic characteristics of the launcher, as presented
in this section, is particularly well-suited for serial-stage configurations, since the employed
formulations do not explicitly account for multiple rockets arranged in parallel. It was
therefore necessary to adapt these equations to the parallel configuration. To this end, a
sensitivity analysis was carried out on the various drag coefficient contributions, examining
how they change as a function of the diameter5. As a first approach, a simplified strat-
egy was adopted by varying the reference base diameter. For this analysis, the Ariane 5
launcher was used as a reference example, given its configuration with two lateral boosters
and a central core, and three different diameter values were considered [7].

Dmax = Dcore + 2 ·Dboosters = 5.4 + 2 · 3.06 = 11.52m

Dmin = Dcore = 5.4m

Dmax = (Dcore+2·Dboosters)
2 = (5.4+2·3.06)

2 = 8.46m

(166)

In this brief analysis, for the lengths, a ”configuration 2” rocket, as shown in Figure 36,
was considered. The total length was set to 50.5m, as reported in [7], and the fairing length
was set to 17m, in accordance with [7] as well.

The first contribution analyzed was the CDfriction
, presented in figure 37.

Figure 37: CDfriction
variation with diameter

5Note that these trends has been computed considering an altitude equal to zero
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In the figure 37, it can be observed that this contribution decreases significantly with in-
creasing diameter, even changing its order of magnitude for Mach numbers below 1.5. This
behaviour leads to an underestimation of the contribution in that regime.

The second contribution studied is the CDbase
, whose trend is presented in the following

figure.37.

Figure 38: CDbase
variation with diameter

It can be noted instead that this contribution exhibits a peak around Mach 1; however
there is no significant variation between the minimum and medium diameter values. A
substantial decrease is observed only when the maximum diameter is considered.

The third contribution is related to the transonic wave drag and its trend is reported in
figure 39.
It is evident that this contribution is by far the most significant among all those considered,
and, as expected, it reaches its peak in the transonic region. It is also clear that this term
is highly sensitive to the diameter, with the smallest diameter case exhibiting a much lower
peak compared to the other two cases.
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Figure 39: CDtransonic
variation with diameter

The last contribution instead is instead related to the supersonic wave drag, and its trend
is shown in the following figure.

Figure 40: CDsupersonic
variation with diameter
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It is possible to observe as using the minimum diameter could lead to an underestimation
of this parameter, while small difference can be observed for mean and maximum diameter.

In the end, the total drag coefficient has been computed summing up all the contribu-
tions shown before, and the result is presented in figure 41.

Figure 41: CDtotal
variation with diameter

It can be observed that the simplified strategy developed in this thesis yields reason-
ably accurate results when compared to [16], underestimating the peak by approximately
∆CD ≈ 0.1. This represents a very good estimate, especially considering that certain el-
ements, such as protuberances, were not included in this analysis. However, the method
presented in [16] was also implemented. This approach involves computing the drag coeffi-
cients for the boosters and the core separately and then multiplying them by an interference
factor set to KCD = 0.9, using the equation shown below[16].

CDtotal
=

(nboosters ·KCD · CDtot−booster
·Abooster + CDtotcore

·Acore)

Acore + nboosters ·Abooster
(167)

In which nboosters is the number of boosters, while the reference areas are [16]:
Acore =

π·D2
core

4

Abooster =
π·D2

booster

4

(168)

The total drag coefficient obtained from this approach is shown in figure 42.
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Figure 42: CDtotal
using Core and Boosters interference approach

It can be observed that the trend is almost identical, although the peak is underestimated
compared to the results reported in [16]. This is likely due, as previously mentioned, to the
exclusion of certain drag contributions in the present analysis. In conclusion, this study
shows that using an equivalent diameter, averaged between the minimum and maximum
diameters of the launcher, simplifies the drag coefficient calculation and yields reasonably
accurate results.

However, the method validated in [16] has been implemented in the tool, as it is con-
sidered more reliable.
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4 Case Studies

In this chapter, the entire methodology of the new ”Vehicle Design Routine” will be tested
by applying it to two case studies:

• Vega-C, representing medium-class launch vehicles with a serial configuration.

• Ariane 5 (ECA), representing heavy-class launch vehicles with a parallel configu-
ration.

Testing the methodology through the use of the developed tool is of fundamental impor-
tance to identify its strengths and weaknesses, thereby enabling the planning of corrective
strategies in future work and the development of improved versions.

4.1 Vega-C case study

4.1.1 Inputs Vega-C

For the Vega-C launch vehicle, the input data used were obtained from information pub-
lished on the manufacturer’s website [39] and Vega-C user manual [8]. However, certain
data are not publicly available, such as the exact technological properties of the tank ma-
terials. Therefore, these were estimated using the most similar material available in the
database.

The first set of required inputs concerns key parameters mainly used to identify the launch
site and the target orbit in which the payload is to be inserted, that are crucial to develop
the Preliminary ∆V estimation. In this study, as already mentioned in the previous chap-
ter, only circular LEO orbits have been considered.

Table 33: Vega-C Orbital Inputs

In table 33 are shown the inputs mentioned above. In particular, the orbit inclination and
the orbit altitude have to be entered manually from the designer, while the launch site
can be selected from the related database. In this case, the ArianeSpace Center has been
selected as the launch site, since the Vega-C launch pad is set there [8].

Subsequently, the user is required to input the set of data related to the type of propellant
used in each stage. From the propellant name, all relevant information is extracted from the
previously described databases. In particular, the data derived from the selected propellant
type and used for this case study are reported in table 34.
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Table 34: Vega-C Propellant Inputs

From this table, it can be observed that different sets of information are extracted depend-
ing on whether the propellant is solid or liquid. This is due to the fact that the Engine
Design Module and Mass & Dimensions Estimation Module implement different strategies
tailored specifically to each propellant type. In particular it can be observed as for LREs
the tool extracts the product molar mass from values reported in [35] as previously de-
scribed, fundamental to estimate LREs engine performance in Engine Design Module.

In the following step, the inputs related to the tank materials are selected. In this case, the
exact characteristics of the materials used by the manufacturer are not publicly available.
Therefore, the materials that most closely match the description provided by the launch
vehicle manufacturer [8] have been selected from the database. These are presented in
Table 5.

Table 35: Vega-C Propellant Inputs

Since it is not specified whether the materials used for the fuel tank and the oxidizer tank
are different, it has been assumed for the upper stage that both tanks are made of the
same material.
Subsequently, the inputs required to properly run the Engine Design Module are requested,
as they are mainly related to engine performance. Table 36 shows the estimated mass
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flow rates of the engines of each stage, calculated using the burn time and the available
propellant mass in each stage [39] [8]. The chamber pressures were derived using the typical
ranges [16] associated with each other engine type, as already reported in the previous
version of the tool [28]. While the exhaust pressures have been selected from the identified
ranges described in paragraph 3.4.2
For the fourth stage, additional inputs are required due to its classification as a LRE.
Specifically, the Engine Stage, used to identify exhaust pressure ranges to optimize the
design for vacuum operation, and the Engine Type, which identifies suitable chamber
pressure ranges necessary for Pressure-Fed systems. Since AVUM+ is a pressure-fed engine
[8], it was not necessary to specify the Engine Cycle input.
Finally, for the fourth stage, both the combustion chamber case diameter and nozzle type
were required, as interpolation formulas (equation 2 of 86) could not be used: due to the
very low thrust of AVUM+ (only 2.45kN [39]), those formulas would return negative values
(figure 25). To estimate the chamber case diameter, it was assumed by trial to increase
the throat diameter by 10%, a choice that led to realistic results.
In the end, note that the only real pressure entered is the chamber pressure of the third
stage for the Zefiro 9 engine reported in [31], other pressures have been selected from the
suggested ranges as previously described.
Below the table that summarize all the inputs described is presented.

Table 36: Vega-C Engine Performance Inputs
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Table 37 instead presents the general input parameters. Some of these inputs are configu-
rational, such as the number of stages and the stage diameters, which are essential for the
estimation of masses, dimensions, and the aerodynamic drag coefficient profile. Others are
primarily related to the payload, such as the maximum mass deliverable to LEO and the
maximum payload length, which was realistically estimated based on the reported fairing
length [8]. All the stages diameter have been also entered starting from data reported in [8].

Table 37: Vega-C General Inputs

Finally, an initial guess of some variables is required. These are updated within the itera-
tive cycle and are reported in the table 38.

Table 38: Vega-C First guesses Inputs

The T
W i

were estimated using the masses and thrust values of the Vega-C launcher stages,
while the structural ratios were calculated by dividing the structural mass by the total
mass of each stage. As explained in the description of the Optimal Staging Module, if the
structural ratio of a single stage is significantly higher than the others, the Lagrange Mul-
tipliers will yield physically inconsistent results. Therefore, although the actual structural
ratio of the fourth stage is 0.44, a value of 0.23 was set to ensure proper functioning of the
tool.

Properly sizing the first guesses is one of the most critical aspects of the entire method-
ology, as observed during the development of the tool, where it became evident that the
convergence of the iterative cycle toward the optimal result strongly depends on the choice
of initial parameters.
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This sensitivity is primarily due to the interaction between the three main modules of the
methodology. In simplified terms, the Optimal Staging Module provides an initial estimate
of structural mass, propellant mass, and MTOM. The Engine Design Module then com-
putes the thrust that a single engine in each stage can provide. Using the T/W ratios,
the required thrust per stage can be calculated, and consequently, the number of engines
per stage can be determined. Subsequently, the Mass & Dimensions Estimation Module
updates the structural mass, allowing the structural ratio to be recalculated and the cycle
to be repeated.
If the first guess of the parameters listed in Table 38 is not sufficiently well calibrated, two
different scenarios may occur:

• The methodology fails and the iteration loop does not converge.
It is worth specifying that this only occurred when using highly inaccurate estimates
for the first guesses or prior to modifying certain interpolation formulas that signifi-
cantly overestimated some mass values, as shown in paragraph 3.5.1.
However, after adjusting the aforementioned formulas, several tests were performed
to assess the global convergence of the methodology by inputting random values for
the T

W ratios and ϵi parameters. In these cases, the loop diverged and was interrupted
after a few iterations, returning an ”infeasible design” condition.
This behaviour was particularly evident when using high initial values of ϵi, which
led to a strong overestimation of the stage structural masses and the MTOM. Conse-
quently, the number of engines per stage increased substantially. The structural mass
estimation provided by the Mass & Dimensions Estimation Module must account for
this elevated number of engines, which remains manageable for LREs, but becomes
critical in the case of SRMs, where the tank mass also scales with the number of
engines.
This inevitably results in a severe overestimation of the structural mass, further in-
creasing the structural ratios ϵi, and eventually leads, after only a few iterations, to
a physically inconsistent region of the Lagrange Multiplier optimization strategy.

• The methodology stabilizes around an engine configuration different from
the expected one.
This eventuality can occur more easily than the one described above. The concept
is similar to what was explained in the previous point, and it may happen when the
estimate of the individual initial first guesses is accurate, but their interaction is not
optimally managed.
As before, this can lead to a slight overestimation of the required thrust for some
stages during the iterative cycle, resulting in a limited increase in the number of
engines. This essentially causes the cycle to stabilize on an engine configuration
different from the one initially planned, but it still converges.
In this case, it cannot properly be considered a failure of the methodology, since, in a
free design scenario not applied to a specific case study, the tool suggests the number
of engines required to achieve the desired performance based on the engines designed
by the user themselves.

Once all input parameters have been entered, the routine can be executed to obtain the
required outputs. In this case, the iterative cycle was stopped when the updated value of
MTOM satisfied the following convergence criterion: MTOMi −MTOMi−1 < 5. There-
fore, the method reached convergence while respecting a very tight tolerance of just 5
tonnes, demonstrating its ability to converge to a sufficiently accurate result.
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4.1.2 Results Vega-C

The outputs provided by the tool are presented in the form of tables and a graphical
visualization scaled according to the actual dimensions calculated by the tool itself, and
they can be divided into four categories:

• Dimensions

• Mass Breakdown

• Engine Performance

• Aerodynamics

Dimensions
Starting from the first category, it can be observed the following table, which summarizes
the results obtained regarding the dimensions of the Vega-C launcher.

Table 39: Vega-C Tool Results: Dimensions
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From this table of Vega-C dimensional results, it can be observed that the errors on the
total stage lengths (the only dimensional data available from the launcher’s manufacturer
website [39]) are all below 32%, and the error on the total launcher length is only 7%. This
indicates that some contributions were underestimated while others were overestimated,
highlighting the correct behaviour of the tool. The first stage is overestimated of nearly 3
meters if compared to the data reported in [39] but it should be noted that other sources
(for instance [3]) report a total length of 13.5m for the P120C booster, thus, the value
obtained from the tool can be considered acceptable. The second stage is overestimated of
about 1.2m while the third and the fourth are underestimated of about 1.3 m and 0.4 m
respectively.

The errors on individual components may appear significant, and this can be explained by
several factors.

• The first is clearly related to the fact that, in order to develop a methodology suitable
for supporting the conceptual design phase, numerous approximations are required.
As a result, each module produces outputs affected by uncertainties and errors, which
are then propagated throughout the entire design process.

• The second source of error is tied to the maturity of the interpolation formulas. In
particular, the length and mass formulas are mainly functions of a single variable
(the Thrust), and therefore do not account for any other parameters in estimating
these quantities.

• Another critical issue observed is that the trends captured by these formulas are
not always linear or monotonic (increasing or decreasing), which indicates that they
heavily depend on the construction technologies used by the manufacturer and the
level of technological development.

Engines Performance
Thereafter, the results obtained from the engine design are presented in table 40.
This table also includes the input data used, such as the mass flow rate and chamber
pressure; therefore, since these are inputs, they are not subject to comparison. The most
relevant results for evaluating the effectiveness of the methodology are the expansion ratio,
the nozzle exit diameter, and, of course, the vacuum thrust. Many of these data are diffi-
cult to obtain, especially for relatively new engines like those of Vega-C. The thrust values
are based on those available on the manufacturer’s website [39], the exit diameter and the
expansion ratio of the P120C were selected based on the estimates reported in [20], while
the expansion ratio and the throat diameter of the Zefiro 9 engine have been compared to
data reported in [31].

In the table is possible to observe as the results obtained in terms of Thrust are extremely
accurate. This is the most important result since it determines the number of engines per
each stage and it is the main input of most of the formulation of the ”Mass & Dimensions
Estimation Module”. It can also be noticed that the tool estimates very well also the exit
diameter and the expansion ratio of the P120C and the Zefiro 9, confirming the reliability
of this module.

It should be also noted that, although precise data on nozzle exit diameters for the second
and the fourth stage engines are not available, the tool computes nozzle exit diameters
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that are smaller than the total stage diameters (figure 37), thus yielding acceptable and
physically reasonable results.

Table 40: Vega-C Tool Results: Engine Performance
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Mass Breakdown
Subsequently, in the table 41 is possible to observe the mass breakdown of each stage.

Table 41: Vega-C Tool Results: Mass Breakdown
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In this table, the mass contributions of the various components that make up each stage
can be observed.
Note that some percentages are marked with ”*”. These indicate a one-to-one comparison
between two quantities that are not strictly comparable. Specifically, the mass of the SRM
engine tanks has been compared to the ”Engine casing” entry in source [39], which does
not explicitly state whether it includes only the structural components of the tank.
Indeed, it can be seen that, excluding the first stage, the tank mass is generally underes-
timated compared to the actual value listed in the table. However, when the additional
contributions of the thrust frame and igniter are included, the resulting total becomes
much closer to the value marked with the ”*”.

The first stage shows an overall structural mass that is slightly underestimated compared
to the actual value, which, as previously mentioned, is due to the propagation of errors
across the different modules and to the limitations of the interpolation formulas. In this
case, the -6% error in the estimation of the propellant mass resulted in an underestimation
of the structural mass of the tanks accordingly, confirming the consistency of the tool. On
the other hand, it can be seen that the correction applied to the formula in equation 117
yielded excellent results in estimating the engine mass.

The second stage instead shows a good approximation of all masses, but it should be
noted of course, a slightly underestimation of the propellant mass, due to the optimal stag-
ing algorithm.

A negative but interesting result to analyze concerns the third and fourth stages. First, it
should be recalled that a trade-off was originally performed on the upper stage in order to
optimize the tool’s performance, and therefore the uncertainty in the initial data signifi-
cantly impacted the final result. However, it can be observed that the most evident error
lies in the estimation of the propellant mass for both stages: the third stage shows a -68%
underestimation, while the fourth stage shows a 47% overestimation.
This is certainly an area for improvement in future developments. Nevertheless, the ex-
planation mainly lies in the behaviour of the optimal staging algorithm, which in this case
suggests relying more heavily on the stage with the higher specific impulse, thereby mini-
mizing its objective function more effectively.
Based on these results, it would appear that the optimal staging strategy adopted in this
methodology provides better results when applied to a lower number of stages, as the es-
timates for the first two are notably more accurate.

Subsequently is possible to observe as the mass of the interstage 2-3 is overestimated
of a +28% (compared to [1]), while the fairing mass is underestimated of -32% (compared
to [8]), these highlight clearly how the uncertainties about the material properties may
lead to results that are not very accurate.

And in the end, as previously observed for the dimensions, the overall error on the to-
tal mass is only about -9%. This result underlines how the tool behaviour is correct even
if the single values are affected by errors, in fact, the underestimated parameters are com-
pensated by others that are overestimated, thus resulting in a consistent design.
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Aerodynamics
The last result obtained is the drag coefficient profile, shown in figure 43.

Figure 43: Vega-C Tool Results: Aerodynamics CD Profile

This was calculated at sea level, and thus the speed of sound was determined using the
equations 136 evaluated at zero altitude. It can be observed that the profile exhibits a
peak in the transonic region, as expected. Furthermore, the result obtained is consistent
with those shown in [16] for the Vega launcher, its predecessor, although with a slight
underestimation due to the smaller number of contributions considered in this analysis.
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Vega-C Tool Dimensioned View
Finally, a technical drawing of the obtained results was developed (figure 44), in order to
provide a graphical representation of the design derived from the tool’s output.

Figure 44: Vega-C Tool Results: Technical draw
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From this graphical view, one can observe on the left the dimensions related to the stage
diameters, the lengths of the interstages, and the total length of the launcher. On the
exploded view on the right, the total lengths of the stages, the tank and engine lengths,
and the nozzle exit diameters are shown. It can be seen that all nozzle exit diameters are
smaller than the corresponding stage diameters, ensuring a physically consistent result.

Finally, the actual graphical output generated by the tool is also presented in fig.45, pro-
viding an initial proportionate visualization of the designed launch vehicle, based on the
data produced by the tool itself.

Figure 45: Vega-C Tool Results: Tool Graphical View output

From this first case study, as discussed throughout the paragraph, some critical aspects of
the methodology clearly emerge, leading to significant errors in some individual quantities.
However, when evaluating the final design from an overall perspective, the results appear
physically reasonable and consistent, with a low overall error across the parameters. It
is also important to recall that this methodology was developed for the conceptual design
phase; therefore, the results provided by the tool must be carefully reviewed by the designer
before being used in preliminary or detailed design stages.
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4.2 Ariane 5 - ECA case study

4.2.1 Inputs Ariane 5 - ECA

To test the methodology on a parallel staging configuration, the Ariane 5 launcher in its
ECA configuration was selected as a case study.
This vehicle features two solid-propellant side boosters equipped with P241 motors, a cen-
tral LRE core stage powered by the Vulcain-2 engine, and an upper LRE stage using the
HM7B engine, as reported in the user manual [7].
To gather the input data and comparison results for this launch vehicle, several sources
were consulted. The principal sources include the European Space Agency website [4], the
launcher’s user manual [7] and datasets provided in [28] and [16]-

As previously illustrated, it was also necessary in this case to input the same sets of
parameters, with the addition of a few specific values such as the thrust distribution per-
centage between the boosters and the central core.

The first set of inputs is related to the target orbit, as said before, these inputs are mainly
used to perform the preliminary ∆V estimation and only LEO orbits have been considered
in this thesis. Thus for this set of inputs, the same parameters have been selected and are
shown in the table 42.

Table 42: Ariane 5 Orbital Inputs

Therefore, for this case study as well. the Kourou launch site, where the Ariane 5 launch
pad was located [7], was used, and a target circular orbit at 200 km altitude with a 20◦

inclination was selected. It is also worth emphasizing that these parameters have little im-
pact on the results, as long the analysis remains within the range of LEO orbits designated
for this tool.

Then, the data related to the propellants used in the core stage, the second stage, and the
side boosters are entered. These inputs are presented in table 43.
It can be observed that both the core stage and the second stage use LOX/LH2 as pro-
pellants, which exhibit the highest specific impulses among all propellants in the database.
In contrast, the solid boosters, powered by an AP/Al/HTPB mixture, show a significantly
lower specific impulse. As discussed in Section 3.3.4, this disparity leads to a malfunction
in the optimal staging algorithm. This case study was instrumental in identifying the is-
sue and subsequently calibrating the Lagrange multipliers vector strategy, as detailed in
section 3.3.4.
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Table 43: Ariane 5 Propellant Inputs

Subsequently, the materials for the propellant tanks were selected based on the informa-
tion provided in [7], which specifies an aluminum alloy for the core and second stage tanks,
and stainless steel for the booster tanks. Since precise material data are not available, the
materials chosen from the database were those that best approximated the properties of
the indicated ones. The table below therefore presents the selected materials.

Table 44: Ariane 5 Tanks Material Inputs

Then, the required input parameters for estimating the engine performance are entered,
as shown in table 45. Input values were mainly derived from the data reported in the user
manual [7], the chamber pressure for the core stage was obtained from the source referenced
in [18]. While for the second stage a chamber pressure of 3.7 MPa was set, according to
data reported in [16], and the exhaust pressure was set at 0.002692MPa as reported in [16]
as well. Finally for the booster chamber pressure, the value has been assumed starting
from data presented in [33].
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Furthermore, it should be noted that an input is required to distribute the thrust between
the core and the boosters during the initial phase of flight when they operate simultane-
ously. It was assumed that 90% of the thrust is provided by the boosters, given that they
produce a total thrust of approximately 11 kN, while the core provides about 1.3 kN, based
on the data reported in [7].

Table 45: Ariane 5 Engine Inputs
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The next set of inputs to be entered concerns general parameters, such as the maximum
payload mass deliverable to LEO, the number of serial stages, and the diameters of the
core, second stage, and boosters. The maximum payload length was estimated based on
the total fairing length reported in [7]. The set of general inputs used for this case study
is presented in table 46.

Table 46: Ariane 5 General Inputs

Finally, as explained in the previous case study, it is necessary to provide initial first guesses
in order to start the iterative cycle. As previously discussed, the developed methodology
has shown sensitivity to the initial guess values, making it essential to estimate them with
sufficient accuracy to ensure convergence of the method toward the optimal configuration.
The first guesses of the structural ratios and the T

W i
adopted for this case study are sum-

marized in table 47, in which the methods used for their calculation are also annotated.

Table 47: Ariane 5 First Guesses

As in the previous case study, all the necessary inputs are now available to start the iterative
cycle, and for this launcher as well, a tolerance of only 2.5 tons was imposed, demonstrating
how a well-calibrated estimate of the inputs can lead to a highly accurate convergence.
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4.2.2 Results Ariane 5 - ECA

This section presents the results obtained for the Ariane 5-ECA case study, organized into
the four categories referenced in paragraph 4.1.2.

Dimensions
Table 48 reports all the dimensional outputs obtained from the tool for this case study.

Table 48: Ariane 5 Tool Results: Dimensions

It can be observed that the values for the overall launcher length and the fairing length
are extremely accurate if compared to user’s manual data [7], as well as the core length,
which was approximated with an error of -3.4% when compared to the value reported in the
user manual [7], to which the engine length reported in [18] was added, since the manual
indicates a length of 23.8 m that does not account for the engine length.
The length of the second stage is slightly overpredicted compared to the one reported in [7],
mainly because, as will be shown later, the propellant mass has also been overestimated.
However the error is only of 9%, also thanks to the slightly underestimation of the engine
length compared to [16].
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The engine length of the first stage is also very accurate compared to [18], thanks to the
high precision of the Engine Design Module in calculating the thrust and expansion ratios
as will be observed later, thus, for this parameter, the error of 11% comes primarily from
the utilization of the interpolative formulas.

The parameter that is most clearly underestimated is the booster length. This under-
estimation can be attributed to two main factors:

• The propellant mass of the boosters was underestimated, which led the Mass &
Dimensions Estimation Module to calculate shorter tanks. This further illustrates
how errors can easily propagate throughout the methodology.

• The booster ogive was not included in the estimation. In fact, the formulas used do
not account for the presence of a conical nose at the tip of the booster, resulting in
an additional underestimation of its length.

For the second point, since no precise data was found regarding the actual length of this
component, it was estimated by proportionally scaling the booster with respect to the core
stage. Specifically, since the booster nose cone is comparable to the launcher’s fairing, its
length was estimated by halving the percentage of the fairing length relative to the total
launcher length (equation 169).

Lfairing

Ltotal
≈ 0.33 (169)

Leading to a booster nose length calculated as follows:

Lnosebooster = 0.5 · Lfairing

Ltotal
· Lbooster ≈ 3.65m (170)

This estimate was later useful for the calculation of the aerodynamic profile and was also
included in the technical drawing of the launcher. By adding this contribution to the total
length calculated by the tool, the error would be reduced to -12%. However, it was preferred
not to include it when evaluating the error with respect to the actual value reported in [7].
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Engine Performance
In the following table are reported the results regarding the performance of the engine of
each stage and booster.

Table 49: Ariane 5 Tool Results: Engines Performance

In this set of results, it can once again be observed that the developed ”Engine Design
Module” is capable of producing highly accurate results, with errors not exceeding 5%.
This confirms that the strategy adopted for developing the module has proven to be simple
yet effective, well-suited for a conceptual design phase.
Specifically, for the first stage, the recalculated specific impulse was compared with the
value reported in [16], as was the nozzle exit diameter, while the expansion ratio was vali-
dated against the data provided in [18].
The result concerning the expansion ratio of the boosters have been compared to data
reported in [33], the thrust is compared to the one presented in [32] and finally the exit
nozzle diameter was compared to the value reported in [16].
In the end, all the data related the second stage have been matched against the data of
the HM7B reported in [16].
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Mass Breakdown
In table 50 is reported the mass breakdown of each stage.

Table 50: Ariane 5 Tool Results: Mass breakdown

In the last set of results concerning masses, it can be observed that all estimated values
show errors below 21% except for the total structural mass of the second stage which is
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significantly underestimated. This is likely due to the poor approximation accuracy given
from interpolative formulations and the uncertainties about the properties of the tanks
material.
The results also show that the propellant mass is reasonably well approximated by the
optimal staging module, and the overall error on the MTOM is below 5%, indicating that
the approximation is globally very accurate.
It should be noted that all the results were compared to the data reported in [7], while
the pressurant system mass and the total structural mass of the first stage were compared
to the results provided in [28]. Finally, the mass of the nozzle of the P241 booster was
matched against the data reported in [2], while the ”real value” related to engine mass of
the HM7B of the second stage and the engine mass of the Vulcain-2 of the first stage are
the values presented in [16].

In the end, it can be observed that the overestimation and underestimation errors tend to
balance out overall, indicating that the tool performs well and generally guides the results
in the correct direction. In particular, it is also evident that the optimal staging algorithm
led to excellent results with a reduced number of stages, in line with previous observations.
Moreover, the use of a Lagrange multiplier vector appears to have yielded positive out-
comes.

However, as also discussed in the previous case study, the issue of error propagation across
the various modules, along with some overestimations caused by interpolation-based for-
mulas, can occasionally lead to results that deviate from real data.
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Aerodynamics
Finally, the last result obtained concerns the aerodynamic drag coefficient profile, calcu-
lated, like in the previous case study, at sea level, and shown in Figure 46. The result
is consistent with that reported in [16] (with a very slight underestimation of the peak
due to the omission of contributions from external protuberances), and can therefore be
considered a reliable preliminary estimate, despite being computed solely through the use
of the interpolation formulas presented in section 3.6.

Figure 46: Ariane 5 Tool Results: Aerodynamics CD Profile
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Ariane 5 Tool Dimensioned View
As was done for the Vega-C launcher, the dimensional results of Ariane 5 - ECA were also
used to generate the technical drawing (figure 47), thereby enabling a graphical represen-
tation of the configuration produced by the tool.

Figure 47: Ariane 5 Tool Results: Technical Draw

On the left, the stage diameters and the total launcher length, as calculated by the tool,
are shown. In the exploded view on the right instead, the dimensions of all the individual
components of the various stages can be observed.
As in the previous case study, it is worth noting that the nozzle exit diameters are all
smaller than the total diameter of the core or the boosters in which they are housed, thus
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ensuring the physical consistency of the results obtained for these parameters.

Finally, as the previous case study, also an example of the effective graphical view pro-
vided by the tool is presented in fig.48.

Figure 48: Ariane 5 Tool Results: Tool Graphical View Ouput

It is worth noting once again how the tool enables an initial graphical visualization, pro-
portionally scaled according to the dimensions computed by the routine.

Furthermore, as in the previous case, the outputs lead to a globally coherent and physically
consistent configuration. Therefore, although not all parameters are estimated with optimal
accuracy, the tool operates correctly by balancing underestimations and overestimations,
ultimately converging toward a globally optimal result.
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5 Conclusions and Future Work

In this chapter, the main conclusions drawn from the analysis of the results presented in
the previous section are discussed. Particular attention is given to the evaluation of the
methodology’s overall performance, highlighting its strengths as well as its current lim-
itations. Based on this assessment, several critical aspects are identified that could be
improved in future work to enhance the accuracy and reliability of the proposed design
approach.

5.1 Conclusions

Based on the analysis of the results obtained for the case studies presented in chapter 4,
along with the validation outcomes of the individual modules, it is therefore possible to
answer the question posed at the beginning of this discussion:

”Is it possible to develop a methodology on which to base a software tool capa-
ble of rapidly generating the conceptual design of a medium-heavy expendable
launch vehicle?”

To answer this question, several conclusions can be drawn, some of which were already
discussed in the previous section.

In particular, it was observed that the methodology generally provides accurate overall
results, even though certain individual components may be estimated with significant devi-
ations from real values. However, as previously mentioned, the errors on global parameters,
such as the total launcher length or the total mass, have consistently remained below 10%,
which indicates a correct functioning of the tool.
For instance, in the Ariane 5 case study, the tool underestimated the propellant masses of
both the boosters and the core stage, while it slightly overestimated that of the upper stage.
This resulted in a well-balanced configuration and a converged solution that is overall very
close to the real vehicle, demonstrating the tool’s ability to compensate local inaccuracies
at the system level.

As already discussed in previous sections, the tool still presents some limitations, mainly
related to the use of interpolation-based formulas, which do not always accurately capture
the mass and dimensional characteristics of the various components.
A further critical aspect is the propagation of errors between modules. This issue became
particularly evident when comparing the individual module outputs with the integrated
results obtained from the case studies. Specifically, inaccuracies in the propellant mass
estimation from the optimal staging module led to corresponding errors in the estimation
of tank dimensions and structural masses. Likewise, uncertainty in the thrust value could
significantly affect the engine sizing process, depending on the extent of the deviation.
However, for the latter, the ”Engine Design Module” has proven to be capable of deliver-
ing extremely accurate results.

Some limitations related to the global convergence of the method have already been high-
lighted in previous sections. The initial first guesses heavily influence the solution, steering
it from the beginning toward a specific outcome depending on the accuracy of the input
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values used to start the iterative cycle.
Minor inaccuracies tend to drive the tool toward nearly the same solution each time,
whereas larger uncertainties may lead to significantly different launcher configurations from
those initially expected. For example, an overestimation in the first guesses may result in
a different number of engines being selected, which in turn affects the subsequent sizing
and mass breakdown process, especially for SRM stages, where many design parameters
directly depend on the number of engines.

However, is important to emphasize, however, that these are to be considered actual er-
rors only when the tool is applied to the reconstruction of an existing launch vehicle. In
contrast, if the tool is used to develop a new launcher, the outputs it provides can be
of fundamental importance in guiding the subsequent phases of the design process in an
optimal and informed manner.
For instance, if the tool returns a higher number of engines than initially planned, one
possible approach is to accept a reduction in performance by selecting a lower thrust-to-
weight ratio T/W . Alternatively, a new engine design can be carried out to provide a
higher thrust level, ensuring that the required T/W is still met.

In conclusion, it can be stated that the methodology overall performs as expected, pro-
viding physically consistent results that can be fundamental during the conceptual design
phase, which represents the intended application of this tool. It also offers a good balance
between the results produced and the inputs required, thus allowing for the creation of a
sufficiently detailed conceptual design starting from a very limited number of inputs.
Finally, if critically analyzed, the outputs delivered by the tool can serve as a solid foun-
dation for the development of subsequent design phases. Therefore, it can be concluded
that the final objective has been successfully achieved.

5.2 Future Work

With regard to future developments, several areas have been identified to improve the
overall stability of the methodology and to further expand its capabilities.

• The first development point involves improving the engine design routine by providing
a more detailed definition of the combustion reactions and incorporating considera-
tions regarding environmental impact.
In particular, the analysis of the combustion reactions of LRE engines could be fur-
ther refined in order to allow the tool to directly compute a more accurate molar mass
of the combustion products. Alternatively, the strategy proposed in this work could
be adopted, by expanding the propellant database and calculating the molar mass of
the products using the CEA software. Moreover, the capabilities of the module could
be expanded to include the estimation of the combustion reaction for SRM engines
as well, and to introduce the design of HRE engines.
Finally, a model to characterize losses could also be developed or integrated; this
would further increase the level of detail in the engine design, which, as has been
observed, is already capable of delivering highly accurate results.

• Another proposed development concerns the optimal staging algorithm, as the method
based on a single Lagrange multiplier presents several weaknesses, which have been
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thoroughly discussed in paragraph 3.3.4. The approach adopted in this thesis, intro-
ducing a vector of Lagrange multipliers, has led to satisfactory results, and an optimal
range for the associated weights has been identified. A potential improvement of this
module would be to automate the selection of the weights, for instance through a
genetic algorithm combined with appropriate penalty functions, which would allow
for the identification of the optimal population for the Lagrange multipliers vector.

• The last development aimed at improving the stability of the method is to reintro-
duce the strategy of providing the desired number of engines per stage as an input.
This would help guide the solution toward the intended configuration, with engine
performance parameters then derived inversely from this value. However, it would be
optimal to allow both strategies to coexist, as the designer may already have engine
performance data available.

Finally, once these aspects have been improved, it will then be possible to integrate the
module into the complete methodology, thereby enabling the development of a mission
design routine for medium and heavy-lift launch vehicles.
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